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FOREWORD 


This  report  documents  The  Aerospace  Corporation  effort  on 
Study  2.  3,  Systems  Cost/Performance  Analysis,  performed  under  NASA 
Contracts  NASW-2575  and  NASW-2727  during  Fiscal  Years  1974  and  1975. 
The  effort  was  directed  by  Mr.  B,  H.  Campbell.  Mr.  R.  D.  Kramer, 
Marshall  Space  Flight  Center  and  Mr.  R.  R.  Carley,  NASA  Headquarters 
were  the  NASA  Study  Directors  for  this  study.  Their  efforts  in  providing  , 
technical  direction  throughout  the  duration  of  the  study  are  greatly  ap- 
preciated. 

This  volume  is  one  of  three  volumes  of  the  final  report  for 
Study  2.  3.  The  three  volumes  are; 

Volume  I Executive  Summary 

Volume  II  Systems -Cost /Performance  Model 

Appendix  Data  Base 

Volume  III  Programmer's  Manual  and  User's  Guide 

Voltime  I summarizes  the  overall  report.  It  includes  the 
relationship  of  this  study  to  other  NASA  efforts,  significant  results, 
study  limitations,  and  suggested  additional  effort. 

Volume  n provides  a detailed  description  of  the  Systems  Cost/ 
Performance  Model.  It  also  includes  the  model  checkout  and  the  results 
for  three  payload  test  cases.  The  Data  Base  is  provided  in  the  Appendix 
to  Volume  II. 

Volume  III  provides  a detailed  description  of  how  the  Systems 
Cost /Performance  Computer  Program  is  organized  and  operates.  The 
program  listing,  detailed  flow  charts  and  user  restrictions  are  included. 
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1.  INTRODUCTION 


1.1  - general 

During  the  preceding  year  and  a half  a new  methodology  for  - 
developing  balanced  designs  of  spacecraft  subsystems  which  interrelates 
cost,  performance,  safety,  and  schedule  considerations  was  developed  as 
part  of  the  FY  1973  and' 1974  NASA  Study  2.3  (see  Ref.  1-1'and  1-2).  The 
methodology  consists  of  a two-step  process.  Tie  first  step  is  one  of  select- 
ing all  hardware  designs  which  satisfy  the  given  performance  and  safety 
requirements.  The  second  step  is  one  of  estimating  the  cost. and  sched^lle 
required  to  design,  build,  and  operate  each  spacecraft  design.  Using  this 
methodology  to  develop  a Systems  Cost /Performance  Model  allows  the  usei 
of  such  a model  to  establish  specific  designs  and  the  related  costs  and 
schedule.  In  addition,  the  user  is  able  to  determine  the  sensitivityof 
design,  costs,  and  schedules  to  changes  in  requirements, 

cost  modeling  approaches  fall  into  one  of  two  basic 
categories:  "bottom-up"  or  "top-down.  " The  "bottom-up"  approach 
depends  on  development  of  a specific  system.  Detailed  estimates  of  tasks, 
material  costs,  manpower  requirements,  and  schedules  are  made,  and 
total  estimates  are  obtained  by  summing  individual  costs  and  task  durations. 

"Top-down"  models  use  cost  estimating  relationship  (CER) 
approaches  to  estimate  the  cost  of  a specific  system  (see.  Ref.  1-3).  In 
these  models,  the  CERs  are  related  to  distinct  parameters  such  as  weight 
(See  Figure  1-1).  The  deficiency  of  the  CERs  lies  in  that,  although  they 
identify  what  are  cost  drivers,  CERs  do  not  model  why  and  how  the  costs 
are  driven  by  the  parameters. 

Since  CERs  have  not  been  completely  successful  in  meeting  the 
prime  criterion  of  determining  sensitivity  of  cost  to  changes  in  program 
requirements,  top-down  approaches  were  judged  unacceptable  for  a cost/ 
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Figure  1-1,  Cost  Models 


perfoi:mance  model.  Hence,  it  was  thought  that  a model  oriented  from  the 
bottom-up  could  lead  to  fulfillment  of  this  criterion.  The  bottom  up 
approach  would  allow  the  cost  estimate  to  be  based  directly  on  technical 
performance  and  complexity  of  design. 

During  the  FY  1'9'73  effort,  a set  of  basic  equations,,  termed 
"aggregate  equations,  " were  written  to  describe  the  performance,  safety 
(reliability),  cost,  and  schedule  required  for  one  type  of  stabilization  and 
control  subsystem  in  terms  of  the  equipment  used.  The  FY  1974  and  1975 
efforts  were  devoted  to  refining  the  methodology,  applying  it  to  unmanned, 
automated  spacecraft  subsystems,  and  implementing  the  resulting  model 
as  a digital  computer  program. 

1.2  OBJECTIVES 

This  effort  had  four  objectives.  The- first  objective  was  to  refine 
and  improve  the  cost /performance  methodology  which  was  developed  during 
the  FY  1973  study.  The  same  two-step  process  of  first  establishing  hard- 
ware design  and  then  estimating  costs  and  schedules  was  retained.  However 
incomplete  portions  of  the  methodology  such  as  the  cost  and  schedule  models 
were  to  be  improved.  A' product  of  this  effort  is  the  Systems  Cost/Perfor- 
mance Model  shown  in  Figure  1-2.  , 

The  second  objective  was  the  application,  of  the  cost/performance 
methodology  to  the  following  vehicle  subsystem's: 

a.  Stabilization  and  control  (S&C) 

b.  Aiixiliary  propulsion  subsystem  (APS) 

c.  Communications,  data  processing  and  instrumentation  (CDPI) 

d.  Electrical  power  (EP) 

1.  Sources 

2.  Conditioning  and  distribution 

e.  Thermal- control  subsystem  (TCS) 

f.  Structure 
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.Figure  1-2.. 


Systems  Cost/Performance  Model 


The  third  objective  was  to  implement  the  Systems  Cost/Perfor- 
mance  Model  as  a digital  computer  program.  The  program  would  be  used 
to  perform  initial  program  planning,  cost/performauce  tradeoffs,-  and 
sensitivity  analyses. 

The  fourth  objective  was  to  bring  the  Systems  Cost /Performance 
Computer  Program  to  an  operational  state  on  Marshall  Space  Flight  Center’s 
Uni  vac  1108  computer. 

1.3  APPROACH 

The  general  format  of  the  vehicle  design/equipment  selection 
model  is  presented  in 'Figure  1-3.  The,  subsystems  to  be  modeled  are 
represented  by  solid  boxes.  Mission  equipment,  which  was  not  modeled 
as  part  of  the  effort,  is  represented  bya  box  with  broken  lines.  The 
modeling  applies  to  unmanned,  automated  spacecraft  including: 

a.  Defense  System  Communication  Satellite  {E^CS  XI) 

b.  Defense  Support  Program  (DSP) 

c.  Earth  Observatory  Satellite  (EOS) 

-d.  High  Energy  Astronomy  Observatory  (HEAO) 
e.  Large  Space  Telescope  (LST) 

The  vehicle  subsystems'  models  have  four  key  parts:  • 

a.  The  input  data  required  to  estabUsh^a  specific  design  and  the 
necessary  equipment, 

b.  . An  algorithm  which  selects  acceptable  designs  and  the  hardware 

required  to' implement  the  designs. 

c.  The  output  data  including  a description  of  the  design,  the  equip- 
ment list  associated  with  the  design,  and  any  other  data  required 
to  interface  with  other,  portiqhs  of  the  Cost/Performance  Model. 

d.  A data. base  consisting  of  off-the-shelf  hardware  from  which  the 
• design  algorithm  can  select. 

The  following  tasks  were  performed  in  order  to  ensure  that  the 
models  -vrould  be  as  complete  and  operational  as  possible. 
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Figure  1-3.  Vehicle  Design/ Equipment  Selection 


1.3.1 


Fxmctional 


One  of  the  first  tasks  was  to  determine  the  functions  performed 
by  each  subsystem  and  by  specific  hardware  types  within  the  subsystem. 
Obviously,  interfaces^-between  subsystems  determined  some  of  the  functions 
to  be  performed.  The  outline  of  these  functions  had  to  be  complete  since 
potential  subsystem  designs  are,  for  the  most  part,  related  directly  to  the 
functions  they  are  required  to  perform.' 

1,3.2  Block  Diagrams 

Block  diagrams  were  developed  for  all  generally  used  subsystem 
configurations.  The  block  diagrams  contained  the  equipment  types  used 
in  each  configuration  and  illustrated  the  functions  performed  by  the  equip- 
ment. Since  there  may  be  an  infinite  number  of  block  diagram  vaaHLations,  the 
designer  established  certain  general  block  diagrams  that  were  valid  for  most 
designs. 

1.3.3  Design  Algorithm 

The  design  algorithm  performs  the  function  of  selecting  pre- 
configured subsystem  designs  which  will  meet  the  input  requirements.  This 
implies  that,  as  part  of  the  vehicle  design' algorithm,  a complete  set  of 
alternative  designs  has  been  established  from  which  to  choose. 

The  design  algorithm  consisted  of  a composite  of  logical  and 
arithmetic  operations.  An  example  would  be  to  determine  whether  to  use 
gaseous  nitrogen  or  bipropellant  and  then  what  quantity  for  the  auxiliary 
propulsion  subsystem.  A logical  decision  as  to  which  propellant  should  be 
used  may  be  made  on  the  basis  of  the  required  total  impulse.  The  amo\int 
of  the  propellant  can  be  calculated  by  knowing  the  required  total  imptilse  and 
the  propellant's  specific  impulse.  This  example  incorporates  a simple 
logical  decision  (based  on  certain  assiimptions  and  approximations)  with  an 
arithmetic  calculation.  In  addition,  the  algorithm  result  may  be  overridden 
if  the  program  input  data  specifies  that  a particular  propellant  (e.  g.,  gaseous 
nitrogen)  will  be  used. 
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1.3.4  Hardware  Selection 

Given  any  specific  design  meeting  the  input  requirements,  the 
hardware  (and  software)  required  to  implement  such  a design  must  be 
selected  and  sized.  The  hardware  is  selected  from  available  off-the-shelf 
hardware  which  is  listed  in  the  data  base.  Obviously,  the  model  must  be 
capable  of  differentiating  between  hardware  components  of  the  same  type 
and  of  determining  which  hardware  component  has  the  characteristics  to 
satisfy  all  of  the  requirements. 

1.3.5  Input  Data 

In  order  to  have  a workable  algorithm,  -the  exact  input  data  list 
required  to  select  a design  and  size  the.  necessary  equipment  has  been 
established.  The  input  data  include  subsystem  performance  requirements, 
interface,  requirements,  and  all  other  data  necessary  to  make  design  de- 
cisions, The  input  data  list  is  extensive  in  order  to  allow  specialists  to 
exercise  a great  deal  of  control  over  the  model.  .-On  the  other  hand,  repre- 
sentative values  were  established  which  the  model  used  in  the  event  that 
the  user  did  not  wish  or  could  hot  specify  all  of  the  input  data. 

As  part  of  this  task,  the  required  input  data  was  segregated 
into  three  categories.  The  first  category  was  the  list  of  user  inputs  which 
were  essential  to  the  operation  of  the  model  and  which  would  not  allow  the 
use  of  representative  values.  The  second  category  of  user  inputs  was  the 
set  for  which  constant  values  could  be  used  as  representative  values.  An 
example  is  zero  cost  when  the  mission  equipment  cost  is  unknown.  The 
third  category  included  all  user  input  based  on  other  data  if  the  user  did 
not  supply  the  specific  input.  Equations  were  developed  for  the  third 
category  relating  the  specific  inputs  to  other  data  in  the  model  or  data 
provided  by  the  user.  These  equations  are  applicable  to  the  range  of  pay- 
load  designs  currently  within  the  design  capability  of  the  model. 
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^•3.6  Aggregate  Equations 

The  aggregate  equations  are  a set  of  basic  equations  describing 
the  technical  performance,  safety  (reliability),  cost,  and  schedule  in  terms 
of  the  equipment  used  in  the  specific  configuration.  A list  of  the  Systems 
Cost/Performance  Model  parameters  described  by  aggregate  equations  is 
presented  in  Table  1-1. 

As  an  example,  the  aggregate  equation  for  the  pointing  accuracy 
(which  is  a technical  characteristic)  of  a three- axis  stabilization  and  control 
subsystem  (in  this  example,  a specific  design  type)  considers  variables 
such  as  horizon  sensor  noise  and  misalignment,  .gyroscope  drift  and  mis- 
alignment, amplifier  noise  and  offset,  .and  electronic  deadzone.  Each  of 
these  variables  is  multiplied  by  a computed  sensitivity  coefficient  and  com- 
bined in  either  a worst  case  or  a root- sum -square  fashion  to  form  the 
^Sg^®g3-te  equation  for  the  S&C  pointing  accuracy. 

Generally,  the  technical  characteristics  and  safety  aggregate 
equations  were  used  to  ascertain  whether  a specific  design  with  specific 
hardware  satisfied  the  input  requirements.  The  remaining  model  parameters, 
including  cost  and  schedule,  were  used  as  output  variables  describing  the 
specific  design's  characteristics.  However,  any  of  the  parameters  could  be 
specified  as  an  input  parameter.  Examples  would  include  weight,  volume, 
cost,  or  schedule  constraints. 

1.3,7  Data  Base 

A data  base  consisting  of  off-the-shelf  hardware  was  established. 

The  data  content  would  revolve  around  each  hardware  component.  The 
data  for  each  component  would  consist  of  four  types: 

a.  Performance 

b.  Reliability 

c.  Cost 

d.  Schedule 
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Table  1-1.  Model  Parameters 

Identification 

Subsystems 
C o nfi  gur  ations 
Equipment  types 
Equipment 

1.  Performance 

1.  1 

Technical  characteristics 

1.1.1  \ 

Subsystem-peculiar;  no  more- than  ten  items 
per  subsystem;  does  not  include  items  listed 

1.  i.io) 

below 

l.Z 

Power 

l.Z-.  1 

Average  power 

•1.2.2 

Peak  power  ' 

1.2.3 

Minimum  power 

1.2.4 

Nominal  voltage 

1.2.5 

Maximum  voltage  specification 

1.2.6 

Minimuin  voltage  specification 

1.3 

Weigh 

1.4 

Voliun 

1.4.  1 

Total  volume 

1.4.2 

Length 

1.4.3 

Width 

1.4.4 

Height 

1.5 

Inertic 

1.5.  1 

I 

XX 

1.5.’2 

I 

yy 

1.5.3 

I 

zz 

1.6 

Vibration 

specification 

1.6.  1 

Random 

1.6.2 

Nonrandom 
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Table  1-1.  Model  Parameters  (Continued) 


1.7  Temperature  specification 

1.7.1  Maximum  temperature  limit 

1.7.2  , Minimum  tempe  r ature ' limit 

1.  8 Ambient  pressure  specification 
2.  Safety 


Reliability  assessment 

2.1.1  MMD 

2.1.2  Reliability 

2.1.3  Reliability  truncation  time 

Failure  detection  probability  (fault  isolation) 
False  alarm  probability 


3.  1 


3.2 


3.3 


DDT&E 


3.1.1 
3.  1.2 

3. 1.3 

3. 1.4 
3.  1.5 
3.  1.6 
3.  1.7 


Design  engineering 
Tooling  and  test  equipment 
Qualification  units 
Test  and  evaluation 
Quality  control 

Systems  engineering  and  integration 
Program  management 


Investment  (Recurring) 


3.2.  1 
3.2.2 
3.  2.  3 

3.2.4 

3.2.5 

3.2.  6 


Engineering 

Production 

Tooling  and  test  equipment 
Quality  control 

Systems  engineering  and  integration 
Program  management 


Operations 
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Table  1-1.  Model  Parameters  (Continued) 


4.  Schedule 

4.  1 Component  design  and  development 

4.  2 Component  qvialification 

4.  3 . Subsystem  development 

4.  4 Subsystem  qualification 

4.  5 System  test,  checkout  and  flight  readiness 
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The  four  types  of  data  would  contain  sufficient  information  to: 

a.  Allow  the  equipment  selection  algorithm  to  select  specific 
pieces  of  equipment 

; b.  Allow  the  aggregate  equations  to  be  computed 
c.  Provide  necessary  output  data 

The  data  was  collected  from  in-house.  Air  Force,  arid  NASA 
sources,  'Selecting  the  equipment  components  to  be  incorporated  in  the 
data  base  was  the  responsibility  of  the  technical  specialists.  Reliability, 
schedule,  and  cost  data  for  each  equipment  component  was  obtained  by  the 
reliability,  schedule,  and  cost  specialists. 

1*3.8.  Computer  Program  Model 

•The  Systems  Cbst/Performance  Model  was  implemented  as  a 
digital  computer  program.  The  program  was  written  in  the  language  of. 
Fortran  IV  as  adapted  to  the  CDC  7600  computer  and  the  Univac  1108 
computer  (for  use  at  MSFC).  The  program  included  the  Systems  Cost/ 
Performaince  Model  (presented  in  Figure  1-2)  -and’ the  related  data  base. 

1.3.9  Computer  Program  Printout 

The  computer  program  printout  was  to  include  three  levels  of 
detail,  any  of  which  could  be  requested  by  the  user.  The  first  level  is 
an  overview  which  states  the  various  subsystem  configurations,  space- 
craft weight,  and  total  cost.  A more  detailed  printout  (the  second  level) 
could  be  requested  by  the  user  and  would  include  all  subsystem  level 
infoimation,  including  the  subsystems ' components,  weights,  volumes, 
costs,  and  schedule  durations.  The  third  level  of  detail  specifies  the 
design  down  to  the  assembly  level,  including  the  assemblies'  weights, 
volumes;  power  requirements,  costs,  and  schedule  durations.  To  sum- 
marize, the  three  levels  of  printout  corresponded  to  the  system,  subsystem, 
and  assembly  level  of  design.  The  appropriate  design,  cost,  and  schedule 
information  would  be  printed  out  at  each  of  these  levels  as  requested  by 
the  user. 
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1.3.  10  Model  Checkout 


Two  forms  of  model  checkout  were  performed.  The  first  was  a 
set  of  computer  runs  to  ensure  that  both  the  logic  and  arithmetic  models 
were  accurate  and  complete  and  that  all  submodels  were  interfacing 
properly.  The  second  set  of  computer  runs  was  limited  to  a few  special 
runs,  selected  for  the  purpose  of  comparing  the  Systems  Cost/Performance 
Model  against  actual  cost,  performance,  safety  and  schedule  data  and 
against  other  existing  models. 

1.3.11  NASA  Support 

Support  was  provided  by  The  Aerospace  Corporation  to  MSFC 
to  bring  the  Systems  Cost /Performance  Computer  Program  to  an  opera- 
tional state  on  the  Univac  1108  computer.  This  support  consisted  of 
both  engineering  and  programming  support.  The  computer  program  and 
data  base  were  altered  as  required  in  order  to  be  compatible  with  the 

Univac  1108.  Both  the  macro  and  micro  search  modes  of  program  opera- 
tion were  exercised.  Dummy  data  was  used  in  the  data  base  where 
necessary  to  properly  exercise  the  micro  search  mode. 


1-14 


2.  MODEL  dVERVIEW 


2.  1 . 
2.  1.  1 


GENERAL 


osteins  Cost /Performance  Model 


The  general  concept  of  the  Systems  Cost/Perfonhance  Model 
was  illustrated  in  Figure  1-2  and  is  repeated  in  Figure  2-1  for  the  con-  ■ 
venience  of  the  reader.  The  user  of-the  Cost/Performance'Model  must 
■ supply  certain  program  data  which  woTold  nomially  include  the  payload 
perfoimiance  requirements  as  well  as  general  information  necessary  to 
select  a payload  design.^  The  technical  portion  of  the  model- consists  of 
a two-step  process:  the  first  step  is  to  select  subsystem  configurations 
which  are  acceptable  to.the  user, ' atid  the  second  s'tep  is  to  select  equipment 
from  a data  base  to  mechanize  the  subsystem  configuration.  The  reliability 
portion  of  the  model  adds  redundancy  to  the  design  such  that  the 
reliability  requirements  are  met.  The  resulting  output  of  the  technical 
model  is  any  number  of  payload  designs  which  meet  or  exceed  the  input 
requirements.  The  acceptable  designs  are  specified  down  to  the  subsystem 
component  (assembly)  level.  The  cost  and  schedule  required  to  design, 
build;  and  operate  each  payload  design  is  estimated  by  summing' up  the 
individual  cost  and  schedule  allocations  based  on  each  end  item  assembly 
specified  as  part  of  the  particular  design.' 


2.  1.2  .. 


Subsystem  Interaction 


The  technical  portion  of  the  Systems  Cost/Performance  Model 
was  depicted  in  Figure  1-3- and  is  also  repeated  for  the  convenience  of  the 
reader  in  Figure  2-2.  The  expanded  detail  summarizes  the  inputs  required 
by  each  subsystem.  • ‘ • 

Most  importantly,  the  interaction  between  subsystems  as  a design 
problem  is  illustrated.  In  order  to  design  the  stabilization  and  control  (S&C) 
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Figure  2-1.  Systems  Cost/Performance  Model 
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Figure  2-2.  Vehicle  Design/Equipment  Selection 


subsystem,  the  vehicle  weight,  dimensions,  and  moments  of  inertia  .must 
be  known.  Design  of  the  auxiliary  propulsion  subsystem  (APS)  requires 
knowledge  of  the  total  impulse  and  thrust  levels  from  S&C.  Design  of  the 
data  processing  (DP)  subsystem  requires  knowledge  of  the  telemetry  and 
data  processing  requirements  for  each  piece  of  equipment  in  the  vehicle. 

Design  of  the  communication  subsystem  requires  knowledge  of  the  command 
and  communication  requirements  for  the  entire  vehicle.  Design  of  the  electrical 
power  (EP)  subsystem  requires  knowing  the  power  requirements.  Deter- 
mining the  structural  makeup  of  the  vehicle  and  the  weight,  dimensions, 
and  inertias  requires  some  insight  into  what  is  contained  within  the  vehicle 
and  what  the  environment  is.  The  reliability  requirements  impact  the 
design  of  every  subsystem  through  the  addition  of  redundancy.  The  major 
point  to  be  made  here  is  that  by  modeling  the  interaction  of  the  subsystem 
design  processes,  the  Systems  Cost/Performance  Model  is  not  only  a sub- 
system design  tool,  but  is  also  a system  design  tool. 

2.1.3  Model  Operation 

The  Systems  Cost/ Performance  Model  approach  to  designing 
payloads  is  illustrated  in  Figure  2-3.  The  starting  point  consists  of  a 
data  base.  The  data  base  contains  a large  array  of  equipment  (assemblies) 
which  are  to  be  candidates  in  designing  the  payload.  Each  piece  of  equipment 
in  the  data  base  has  its  attributes  specified.  The  attributes  include: technical 
characteristics;  power  requirements;  weight,  volume,-,  vibration,  tempera- 
ture and  pressure  specifications;  command  and  telemetry  requirements; 
a reliability  description;  and  cost  and  schedule  allocations. 

The  general  approach  to  establishing  a specific  payload  design 
is  to  select  any  combination  of  equipment  from  the  data  base.  Next,  the 
payload  performance,  safety,  cost,  and  schedule  can  be  estimated  by  using 
a set  of  aggregated  equations  (design  algorithm)  to  process  the  equipment 
attributes.  If  the  payload  attributes,  as  determined  by  the  aggregate  equa- 
tions, meet  the  user  supplied  requirements,  then  the  specific  design  is 
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DATA  BASE  MATRIX 


tsJ 

I 

Ul 


COMPONENT 

ATTRIBUTES 

r 


ACCURACY 

POWER 

WEIGHT 

VOLUME 

COST 

FAILURE  RATE 

OTHER 

ATTRIBUTES 


PERFORMANCE 
SAFETY,  COST 
SCHEDULE 
CALCULATIONS 


SYSTEM 

ATTRIBUTES 


IMU  No. 

HOR.  S.  No. 

STAR  REF  No, 

SYSTEM  ACCURACY 
SYSTEM  POWER 
SYSTEM  WEIGHT 
SYSTEM  VOLUME 
SYSTEM  COST 
SYSTEM  RELIABILITY 


ANSWER  MATRIX 


Figure  2-3,  Model  Operation 


printed  in  an  answer  matrix  as  an  acceptable  design.  If  the  payload 
attributes  are  not  satisfactory,  the  design  attempt  is  aborted.  In  either 
case,  the  Cost/Performance  Model  continues  to  try  new  combinations  of 
equipment  from  the  data  base.  The  net  result  is  a complete  set  of  payload 
designs  meeting  or  exceeding  the  input  requirements. 

2.2  SUBSYSTEM  MODELS 

2.2.1  Subsystem  Configurations 

A subsystem  configuration  is  a general  design  type  for  which 
equipment  listed  in  the  data  base  will  be  searched  out  in  order  to  mechanize 
the  design.  Configurations,  then,  are  synonymous  with  subsystem  types. 
The  configurations  incorporated  in  the  Systems  Cost/Performance  Model 
are  listed  in  Table  2-1. 


Table  2-1.  Configurations 

Stabilization  and  Control 

a.  Dual  spin 

b.  Yaw  spin 

c.  Three -axis  mass  expulsion 

d.  Mass  expulsion  with  control  moment  gyros 

e.  Mass  expulsion  with  pitch  momentum  wheel 

Auxiliary  Propulsion 

a.  Cold  gas 

b.  Monopropellant 

c.  Bipropellant 

Electrical  Power  Sources 

a.  Body  mounted  solar  arrays 

b.  Oriented  solar  array  paddles 
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Table  2-1.  Configurations  (Continued) 

Electrical  Power  Conditioning 

a.  Shunt  regulation 

b.  Shunt  and  discharge  regulation 

c.  Series  load  regulation 

Comnaunications 

a.  Separate  uplink  and  downlink 

b.  Unified  link,  common  antenna 

c.  Unified  link,  separate  antenna 

d.  Unified  link,  common  antenna,  plus 
separate  downlink 

e.  Unified  link,  separate  antenna,  plus 
separate  downlink 

Data  Processing 

a.  General  purpose  processor 

b.  Special  purpose  processors 

Thermal  Control 

(Dependent  on  other  subsystems  and  component 
reqmrements) 

Vehicle  Shapes 

a.  Cylinder 

b.  Box 

c.  Sphere 

Structure 

a.  Semi -mono CO que 

Redundancy 

a.  Single  system 

b.  Dual  system 
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Each  configuration  has  associated  with  it  certain  data  including: 

a.  Compatibility  or  incompatibility  with  other  subsystems' 
configurations’: 

b.  Types  of  equipment  required  to  mechanize  the  configuration. 

c.  .Cost  data.  , 

d.  Schedule  data. 


2.  2.  2 Equipment  Description 

The  model  selects  equipment  for  a specific  design  in  one  of 
three  ways: 

a.  Most  equipment  is’ selected  from  the  data  base  on  the  basis  of 
technical  performance. 

b.  Some  equipirient  which  cannot  be  differentiated  on  the  basis  of 
technical  performance  is  called  up  from  the  data  base  on  a 
first  called  basis  in  order  to  provide  a complete  design 
description.* 

c.  Certain  equipment  is  not  amenable  to  cataloging  in  the  data 
base  .This  equipment  is  identified  and  specific  parameters 
are  determined.  Examples  include  the  wiring  harness  and 
the  thermal  control  subsystem  components. 

An  example  of  an  equipment  description  in  the  data  base  is 
provided  in  Table  2-2. 

2.2.3  Design  Algorithms 

The  design  algorithms  for  all  subsystems  are  summarized  in 
the  following  paragraphs.  The  input  data  required  by  each  subsystem  is 
stated  with  the  source  of  the  data  given  in  parentheses.  A brief  statemen 
of  what  the  subsystem  design  algorithm  does  is  provided  along  with  a 
summary  of  th.e  output  information. 

2.2.3. 1 Stabilization  and  Control  Subsystem 

a.  Input  Data 

1.  Vehicle  orientation  (User) 

2.  Orbit  altitude  (User) 

3.  Mission  lifetime  (User) 

4.  Attitude  control  requirements  (User) 

5.  Vehicle  physical  description  (Vehicle  Sizing) 

proposed  that  this  category  be  eliminated  in  future  models  by 
ditterentiation  of  all  equipment  as  suggested  in  paragraph  a. 
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Table  2-2.  Data  Base  Example 


Subsystem: 

Auxiliary  Propulsion  (0808) 

Configurations : 

Monopropellant 

Equipment  Type: 

Thruster  (TRW  404620) 

Pe  rformance 

Technical  Characteristics 

(1) 

Thrust  level  (N) 

18 

(2) 

Pulse’  life  (cycle,s) 

93,  000 

(3) 

2 

Inlet  pressure  (N/m  ) 

4.  14  X 10^ 

(4) 

Total  impulse  (N-sec) 

6,49  X 10^  • 

(5) 

ISP  (sec) 

230 

(6) 

(7) 

(8) 

(9) 

(10) 

Powe  r 

Average  Power  (watts): 

'(near  zero) 

Maximum  Power  (watts): 

5,  5 - 

Minimum  Power  (watts): 

0.6 

Nominal  Voltage  (volts): 

28.0 

Maximum  Voltage  (volts): 

32.6 

Minimum  Voltage  (volts): 

26.0 

Converter /Inverter  Requirement  (flag): 

N.A.* 

Weight  (Kg); 

0.3 

Volume  (cc); 

1700 

Vibration 

Randon  (g,  rms): 

19.5 

Non-Random  (g): 

10.5 

Tempe  rature 

Maximum  (deg  lO: 

322 

Minimum-  ( de  g . K) : 

278 

Pressure  (psia): 

,,,  ■ i 

(Unknown) 

Not  applicable 
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Table  2-2.  Data  Base  Example  (Continued) 


Performance  (continued) 

CDPI 

Power  Switching  Commands  (No.): 

0 

Time  Tagged  Commands  (No.): 

0 

Other  Commands  (No.): 

0 

High  Rate  Telemetry 

Number  of  Analog  Points  (No.): 

0 

Number  of  Digital  Points  (No.): 

0 

. Sample  Rate  (sec~l): 

0 

Word  Liength  (bits): 

0 

Low  Rate  Telemetry 

Number  of  Analog  Points  (No.): 

2 

Nvunber  of  Digital  Points  (No.): 

0 

Sample  Rate  (sec"^) 

1 

Word  Length  (bits): 

8 

1 Safety 

Failure  Model  (flag): 

5 

Failure  Parameters  „ 

Failure  Rate  or  Mean  (x  10^°  hr): 

1700 

Standard  Deviation  (x  10+9  hr): 

N.  A. 

Dormancy  Factor  (N.D.):^ 

0.  1 

Total  Number  of  Redundant  Elements  (No,): 

12 

Cost 

Design  Engineering  ($1000): 

127 

Test  and  Evaluation  ($.1000): 

150 

Unit  Production  ($  1000): 

9 

Reference  Quantity  (No.): 

4 

Factor  (N.  D. ): 

1 

j Schedule 

Development  Lead  Time  Constant  (months): 

3.0 

Development  Lead  Time  Variable  (months): 

1.0 

Qualification  Lead  Time  Constant  (months): 

1.5 

Qualification  Lead  Time  Variable  (months): 

0. 1 

State -of- Art  Factor  (N.D.): 

1.0 

*Non  - dimen  sional 
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Model  . 

1,  Selects  attitude  measurement  equipment. 

2,  Selects  momentum  exchange  equipment. 

3.  Computes  attitude  control  thrust  level-, 

4.  Computes  total  impulse  required. 


1.  - S&C  equipment 

2,  Attitude  control  thrust  level 

31  Total  impulse  requirement 

2. 2, 3. 2 Auxiliary  Propulsion  Subs-ystem 

a.  Input  Data 

1.  Powered  flight  thrust  level-  (User) 

2.  Attitude  control  thrust  levdl  (S&C) 

3,.  Total  impulse  requirement  (S&Cl 

h.  Model 

1.  Selects  thruster  equipmen' 

2.  Selects  propellant  equipment; 

3.  Selects  pressurant  equipment. 


1.  ■ APS  equipment 

2.  Propellant  description 

2. 2, 3. 3 Data  Processing  Subsystem 
a.  Input  Data 


Selected  equipment  (Subsystems) 

Equipment  command  requirements  (Data  Base) 
Equipment  telemetry  requirements  (Data  Base) 


• Model 


Selects  computer  or  one  digital  telemetry  unit  per 
communication  downlink. 

Selects  command  distribution  equipment. 
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c.  Output  Data 

1 . DP  e quipment 

2.  Bit  rate  for  each  downlink 


2.  2.  3. 4 C omintmication  Subsystem 

a.  Input  Data 

1.  SOLS  or  USB  compatibility  requirement  (User) 

2.  . Range  and  range  rate  requirement  (User) 

3.  Bit  rates  (DP) 

b.  Model 

1.  Selects  communication  equipment. 

c.  Output  Data 

1.  Communication  equipment 

2.  2. 3.  5 Electrical  Power  Subsystem 


a.  Input  Data 

1.  Selected  equipment  (Subsystems) 

2.  Equipment  power  requirements  (Data  Base) 

3.  Voltage  regulation  requirements  (Data  Base) 

4.  Power  conditioning  reqmrements  (Data  Base) 

b.  Model 

1.  Sizes  solar  array. 

2.  Selects  batteries  and  voltage  regulation  equipment. 

3.  Selects  power  conditioning  equipment  based  on  requirements 
of  all  other  selected  equipment. 

c.  Output  Data 

1.  Solar  array  description 

2.  EP  equipment 
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2. 2. 3. 6 


Thermal  Control  Subsystem 


a.  Input  Data 

1.  Orbit  description  (User) 

2.  Attitude  control  description  (S&C.) 

3.  Selected  equipment  (Subs y sterns) 

4.  Equipment  power  requirements  (Data  Base) 

5.  Equipment  temperature  control  requirements  (Data  Base) 

b.  Model 

1.  Sizes  thermal  mass,  insulation,  heaters,  radiators, 
•louvers,  and  heat  pipes, 

c.  ' Output  Data 

1.  Thermal  control  description 


2.2.3,-7'  Vehicle.  Sizing 

a.  Input  Data 

1.  Selected  equipment  (Subsystems) 

2.  Equipment  weights  and  volumes  (Data  Base) 

3.  Structural  description  (Structures) 

4.  Mission  equipment  description  (User)' 

5.  Maximum  diameter,  length  and  weight  (User) 

b.  Model 

1,  Estimates  structural  weight, 

2,  Estimates  thermal  control  weight. 

3,  Estimates  mechanism,  booms,  and  electrical  harness  weight. 

4,  Estimates  total  vehicle  weight. 

5,  Estimates  adapter  weight. 

6,  ' Estimates  vehicle  liimehsions, 

7,  ' Estimates  moments  of  inertia, 

c.  Output  Data 

1.  Vehicle  mass 

2.  Vehicle  dimensions 

3 . Vehicle  moments  of  inertia 
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2.2.3.  8 


Structural  .Subsystem 
Input  Data 


a. 


b. 


c. 


2.3 


1.  Vehicle  weight  and  dimensions  (Vehicle  Sizing) 

2.  Structural,  material  description  (User) 

3.  Larmch  loads  environment  (User) 

Model 

1.  Sizes  monocoque  wall  thickness. 

2.  Determines  equivalent  semi -monocoque  wall  thickness. 

3.  Determines  actual  wall  thickness  based  on  optimum  weight 
design. 

4.  Determines  stringer  size  and  spacing. 

5.  Determines  frame  size  and  spacing. 

6.  Sizes  end  covers  and  center  plate  (if  applicable). 

7.  Sizes  mission  bay  and  solar  array  extensions. 

Output  Data 

1.  Skin  thickness 

2.  Stringer  size,  number,  and  locations 

3.  Frame  size,  number,  and  locations 

4.  End  covers  and  center  plate  dimensions 

5.  Mission  bay  and  solar  array  extension  dimensions 

RELIABILITY  MODEL 


As  a residt  of  satisfying  the  input  performance  requirements,  a 
finite  number  of  designs  are  established  by  the  Cost/Performance  Model. 

As  the  next  step  in  processing  these  designs,  the  reliability  aggregate 
equations  are  brought  into  play.  These  equations  are  categorized  as  reli- 
ability assessment,  failure  detection  probability,  and  false  alarm  probability 
aggregate  equations. 

The  first  of  these  equations,  the  reliability  assessment,  is  used 
to  calciilate  the  reliability  of  each  configuration.  This  is  done  at  an  element 
level.  Each  identifiable  subsystem  component  is  considered  as  an  element. 
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Thus,  horizon  sensors,  inertial  reference  units,  computers  or  control 
logic,  thrusters,  and  propellant  tanks  wovild  qualify  as  subsystem  elements. 
Failure  rate  information  stored  in  the  equipment  data  base  for  each  com- 
ponent is  extracted  as  needed  by  the  model.  The  failure  rates  are  then 
combined  by  the  relia*bility  equations  to  calculate  total  reliability  for  a 
given  mission  duration.  The  calculated  reliability  of  each  particular  design 
is  evaluated  against  the  specified  level  provided  as  the  model  input.  How- 
ever, the  design  is  not  discarded  if  it  does  not  meet  the  specified  reliability 
level.  Instead,  a search  for  the  least  reliable  element  is  initiated.  The 
criterion  for  least  reliable  is  that  element  which,  if  made  redundant,  results 
in  the  largest  increase  in  reliability  or  in>mean  mission  duration  per  unit 
weight  or  cost  increase.  Upon  identification,,  it  is  paralleled  by  an 
identical  imit,  and  suitable  aggregate  equations  are  used  to  recalculate  the 
system  reliability.  The  evaluation  and  paralleling  process  continues  until 
the  redundancy  exceeds  a specified  limit.  If  the  system  still-does  not  meet 
the  specified  reliability,  the  system  is  deleted  from  consideration  as  a 
viable  single-string  system.  However,  should  it  at  any  time  meet  or  s\irpass 
the  required  reliability  level,  aggregate  equations  are  used  to  calculate 
system  failure  detection  and  false  alarm  probabilities.  The  process  des- 
cribed  above  continues  inatil  each  design  stored  as  a result  of  meeting  per- 
formance requirements  has  been  processed. 

The  required  input  data  includes: 

a.  • Mission  life  (User) 

b.  System  reKability  (User) 

c.  Basis  for  selecting  redundancy  (User) 

d.  Selected  equipment  (Subsystems) 

e.  Equipment  reliability  description  (Data  Base) 

f.  ' Equipment  weight  or  cost  (Data  Base) 

The  reliability  aggregate  equation  procedure  described  above 
constitutes  one -half  of  the  total  reliability  model.  Following  completion 
of  the  basic  scheme,  the  whole  procedure  is  repeated  with  each  design 
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mechanized  as  an  activeVstandby  (d\aal  string)  system.  The  term  active/ 
standby  refers  here  to  a completely  separate  system  in  addition  to 
modular  levels  of  redimdancy. 

The  output  information  supplied  by  the  reliability  model  includes 
the  redundancy  required  for  each  component  and  the  amount  of  expendables 
(propellant)  reqmred. 

2.4  COST  MODEL 

The  Cost  Model  consists  of  cost  aggregate  equations  which  proces 
cost  information  associated  with  each  subsystem  component.  This  costing 
technique  requires  each  component  to  have  cost  information  for  each  of  the 
five  cost  categories  illustrated  in  Table  2-2. 

The  required  input  data  includes; 

a.  Selected  equipment  (Subsystems) 

b.  ■ Equipment  costs  (Data  Base) 

I 

c.  Number  of  qualification  vehicles  (User) 

d.  Number  of  production  vehicles  (User) 

The  Cost  Model  adds  up  the  following  cost  information  for  every 
piece  of  equipment  (up  to  39  types)  selected  from  the  data  base; 

a.  Design  engineering 

b.  Test  and  evaluation 

c.  Production  engineering 

d.  Unit  production 

Cost  estimating  relationships  (CERs)  are  used  to  estimate  the 
costs  for  components  which  are  not  amenable  to  cataloging,  including; 

a.  Structure 

b.  Thermal  control 

■ c.  Wiring 

d.  Power  conditioning  equipment 

e.  Solar  arrays 

f.  Propellant  tanks 
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The  nonrecurring  cost  for  each  component  takes  into  account 
redundancy,  deviations  or  improvements  in  design,  and  inflation.  The 
average  recurring  cost  for  each  eqmpmerit  component  is  adjusted  to  account 
for  rediindancy,  labor,  materials,  deviations  or  improvements  in  design, 
and  inflation.  If  more  than  one  unit  is  to  be  built,  a learning  curve  is  used 
to  account  for  reduced  unit  cost  as  additional  quantities  are  built. 

Remaining  cost  categories  including: 

a.  Tooling  and  test  equipment 

b.  Quality  control 

c.  Systern  engineering  and  integration 
Program  management 

are  estimated  bn  the  basis  of  predetermined  percentages  of  the  total  of 
each  of  the  four  basic  cost  categories. 

The  total  nonrecurring  cost  is  then  the  summation  of  the  non- 
recurring costs  for  all  the  system  components.  The  total  recurring  cost 
IS  the  summation  of  the  products  of  the  equipment  quantities  and  the  appro- 
priate average  recurring  costs.  The  total  spacecraft  cost  is  obtained  by 
sumrmng  the  total  recurring  and  nonrecurring  costs  and  then  adding  in  the 
mission  equipment  cost  and  contractor's  profit. 

2.5  SCHEDUI,E  MODEL 

Schedule  aggregate  equations  estimate  the  amount  of  time  required 
to  develop  an  operational  system.  The  aggregate  equations  estirnate  the 
following  five  schedule  phases: 

a.  Component  design  and  development  lead  time 

b.  Component  qualification  lead  time 

c. .  Subsystem  development  lead  time 

d.  . Subsystem  qualification  lead  time 

e.  System  test,  checkout,  and  flight  readiness 

In  general,  the  estimates  of  the  schedule  lead  times  are  functions  of  the 
hardware  and  software  selected  by  the  Cost/Performance  Model.  The 
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justification  for  such  an  approach  lies  in  the  fact  that  specific  equipment 
provide  an  indication  of  the  complexity  of  the  system  and,  hence,  a 
measure  of  the  time  required  to  complete  the  activities  associated  with 
the  system. 

The  input  data  required  by  the  schedule  model  includes: 


a. 

Selected  equipment  (Subsystems) 

b. 

Equipment  lead  times  (Data  Base) 

The  model  performs  the  following  operations  using  the  appropriate 
aggregate  equations: 

a. 

Computes  the  development  and  qualification  lead  times 
component. 

for  each 

b. 

Computes  the  development  and  qualification  lead  times 
subsystem. 

for  each 

c. 

Computes  the  system  lead  time. 

d. 

Determines  the  critical  path. 

e. 

Computes  the  total  program  duration. 

The  schedule  model  output  includes  the  various  lead  times,  the  total  program 
duration,  and  the  critical  path. 


2.6  COMPUTER  PROGRAM 

The  Systems  Cost/Performance  Model  has  been  implemented  as  a 
digital  computer  program.  The  program  is  written  in  the  language  of 
Fortran  IV,  as  adapted  to  The  Aerospace  Corporation  CDC  7600  computer 
and  MSFC's  Uni  vac  1108  computer.  The  program  includes  the  Cost/ 
Performance  Model  and  the  related  data  base. 

2.6.1  Program  Techniques 

The  Systems  Cost/Performance  Computer  Program  incorporates 
three  techniques' to  make  the  program  as  efficient  as  possible  while  retaining 
maximum  versatility.  The  first  technique  is  to  pre-sort  the  equipment 
data  base  according  to  attributes  specified  by  the  program  user.  This 
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techniqiie  is  desirable  in  order  to  allow  the  program  to  select  equipment 
from  the  data  base  on  the  basis  of  the  first  piece  identified  which  satisfies 
the  requirements. 

The  second  technique  consists  of  having  the.  program  always  do 
a macro  search  of  combinations,  of  major -subsystem  configurations. 

As  an  example,  one  combination  of  major  sybsystem  configurations  would  • 
be  a three -axis  stabilized  payload  using  cold  gas  propellant,  oriented 
solar  array  paddles,  shunt  power  regulation,  and  so  forth,  'The  subsystem 
configurations  have  been  specified  in  Paragraph  .2,  2.  1. 

The  third  technique  is  to  mechanize  the  digital  program  to  have 
the  capability  to  try  all  combinations  (micro  search)  of  equipment  in  any 
single  subsystem  if  requested  by  the  user.  The  user  must  specify  the 
configuration  types  of  the  other  subsystems  in  exercising  this  option.  The 
program  will  select,  design,  and  print  out  all  acceptable  combinations  of 
equipment  for  the  specified  subsystem.  This  technique  or  option  allows 
the  subsystem,  specialist  to  perform  detailed  trade  studies, 

2.6.2  Program  Operation 

The  general  sequence  followfed  by  the^  computer  program  is  to 
read  the  input  requirements,  make  one  pass  through  the  subsystem  design 
algorithms,  determine  the  required  redundancy,  and  then  make  a second 
pass  through  the  subsystem  design  algorithms  with  the  data  obtained  from 
the  first  pas.s.  Redundancy  is  not  altered  on  the  second  pass  primarily 
because  the  reliability  model  is  extremely  time-consuming.  Cost  and 
schedule  are  estimated  for  each  acceptable  design. 

The  computer  program  sequence  is  as  follows: 

a.  Read  ihe  input  requirements  supplied  by  the  user. 

1.  Subsystem  reqifirements 

2.  Safety,  cost  and  schedule  requirements 

3.  Mission  equipment. description 
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b. 

c. 

d. 

e. 

f. 

g. 

h. 

i. 

j» 

k. 

l. 

m. 

n. 

o. 

P- 

q- 

r, 

s. 


4.  Pre-sort  attributes 

5.  Micro -search  option 

6.  Macro-search  preference 

Prersort  the  data  base  according  to  the  attributes  specified 
by  the  user. 

Set  up  a new  design  attempt.  This  will  be  a new  combination 
of  configurations  if  the  program  is  in  the  macro  mode.  If 
micro  mode,  this  will  be  a new  combination  of  equipment  from 
the  data  base  for  the  specified  subsystem. 

Test  to  ensure  that  the  subsystem  configurations  are  compatible. 

Establish  an  initial  estimate  of  the  vehicle  size  based  on  the 
mission  eqToipment  description. 

Design  the  stabilization  and  control  subsystem. 

Design  the  auxiliary  propulsion  subsystem. 

Design  the  data  processing  subsystem.' 

Design  the  communications  subsystem. 

Design  the  electrical  power  subsystem. 

If  this  is  the  first  pass  through  the  logic  for  the  particular 
design,  add  the  necessary  redundancy  to  the  components  to 
meet  the  reliability  requirements.  If  this  is  the  second  pass, 
the  reliability  model  is  not  used. 

Design  the  thermal  control  subsystem. 

Perform  vehicle  sizing. 

Design  the  structural  subsystem. 

If  this  is  the  first  pass  through  the  logic  for  the  particular 
design,  make  a second  pass  through  the  logic  using  the  infor- 
mation collected  during  the  first  pass. 

Estimate  the  cost  of  the  particular  payload  design. 

Estimate  the  schedule  for  ■the  particular  payload  design. 

If  the  design  is  acceptable,  print  the  output  information 
describing  the  design. 

Return  for  a new  design  attempt,  as  necessary. 
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^•6*3  Prograrg  Input 

The  input  requirements  to  be  supplied  by  the  user  are  separated 
into  three  categories:  required,  desirable,  and  optional.  The  required 
inputs  are  those  inputs  which  are  essential  to  the  operation  of  the  program 
and  which  will  not  allow  the  use  of  representative  values.  The  design 
attempts  by  the  program  would  be  meaningless  without  this  minimal  set  of 
requirements.  The  second  category  of  (desirable)  inputs  is  that  set  which 
describes  the  mission  equipment  or  mission  requirements.  The  third 
(optional)  category  is  that  set  of  detailed  inputs  which  allow  the  user  to  have 
almost  complete  control  over  the  program  design  attempts.  Hence,  the 
optional  inputs  are  intended  to  allow  the  user  to  perform  detailed  trade 
studies  and  sensitivity  analyses. 

2.6.4  Program  Output 

The  computer  program  printout  provides  three  levels  of  detail. 
The  system  level  is  an  overview  which  states  the  various  subsystem  con- 
figurations, the  spacecraft  weight,  and  the  total  cost.  A more  detailed 
printout  can  be  requested  by  the  user  and  includes  all  subsystem  level 
information,  including  the  subsystems  ' components,  weights,  volumes, 
costs,  and  schedule  durations..  The  third  level  of  detail  specifies  the 
design  down  to  the  assembly  level,  including  the.  assemblies'  weights, 
volumes,  power  requirements,  and  costs.  To  summarize,  the  three 
levels  of  printout  correspond  to  the  system,  subsystem,  and  assembly 
level  of  design.  The  appropriate  design  and  cost  information  is  printed 
out  at  each  of  these  levels  as  requested  by  the  user. 
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.3.  STABILIZATION  AND  CONTROL  SUBSYSTEM' 

1 ' GENERAL 

3.1.1  Subsystem  Functional  Description 

The  stabilization  and  control  (S&C)  subsystem  stabilizes  the 
spacecraft  to  'a  desired  accuracy  about  a tracking  line  from  a reference 
on  the  vehicle  to  an  external  reference.  The  external  reference  may  be 
the  local  vertical  of  a planet,  the  sun,  or  a more  distant  star;  an  inertial 
reference;  or  the  line  of  sight  to  a natural  phenomenon  like  a gravity  gradient 
or  the  lines  of  the  earth's  magnetic  field.  In  many  cases,  a platform  free 
to  rotate  with  respect  to  the  main  structure  of  the  vehicle  must  also  be 
aligned  with  an  external  reference.  On  the  Orbiting  Solar  Observatory  (OSO), 
for  example,  the  basic  "wheel'’  of  the  satellite -is  lined  up  with  the  earth's 
local  vertical,  while  the  solar  paddles  are  pointed  at  the.  sun. 

The  necessary  accuracy  of  attitude  stabilization  depends,  ‘of’ 
course,  on  the  mission  of  the  vehicle.  For  most  purposes,  ±,.0.017  radians 
(1  deg)  is  sufficiently;  for  special  experiments,  -48-97  P rad  (10-2j3  arc  sec) 
or  better  may  be  needed.  Generally  speaking,  system  performance  is  the 
result  of  design  tradeoffs  involving  accuracy,  average  available  power,' 
the  vehicle's  moments  of  inertia,  and  the-maximum  disturbing  torques. 

3.1.2  Subsystem  Configurations  ' 

Five  S8cC  subsystem  configuration  models  have  been  developed 
for  the  Systems  Cost/Performance  Model.  The  five  configurations  which, 
are  described  briefly  in  the  following  sections,  include: 

a.  Dual  spin 

Yaw  spin 

c*  Three-axis  mass  expulsion 

d.  Mass  expulsion  with  control  moment  gyros 

e.  Mass  expulsion  with  pitch  momentum  wheel 
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3. 1.2.1  Dual  Spin  Configuration 

The  dual  spin  spacecraft,  shown  in  Figure  3-1,  consists  of  a 
spinning  portion  of  the  vehicle  and  a portion  which  is  despxm  relative  to 
the  spinning  portion.  The  spinning  portion  of  the  dual  spin  vehicle  provides 
stiffness  in  roll  and  yaw  (the  vehicle  spins  about  the  pitch  axis).  The  error 
in  these  two  axes  is  very  small  and  only  needs  correcting  on  the  order  of 
once  a month.  For  this  purpose,  an  open  loop  axial  thruster  system  is. 
employed  which  is  actuated  on  command  from  the  ground.  An  on-board  • 
system  could  be  an  alternative. 

The  despin  control  system  provides  the  function  of  control  about 
the  pitch  axis  by  keeping  the  despun  section  pointing  at  the  center  of  the 
earth  in  the  pitch  direction.  The  despun  section  normally  provides  the  stable 
platform  required  by  certain  mission  equipment. 

3, 1.2,2  Yaw  Spin  Configuration 

The  yaw  spin  satellite,  shown  in  Figure  3-2,  obtains  its  name 
from  the  fact  that  it  normally  rotates  about  its  yaw  axis.  The  spinning  of 
the  satellite  about  its  yaw  axis, which  is  pointed  at  the  earth's  center, 
performs  the  function  of  providing  a scan  pattern  for  the  mission  equip- 
ment. The  mission  equipment  is  earth  pointing  and  is  mounted  at  a small 
angle  to  the  spin  axis. 

Since  (a)  the  spin  axis  must  be  .kept  pointing  at  the  center  of  the 
earth  and  (b)  the  vehicle  requirements  call  for  long  life,  it  is  not  feasible 
to  rotate  the  momentum  vector  at  orbital  rate.  Therefore,  a counter- 
rotating reaction  wheel  keeps  the  spinning  spacecraft's  net  momentum- 
near  zero. 

The  S&C  subsystem  performs  the  function  of  control  about  the 
pitch  and  roll  axes  to  keep  the  spin  (yaw)  axis  pointed  at  the  center  of  the 
earth.  The  spinning  vehicle,  along  with  synchronous  sampling  of  a horizon 
scanner  which  scans  in  one  plane,  provides  the  two-axis  control  utilizing  a 
single  sensor  and  thruster. 
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Figure  3-2.  Yaw  Spin  Configuration 
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The  three-axis  mass  expulsion  configuration,  shown  in  Figure 
3-3,  performs  the  function  of  keeping  the  .vehicle  pointing  at  the  local 
vertical  in  the  orbit  plane.  The  vehicle  attitude  is  sensed  by  a.thrde-axis 
body-mounted  inertial  reference  unit  containing  .three  fate  integrating 
gyros  that  are  referenced  to  local  vertical/orbit’' plane  (LV'/'OP)  coordinates 
by  two  horizon  scanners  and  gyrocompassing.'.  The  vehicle  is  maintained 
in  a fixed  attitude  with  respect  to  the  LV/OP  with  a pitch  program,  where 
the  orbital  pitchover  rate  is  achieved  by  programming  the  appropriate  • - 
signal  into  the  pitch  gyro.  The  horizon  scanners  bound  the  effect  of  gyro 
drift,  thereby  keeping  the  vertical  axis  of  the  vehicle  aligned  with  the 
center  of  the  earth.  Control  of  the  vehicle  attitude  is  maintained  by  the 
appropriate  signals  to  the  auxiliary  propulsion  subsvstem  to  fire  the 
attitude  control  jets. 


^ 2 Mass  Expulsion  Configuration  with  Control  Moment  Gyros 


The  mass  expulsion  configuration  with  control  moment  gyros 
is  derived  from  the  mass  expulsion  configuration  by  incorporating  control 

moment  gyros  (CMGs) . The  CMGs  provide  the  following  ^improvements 
.in  vehicle  control; 


a.  More  accurate  rate  and  attitude  control. 

b.  Control  torque  and  momentum  storage  to  counteract 
disturbance  torques.  .' 

c.  Control  torque  for  vehicle  angular  acceleration  and 
momentum  storage  for  vehicle  rotations. 


Mass  Expulsion  Configuration  with  Pitch  Momentum  Wheel 


The  mass  expulsion  configuration  with  pitch  momentum  wheel, 
shown  in  Figure  3-4,  is  an  active,  three-axis  control  system  incor-  • 
po rating  a momentuim  wheel,  attitude  sensor,  and  mass  expulsion, jets.  The 
unique  feature  of  the  one-wheel  system  is  the  use  of  an  offset  roll-actuated 
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Figure  3-3.  Three -Axis  Mass  Expulsion.  Configuration 
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Figure  3-4.  Mass  Expulsion  Configuration  with  Pitch 
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control  torque  and  the  momentum  wheel  to  control  the  yaw  axis  without  a 
direct  yaw  sensor.  This  system  performs  the  following  functions: 

a.  Keeps  the  antenna  beam  within  a required  accuracy  of  the 
desired  pointing  position. 

b.  Keeps  the  vehicle  yaw  angle  relative  to  the  local  vertical 
within  a required  accuracy. 

3.1.3  Configuration  Compatibility 

It  is  clear  from  both  analysis  and  actual  flight  experience  that 
limitations  exist  for  the  utilization  and  performance  of  each  of  the  S&C 
configurations.  Table  3-1  summarizes  the  limitations:  Table  3-2  sum- 

marizes the  requirement  by  the  mass  expulsion  configuration  with  control 
moment  gyros  for  a general  purpose  processor  as  part  of  the  data  pro- 
cessing subsystem. 

3.1.4  Equipment  Types 

The  complete  list  of  equipment  types  from  which  the  subsystem 
components  will  be  selected  is  provided  in  Table  3-3‘  along  with  the  technical 
characteristics  which  are  used  to  select  an  acceptable  subsystem  design. 

3.2  INPUT  DATA 

The  information  required  to  design  the  stabilization  and  con- 
trol subsystem  is  identified  in  Tables  3-4  and  3-5.  The  tables  indicate 
what  data  are  used  by  the  design  algorithm.  In  addition,  the  tables  indi- 
cate what  representative  values  are  used  in  the  event  the  data  are  not 
supplied.  Variable  representative  values  are  described  in  the  following 
sections.  Table  3-4  identifies  the  data  required  from  the  user.  Table  3-5 
identifies  data  to  be  supplied  by  the  vehicle  sizing  model.  Inputs  not  shown 
in  the  tables  are  the  configuration  type  specified  by  the  user  and  the  degree 
of  redundancy  required  by  the  S&C  subsystem  components  which  must  be 
specified  by  the  reliability  model. 
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Table  3-1. 


Stabilization  and  Control  Configuration  Selection 


. Requirements 

Dual 

Spin 

Yaw 

Spin 

Three -Axis 
Mass 
Expulsion 

ME 

with 

CMGs 

ME  and 
Momentum 
Wheel 

Orientation 

Inertial 

Yes 

No 

Yes 

Yes 

Yes 

Earth  pointing 

Yes 

Yes 

Yes 

Yes 

Yes 

S\in  pointing 

Yes 

No 

Yes 

Yes 

Yes 

Maneuverability  requirements 

■ ■ 

■ 

Vehicle  slewing 

No 

Yes 

Yes 

Yes 

No 

Pointing' accuracy 

35-170  mrad  (2-10  deg) 

Yes 

Yes 

Yes 

Yes 

Y es 

3.5-35  mrad  (0.2-2  deg)  ■ 

Yes 

Yes 

Yes 

Yes 

Yes 

0.  17-3.  5 mrad  (0.  01-0.  2 deg) 

Yes 

No 

No 

Yes  . 

No 

<0.  17  irirad  (<0.  01  deg) 

No  • 

No 

No 

Yes 

No 

Rate  accuracy 

' 

1.  7-17, mrad/ sec-  (0.  1-1.  0 deg/sec) 

Yes 

Yes 

Yes 

Yes 

-Yes 

0.17-1.7  mrad/sec  (0.01-0.1  deg/sec)’ 

Yes 

Yes 

Yes 

Yes 

Yes 

<0.17  rtirad/sec  (0.  01  deg/sec) 

No 

No 

No 

Yes  , 

No- 

Legend; 

Yes  - Configuration  can  be  used 

No  - Configuration  cannot  be  used 
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Table  3-2,  Stabilization  and  Control  Configuration  Compatibility 


Stabilization  and  Control 
Subsystem  Configurations 

Data  Processing  Subsystem 

General  Purpose 
Processors 

Special  Purpose 
Processors 

Dual  Spin 

Yes 

Yes 

Yaw  Spin 

Yes 

Yes 

Three-Axis  Mass  Expulsion 

Yes 

Yes 

Mass  Expulsion  with 
Control  Moment  Gyros 

Yes 

No 

Mass  Expulsion  with 
Pitch  Momentum  Wheel 

Yes 

Yes 

Legend: 

Yes  - Compatible 

No  - Incompatible 
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Table  3-3.  Equipment  T> 


s and  Their  Technical  Characteristics 


Technical  Characteristic 


Sensor  noise  (deg,  3cr) 

Radiance  irregularity  (deg,  3cf) 

Quantization  error  (deg,  3o) 

Sun  interference  (deg,  3a) 

Moon  interference  (deg,  3a) 

Threshold  aging  (deg,  3a) 

Sensor  noise  (deg,  3a) 

Radiance  irregularity  (deg,  3a) 

Quantization  error  (deg,  3a) 

Sun  interference  (deg,  3a) 

Moon  interference  (deg,  3a) 

Threshold  aging  (deg,  3a) 

Null  or  bias  error  (deg,  3a) 

Maximmn  output  frequency  (rad/sec) 

1 for  star  mapper 

Type  2 for  body  fixed  (electronic)  star  tracker 
3 for  gimbaled  star  tracker 

Sensor  accuracy  (deg,  3a) 

2 

Mapper  field  of  view  (deg  ) 

Mapper  sensitivity  (visual  magnitude) 

G" insensitive  gyro  drift  (deg/sec,  3a)(24-hr  stability) 
Total  misalignment  relative  to  vehicle  (deg,- '3a)  ' 
Gyro  scale  factor  error  (N.  D, ) (24-hr  stability) 


Table  3-3.  Equipment  Types  and  Their  Technical  Characteristics  (Continued) 


Equipment  Type 

Configuration(s) 

Technical  Characteristic 

Notation 

Electronics: 

Control  Timing  Assembly 

Dual  Spin 

Programmer  sine  wave  (deg,  3o) 

Drive  quantization  and  delay  (deg,  3i7) 

^2 

Measurement  compensation  (deg,  3a) 

^3 

Pipper  drift  (deg,  3a) 

^4 

Quantization  noise  (deg,  3 a) 

= 5 

Center  Electrical  Assembly 

Yaw  Spin 

Controller  error  (deg,  So) 

‘ ‘"6 

Attitude  Reference 

Max  Expulsion 

Pitch  horiaon  scanner  gain  (sec  ) 

Electronics 

Roll  horizon  scanner  gain  to  roll  axis  (sec”^) 

Roll  horizon  scanner  gain  to  yaw  axis  (sec~^) 

Pitch  feedback  gain  (sec”^) 

^F9 

Roll  feedback  gain  (sec”^) 

Roll-to-yaw  coupling  gain  (sec“^) 

Hp, 

Power  Converter 

All 

Special  requirement  code  (C ) 

Despin  Electronics  Assembly 

Dual  Spin 

Gimbal  Electronics  Assembly 

Dual  Spin 

Resolver  accuracy  {deg,  3o) 

^1 

Actuators: 

Valve  Driver  Assembly 

All. 

• Number  of  valves 

Reaction  Wheel  Assembly 

Yaw  Spin  and  ME  with 

Nominal  momentvan  (ft- lb-sec) 

H^(nom) 

(with  electronics) 

Momentum  Wheel 

Maximum  momentum  (ft- lb-sec) 

H.y^(max) 

Minimum  momentum  (ft-lb-sec) 

H.^,^(mjn) 

Nominal  speed  (rpm) 

«^(nom) 

Meiximum  speed  (rpm) 

lU^(max) 

Minimum  speed  (rpm) 

(u^(min) 

ua 

‘ I 


Os) 


Table  3-3.  Equipment  Types  and  Their  Technical  Characteristics  (Continued) 


' Equipment  Type  ■ 

Configuration(s)  ' 

Technical  Characteristic 

Notation 

Actuators  (continued); 

Single  Gimbaled  Control 
Moment  Gyro 

Mass  Expulsion  with 
CMGs 

CMG  momentum'  (ft-lb-sec) 
Peak  gimbal  rate  (rad/ sec) 
Peak  torquer  torque  (ft-lb) 

h 

• 

<7  * 

“^max 

T 

— max 

Despin  Mechanical  Assennbly 

Dual  Spin 

Bearing  and  motor  friction  (deg,  3o) 
Bearing  runout  (deg,  3a) 

‘'i 

•^2 

Biaxial  (Gimbal)  Drive  Assembly 
(two  required  per. antenna) 

Dual  Spin 

Drive  quantization  (deg,  3a) 

Gimbal  drive  error  (deg,  3a) 

Biax  droop  error  (deg,  3a)  ' 

>^3 

Nutation  Damper 

Dual  Spin 

Ih  -Is- 


Table  3-4,  Input  Data  Supplied  by  User 


Symbol 

Name 

Repre  s entative 
Value 

9-r, 

• 

0.75 

R 

X 

Required  system  pointing  accuracy 

0.75 

x\ 

y 

about  the  roll,  pitch  and  yaw  axes  (deg) 

0.75 

R 

z 

0T. 

0.012 

•R 

X 

i Required  system  rate  accuracy  about 

• 

* 

the  roll,  pitch  and  yaw  axes 

0 012 

®R 

y 

(deg/ sec) 

« 

■ ■ 0.012 

R 

z 

9 (max) 

1.0 

X 

• 

Maximum  maneuver  rates  about  the 

0 (max) 

, 

roll,  pitch  and  yaw  axes,  if  applicable 

1.0 

(deg/sec) 

9 (max) 

1.0 

N 

X 

1.0 

1\T 

Number  of  maneuvers  about  the  roll. 

T n 

)N 

y 

pitch,  and  yaw  axes 

N 

, 

1.0 

z 

. 

m 

9 

Maximum  initial  rate  (deg/sec) 

1.0 

o 

(assumed  same  on  all  axes) 

U) 

Average  orbital  rate  (computed  else- 

o 

where  in  the  computer  program) 

^ • 

(rad/sec) 

■ 

1! 

Control  system  efficiency  • 

3 with  3-axis 

rate  gyros. 

12-15  with  no 

rate  sensing 
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Table ^3-4.  Input  Data-Supplied  by  User  (Continued) 


Symbol 

Name 

Representative 

Value 

F 

e 

Main  engine  thrust  (lb) 

4.  1 

t 

Main  engine  burn  time  (sec) 

100.0 

A0 

Main  engine  alignment  relative  to 
vehicle  thrust  axis  (deg)' 

0.25 

Ad 

Lateral  vehicle  c.  g.  distance  plus 
lateral  thrust  chamber  c.  g, '"distance 
from  the  reference  axis  (ft) 

0.04  D 

T 

M 

Sp 

Cc 

ission  lifetime  (months.) 

ecific  Inputs  for  Dual  Spin, 
mfiguration 

0 if  errors  are  desired  for  spin 

24.0 

K 

1 axis  relative  to  nadir 

n 

1 if  errors  are  desired  for  pay- 
load  relative  to  nadir 

1.0 

R 

spin  rate  of  rotor  (rpm) 

(Para.  3,  2.  1) 

N 

Number  of, days  between  corrections 
in  the  spin  axis  pointing  of  the 
vehicle 

Specific  Inputs  for  Yaw  Spin 
Configuration 

(Para.  3.2.2) 

T (min) 

Minimum  payload  scan  period  (sec) 

Specific  Inputs  for  Three~Axis 
Mass  Jihcpulsion  Configuration 

10.0 

e 

p 

Ma.ximum  programmed  pitchover 

0.1m 

rate  error  = o)  (max)  - cu  (function 

P ° 

of  orbit  eccentricity)  (deg/sec) 

— — 

P 
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Table  3-4.  Input  Data  Supplied  by  User  (Continued) 


Name 

Representative 
Value  ■ 

Specific  Inputs  for  Three-Axis  Mass 

Expulsion  Configuration  (Continued) 

a , a , 

X y 

a 

z 

Misalignment  errors  in  mounting 
inertial  measurement  units  relative 
to  vehicle  x,  y,  z axes  (deg,  3o) 

0.05 

Specific  Inputs  for  Mass  Expulsion 
Configuration  with  Control-  Moment 
Gyros 

n 

Number  of  skewed  single- gimbaled 
control  moment  gyros  (4-6) 

4.0 

0 

avg 

Average  body  rate  for  low  orbit 
during  period  when  high  accuracy 
is  required  (deg/sec) 

0.01 

9g^(m.ax) 

Maximum  vehicle  rate  at  which  star 
information  must  be  obtained 
(deg/sec) 

0.0667 

®FOV 

Maximiun  range  of  attitude  freedom 
(full  FOV)  required  to  track  specific 
guide  stars  over  wide  range  of 
vehicle  motion  (deg) 

40.0 

9 

max 

Maximum  maneuver  angle  (deg) 

180.0 

^hold 

Time  vehicle  must  be  in  inertial 
hold  (min) 

100,  000 

Time  between  unloading  wheel 
momentum  (days) 

1 

^accel 

Acceleration  time  for  maneuvering 
• (sec) 

(Para.  3.2.3) 
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T3.ble^3-4,  Input  Data  Supplied  by  User  (Continued) 


S^hnbol 

Name 

Repre  sentative 
Value 

Specific  Inputs  for  Mass  Expulsion 
Configuration  with  Pitch  Momentum 

• Wheel 

e 

a 

Antenna  misalignment  (deg,  3c) 

0. 1 

E 

Antenna  elevation  angle  (rad) 

0.  1 

a 

Thruster  offset  angle  in  the  roll-yaw 
plane  (deg) 

12.0 

Table  3-5.  Input  Data  Supplied  by  Vehicle  Sizing  Model 


Symbol 

Name 

D 

Vehicle  diameter  (ft) 

Distance  from  c.  g.  to  main  engine  (ft)'  ' 

■ d 

X 

Gas  jet  lever  arm  on  roll  axis  (ft) 

d 

y 

Gas  jet  lever  arm  on  pitch  axis  (ft) 

d 

z 

GaS'  jet  lever  arm:  on  yaw  axis  (ft) 

J 

X 

Vehicle  roil  inertia  (slug-ft^) 

J 

- y 

Vehicle  pitch  inertia  (slug-, ft ^) 

J 

z. 

Vehicle  jaw  inertia  (slug-ft  ) 

Jp  - 

Platform  spin  axis  inertia  (slug-ft^) 
(for  Dual  Spin) 

Rotor  spin  axis  inertia- (slug-ft  ) 

(for  Dual  Spin) 
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3.2.  1 


Spin  Rate  of  Rotor''* 


The  quantity  is  the  spin  rate  of  the  rotor  portion  of  a dual 

spin  spacecraft.  The  highest  spin  rate  possible  is  desired  for  stability 

reasons.  Spin  rates  are  limited  to  about  565  rad/min  (90  rpm)  due  to 

bearing  lubrication  considerations.  Spin  rates  range  between  377  rad/min 

(60  rpm)  for  large  spin-axis  inertias  (on  the  order  of  407  kg-m^  [300  slug-ft^]) 

to  565  rad/min  (90  rpm)  for  smaller  spin-.axis  inertias,  (on  the  order  of 
2 2 

271  kg-m  [200  slug-ft  ]).  On  this  basis,  an  equation  for  can  be  written 

ix 

as: 


18000 


R 


(rpm) 


(3-1) 


2 

where  = spin-axis  inertia,  slug-ft  . Sj>in  rates  are  also  lifetime 
dependent  in  that  higher  spin  rates  may  be  used  for  a shorter  lifetime. 

Thus  another  equation  for  based  on  lifetimes  from  zero  to  7.5  years  is: 

30  T 

""  90  - y 5 (j2)  * (^P^)  (3-2) 

where  T = vehicle  lifetime,  months.  The  spin  rate,  is  the  larger 
of^Rl  and  is  limited  to  the  range  between  377  rad/min  (60  rpm) 

and  565  rad/min  (90  rpm). 


3.2.2  Time  Between  Spin-Axis  Corrections 

The  quantity  N is  the  time  between  spin-axis  corrections  in 
days  for  the  dual  spin  configuration.  For  a synchronous,  equatorial  space- 
craft, the  cyclic  variation  of  the  spin-axis  is  due  to  solar  torque  per- 
turbations. Assuming  that  the  vehicle  is  perfectly  balanced,  then  with 
a vehicle  momentum  of  2710  m-n-sec  (2000  ft-lb-sec),  the  spin-axis 
variation  will  be  3.  5 mrad  (i  0.  2 deg)  with  corrections  every  21  days. 


The  numbers  used  to  form  relationships  for  iDp  are  based  on  qualitative 
data  from  the  design  of  INTELSAT  3 and  4,  DSCS  I-A  and  n,  and  TACSAT. 
One  can  infer  trends  from  the  design  life  and  mass  properties,  of  these 
vehicles.  However,  these  relationships  are  meant  to  be  empirical  and  not 
to  be  taken  as  exact  under  all  circumstances. 
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Assuming  a linear  relationship,  an  equation  for  N is:- 


where 


N = 21 


6 „ (max)  H 

-K  V ■' 

0.2  2000 


- 0.  0525  0j^(max)  H^,  (days) 

0j^(max)  = max  (9  , 0 ),  (deg) 


and  where 


H = to 
V R 


✓ TT 

(ft-lb-sec) 


(3-5) 


^R  ' ®R  ~ ■ required  accuracies  about  the  orbital 
X z X,  y and  z axes  respectively,"  (deg) 

■^R  ~ spin-axis  inertia,  (slug-ft"  ) 

^ R “ rotor  spin  rate,  (rpm.) 

3»2.-3  Acceleration  Time  for  Maneuvering  ‘ 

The  input  quantity  is  the  acceleration  time  required  by 

the  mass  expulsion  configuration  with  control  moment  gyros  for  maneuver- 
ing, the  vehicle.  . . 

. * « 

The  maximum  maneuver  rate,  is  generally  sized  based 

onlarge'angle  maneuver  considerations  and  is  computed  as  the  maximum 
of  the.  maneuver  rates  about  each  axis.  On  this  basis,  the  maximum 

maneuver  time  can  be  approximated  as; 

» 

0 

j.  c max 

Wx  “ Z (3-6) 


where 


^max  “ largest  maneuver  angle 


Assuming  that  a finite  time  is  used  to  accelerate  to  6 , t , can  be 

’ • max  " accel 

approximated  by  the  following: 


t = 0.  10  t 
accel  max 


(3-7) 
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3.3  DUAL  SPIN  CONFIGURATION 

3.3.1  Functional  Description 

The  dual  spin  configuration  components  perform  the  following 

functions: 

S'.  Attitude  Sensors.  The  horizon  sensors  mounted  in  a "V" 
configuration  on  the  spinning  part  detect  when  a point  on  the 
spinning  section  is  pointing  at  the  earth's  center.  This  pro- 
vides attitude  errors  in  pitch  and  roll  and  also  provides  a 
measure  of  the  spin  rate  in  pitch.  • 

Control  Electronics.  There  are  four  electronic  assemblies 
involved:  the  control  timing  assembly,  the  despin  electronics 
assembly,  the  valve  timing  assembly,  and  the  gimbal  elec- 
tronics  assembly.  The  control  timing  assembly  processes 
the  difference  between  the  horizon  sensor  output  and  a reference 
pip  between  the  spinning  and  despun  sections  .{once  every 
revolution  of  the  rotor)  and  converts  this  error  to  an  analog 
si^al.  This  error  is  sent  to  the  despin  electronics  assembly 
which  commands  the  despin  motor  to  correct  for  the  error. 

The  control  timing  assembly  also  provides  a signal  to  the 
assembly  to  assist  in  synchronizing  the  firing 
of  thrusters  to  correct  for  roll  and  yaw  errors  (once  every 
20  to  30  days).  The  gimbal  electronics  assembly  also 
receives  a signal  from  the  control  timing  assembly  which  is 
used  to  command  the  gimbals  which  point  the  antennas  on  the 
despun  section. 

* Control  Mechanisms.  There  are  three  mechanisms:  the 
despin  mechanical  assembly,  the  gimbal  drive  assembly, 
and  the  nutation  damper..  The  despin  mechanical  assembly' 
contains  a despin  motor  which  controls  the  spin  speed  of  the 
rotor  and  the  relative  alignment  of  the  despun  platform  with 
the  earth.  The  gimbal  drive  assembly  contains  gimbal  drive 
motors  to  move  the  gimbals  which  point  the  antennas  that  are 
mounted  on  the  despun  section.  The  nutation  damper  is  a 
passive  controller  which  is  mounted  on  the  despun  section  to 
provide  energy  dissipation  for  stabilizing  the  angular  momentum 
vector  of  the  spinning  vehicle.  Deviations  in  the  angular 
momentum  vector  occur  due  to  spurious  torques  such  as 
inadvertent  mass  expulsion,  magnetic,  gravity- gradient  and 
solar  radiation  pressure.  This  damper  helps  to  provide  the 
stiffness  in  the  roll  and  yaw  axis. 

A block  diagram  of  the  dual  spin  configuration  is  presented  in  Figure  3-5. 
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SUN  ANGLE 
INDICATOR 
ELECTRONICS 

SUN  ANOLE 
INDICATOR 

.NOT  USED  IN  NORMAL 
. OPERATIONAL  MODE 

NUTATION 
DAMPER  I 

Figure  3-5.  Dual  Spin  Configuration  Block  Diagram 


3.3.2 


Design  Equations 


3.  3.  2.1  Pointing  Error 


The  various  contributors  to  the  pointing  error  in  each  o£  the  three 
vehicle  axes  are  shown  in  Table  3-6  (see  Ref.  3-1).  The  first  two 
categories  pertain  to  errors  of  the  spin  axis  (i.e.,  platform,  base)  relative 
to  nadir.  The  next  two  categories  pertain  to  the  errors  of  the  gimbals  * 
relative  to  the  spin  axis.  The  D term  refers  to  errors  which  are- deter- 
ministic in  nature  and  have  worst  case  values.  These  are  not  RSSed  with 
the  random  (R,  3o)  errors  but  summed  directly  with  them  after  the  -random 
errors  are  RSSed. 

The  earth  sensor  noise  errors  are  scaled  by  1/2.  94  to  account 
for  processing  by  the  control  system. 


Ej  = e^/2.94 
E3  = 63/2.94 


(3-8) 

(3-9) 


The  bearing  design  dependent  numbers  and  the  error  due  to  nutation 
are  scaled  by  75/J  where  is  the  platform  spin  axis  inertia  with  a nominal 
value  of  102  kg-m^(75  slug-ft^). 


D,  = 75  d,/J 
1 1 P 

N = 0.7  5/J 
u p 


(3-10) 

(3-11) 


The  spin  axis  errors  relative  to  nadir  are  all  scaled  by-N/21 
where  N is  the  number  of  days  between  corrections  in  the  spin  axis  point- 
ing of  the  vehicle  with  a nominal  value  of  21  days. 


^2 

= N 02/21 

(3-12) 

^6 

= N e^/21 

(3-13) 

^2 

= N d2/21 

(3-14) 

The  external  torque  errors  are  scaled  by  320  x 60/ (ju^^  (in 

addition  to  N/21)  where  the  rotor  spin  axis  inertia  (J-q)  has  a nominal  value 
2 2 K . 

of  434  kg-m  (320  slug-£t  ) and  the  nominal  value  for  the  rotor  spin  rate  is 

377  rad/min  (60  rpm.) 
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Table  3-6. 


Dual  Spin  Configuration  Error  Contributors 


Error  Category 

Definition  of  Error  Contributors 

Symbol  of 
Error  'Value 
if  Assumed 

Deterrhinistic  (D) 
or  Random  (R) 

Despin  errors 

Fixed  scan  earth  sensor  assembly 

’ 

(pitch  axis  relative 

- Earth  sensor  noise' 

R 

to  nadir) 

- Quantization  noise 

1 

R 

- Sun  interference 

5 

D 

- Moon  interference 

4 

D 

Control  timing  assembly 
- Pipper  drift 

R 

- Quantization  noise 

4 

^5 

R 

Despin  motor  assembly 
- Bearing  and  motor  friction 

R 

Nutation 

o 

• 

o 

f — ' 
0 

R 

Spin  axis  errors 
(roll  and  yaw 

Fixed  scan  earth  sensor  assembly 
- Radiance  . ■ . 

R 

errors  relative 

- Threshold.'  . ■ 

c 

R 

to,  nadir) 

Despin  motor  assembly 

.o 

- Bearing  runout 

dz 

R 

External  torques 
- Mean  solar  torque 

2.  02  mrad 

D 

(0.  116  deg) 

- Solar  torque  variation 

0.  52  mrad 

D 

' 

(0.  030  deg) 
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Table  3-6- 


Dual  Spin  Configuratipn  Error  Contributors  (Continued) 


Error  Category 

Definition  of  Error  Contributors 

Symbol  or 
Error  Value 
if  Assumed 

Deterministic  (D) 
or  Random  (R) 

Azimuth  gimbal 

Gimbal  drive  assembly 

errors  (platform 

- Drive  quantization 

k 

R 

pitch  error  relative 

- Gimbal  drive  error 

R 

to  the  spin  axis) 

- Biax  droop  error 

§3 

R 

Control  timing  assembly 
- Programmer  - sine  wave 

R 

Gimbal  electronics  assembly 
- Gimbal  angle  determination 

^1 

R 

Elevation  gimbal 

Fixed  scan  earth  sens.or  assembly 

errors  (platform 

- Sun  ihterference 

D 

roil  error  relative 
to  the  spin  axis) 

■ , 

C ontrol . timing  ass  embly 
- Programmer  - sine  wave 

'"2 

R 

- Drive  quantization 

R 

- Measurement  quantization 

R 

■ 

‘ Gimbal  electronics  assembly 
- Gimbal  angle  determination 

■ 

R 

Gimbal  drive  assembly 

- Drive  quantization 

^1 

R' 

- Gimbal  drive  error 

go 

•R-* . 

- Biax  droop  error 

- - ----  • -- 

> C 

§3 

R 

(3-15) 

(3-16) 


Mj.  = 0.  116  (320  X 60  N)/,(21 

M,  = 0.030  (360  X 60  N)/-(21  J^iu  ■) 

The  errors  due  to  solar- torques  .are  not  scaled  by  input  solar 
torque  values  as  nominal  values  were  not  available.  Future  work  should 
include  this  effect. 

A dual  spin  vehicle  utilizes  a linear  control  law.  As  a result, 
all  noises  are  random  and  can  be  .RSSed  to  yield  the  final  3o  pointing  error. 

The  user  has  a choice  of  either  specifying  the  spin  axis  errors 
(i.e.,  platform  base)  relative  to  nadir: 

+ £3^  + c/  + +N^^)  (3-17) 

Ey  = (e^^  + 63^)  + Kj,  (pitch  error)  (3-18) 

= (E2^  + E^^  + + M2^)  ' (3-19) 

E = E = M,  + K.J,  (roll  and  yaw  error)  (3-20) 

2 X Ct 

or  the  payload  errors  relative  to  nadir  (i.e.,  the  gimbals  relative  to 
nadir: 

■G  = (gi^  + g2^  +§3^)^^^  (3~21) 

Ey  = + Gg  )^^^  + (Kj^^  + + Cj^  + (pitch  error)  (3-22) 

= ^^1^  e/)^^^  + (K2^+Cj^+C2^  + C3^+hj^  + G^)^^^  (3-23) 

Once  the  errors  (E  , E , and  E ) are  determined,  they  are 

X y z'  ^ 

compared  with  the  user- specified  system  accuracies  (9-r,  , 9-d  , and  9-d  ) 

Kx  K-y 

to  determine  whether  the  design  is  acceptable. 

3.  3, 2.  2 Impulse  Requirement  Sizing 

The  impulse  required  for  a dual  spin  configuration  is  calcu- 
lated using  ^e  same  equations  as  for  the  three-axis  mass  expulsion 
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configuration  except  that  rotational  maneuvers  and  limit  cycle  are  not 
included.  It  is  unlikely  that  a dual  spin  vehicle  would  be  maneuvered 
because  of  the  vehicle  momentum. 


Powered  Flight  Impulse  '(Translational) 
I = 


^2 
I 


\ F^t 

573  ^‘^1  "d~ 

, F 't 

2 n . ^ e 


d^  A0 


X,  ~ 57.  3 

2 X 

Impulse  due  to  Recovery  from  Initial  Rates 

K = en/(57.3d.) 


y '0 
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Impfulse  Due  to  Overcoming  External  Torques 
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I'  = I +I  +I  +Ft 
X y z e 


3.  3. 2.  3 Thruster  Cycles 


trol  thrusters  is: 


The  maximum  cycle  or  pulse  life,  N^,  of  the  attitude  con- 


Z- 


^f  V ^'At ' 


■ -V') 

’ F/it  J 


(3-29) 


whe  re 


F = attitude  control  thrust  level,  lb 
^t  .=  minimum  thruster  on-time,  sec 

3.  3.  3 Design  Logic 

The  flow  logic  or  sequence  that  the  design  algorithm  must 

follow  is: 


a. 


b. 


c. 

d. 

e. 

f. 

g* 

h. 

i. 

j. 


k. 

l. 


Input  data 

Call  up  configuration -special  hardware  from  the  data  base 
which  is  not  differentiable: 

1.  Sun  sensor  assembly 

2.  Despin  electronics  assembly 

3.  Valve  timing  assembly 

4.  Nutation  damper 

Select  control  timing  assembly 
Select  despin  mechanical  assembly 
Select  nonscanning  earth  sensor 

Compute  the  spin  axisr  (platform)  errors  relative  to  nadir 
Select  gimbal  electronics  assembly 
Select  gimbal  drive  assembly 

Compute  the  errors  for  gimbals  relative  to  nadir 

Compare  the  appropriate  pointing  errors  with  the  maximum 
allowable  pointing  error.  If  acceptable,  use  the  selected 
components.  If  unacceptable,  select  more  accurate  com- 
ponents and  repeat  the  sequence. 

Compute  the  total  impulse  requirement 

Compute  the  number  of  thruster  cycles  required. 


3-27 


3.4  YAW  SPII^j  CONFIGURATION 

3.4.1  FTinctional  Description 

The  yaw  spin  configuration  components  perform  the  following 

functions: 


Attitude  Sensors.  A single  horizon  scanner  which  scans  in 
in  the  vehicle  x-z  plane  is  mounted  at  an  angle  of  0.  15  rad 
(8.  7 deg)  -to  the  spin  axis  (scan  distance  = ± 0.  223  rad  (12.  8 deg) 
of  the  scanner  null  axis).  This  scanner  scans  with  a period  of 
213  msec  as  compared  with  a vehicle  spin  period  of  10  sec. 

This  provides  error  signals  in  pitch  and  roll. 

Digital  Processor  of  Error  Signals.  The  control  electrical 
assembly  processes  the  measured  pitch  and  roll  errors  with  a ' 
network  consisting  of  a pulse-width  modulator  and  a derived 
rate  feedback  (utilizing  a digital  high  pass  filter).  The  valve 
driver  assembly  determines  when  the  thrusters  will  fire  to 
correct  for  errors. 

c.  Controller.  Consists  of  a pair  of  axial  thrusters  .which  are 
fired  at  appropriate  times  to  correct  for  errors  in  either 
pitch  or  roll. 

Reaction  Wheel  Assembly:  A counterrotating' reaction  wheel 

keeps  the  spinning  spacecraft's  net  momentum  near  zero. 

A block  diagram  of  the  yaw  spin  configuration  is  presented  in  Figure  3-6. 


3.4.2 


3.4.2.  1 


Design  Equations 

Rate  Error  (Maximum  Thrust  Requirement)  (Ref.  3-2) 


where 


Rate  Error  = Igrque  Impulse  • 

Transverse  Inertia 


At 

d 

x 

F 

J 

X 

0 

X 


2 (At)  Fd 

_ X 

J 

X 

= ■ minimum  impulse  bit  (seo) 

= moment  arm  (ft) 

= thruster  output  (lb) 

2 

= transverse  inertia  ,(slug-ft  ) 


(3-30) 


- rate  error  about  the  roll  axis  (deg/sec) 
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NORMAL  OPERATIONAL  MODE 


ATTITUDE  SENSING  DIGITAL  PROCESSOR  OF  ERROR  SIGNALS 

(attitude  control  electronics) 


TO  THRUSTERS 
FOR  TWO  AXIS 
CONTROL  IN  PITCH 
AND  ROLL 


REACTION  WHEEL 

REACTION  WHEEL 

ASSEMBLY 

ELECTRONICS 

SUN  SENSOR 
ASSEMBLY 

RATE  GYRO 
ASSEMBLY 

NOT  USED  IN  THE 
NORMAL  OPERATIONAL 
MODE 


Figure  3-6,  Yaw.  Spin  Configuration  Block  Diagram 


The  factor  of  two  in  the  torque  impulse  equation. accounts  for  a 
maximiun  of  four  minimum  impulse  firings  sequentially  Before  the  control 
logic  stops  the  jets.  It  is  conservative  in  tfiat  usually  only  two  or  three 
firings  will  occur  at  one  time.  If  only  one  occurred,  then  the  factor  would 
be  equal  to  one -half. 

Given  a required  system  rate  error,  6r  . the  maximum  thrust 
level  (for  a particular  minimum  impulse  bit)  is  obtained  by  rewriting 
Equation  (3-30)  as 

^max  ~ Z(At)  d^  (3-31) 

3*  4.  2.  2 Pointing  Error  (Selection  of  Earth  Sensor)  (Ref.  3-2) 

The  pointing  error  of  the  spin  axis  in  pitch  and  roll  is  usually 
specified,  which  creates  a square  error  pattern  as  shown  in  Figure  3-7. 
The  maximum  spin  axis  pointing  error  lies  at  the  corner  of  this  square 
and  is  larger  than  either  pointing  error  by  itself.  The  equations  following 
deal  with  the  maximum  3cr  pointing  error. 


MAXIMUM  SPIN  AXIS 
POINTING  ERROR 

DIRECTION  OF 

pito^'error 


Figure  3-7.  Yaw  Spin  Pointing  Error  Pattern" 

The  spin  axis  pointing  error  is  made  up  of  two  types,  of  errors: 
the  slow -varying  or  fixed  sensor  errors  and  the  dynamic  errors  which 
have  observable  effects.  These  are  detailed  on  the  following  pages. 


3cr  ROLL  ERROR 


3-30 


Slow-varying  or  fixed  sensor  errors 

1.  Null  offset^!'  ; 

2.  Alignment  error*. 

3.  Thermal  distortibi 

4.  Radiance  irregularity  (cold  clouds,  etc.)  = e‘' 

fa 

5.  Quantization  = 

The  errors  with  the  * after  them  cancel  out  because  of  the 
method  of  averaging  out  the  horizon  sensor  errors  using 
four  measurements  with  two  taken  on  each  side  of  the  earth, 
The  resulting  equation  for  the  slow- varying  or  fixed  sensor 

errors  (E^)  is  the  RSS  of  the  noncanceling  3ct  errors  as  shown 
below. 


El  =[(e.3)2  + (e3)"]  1/2 


(3-32) 


Dynamic  Observable  Errors 

1.  Deadband  error  ■ 

2.  Controller  error 

3.  Disturbance  torque  error 

4.  Earth  sensor  noise  error 

The  total  spin  axis  pointing  error  due  to  dynamic  observable 
errors  is  the  strni  of  the  above  errors  and  is  added  to  the  RSS  of 
the  sensor  errors  to  obtain  the  total  spin  axis  pointing  error. 
Each  of  the  observable  errors  is  discussed  below. 


1. 


2. 


w - control  system 
deadband  (E^)  is  simply  the-  value  of  the  deadband. 


E^  =db 


whe  re 


(3-33) 


db  = deadband  (deg) 

gontroller  Error.  The  controller  error  is  a major  com- 
ponent of  the  total  spin  axis  error  and  varies  with  distrubance 
torque,  measurement  gain -and  control  impulse.  However, 
the  peak  controller  error  , and  percentage  of  time  spent 
outside  of  the  deadband  are  relatively  insensitive  to  varia- 
tions in  these  quantities  (although  the  average  value  does 
vary).  Since  the  3a  value  is  equivalent  to  the  peak  error, 

the  equation  for  3a  spin  axis  error  due  to  controller  error 
lEg)  becomes 

^3  <=6,=  1-789  mrad  (0.  1025  .deg)  (3a)'  (3^34) 
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3. 


4. 


Disturbance  Torque  Error,  The  disturbance  torques 
acting  on  the  vehicle  are  due  to  solar  winds,  momentum 
bias,  and  control  plane  rotation.  The  error  due  to  control 
pls-ne  rotation  can  be  kept  at  zero.  For  zero  control  plane 
rotation,  the  error  (E^)  is  given  as 


/ 


E _ 
■4  " 


-p  (0*  18  X 10  ) X + 0.  12  - db, 

X max 

0 if  the  above  quantity  ^0  . ' 


whe  re 


if  > 0 


(3-35) 


= maximum  disturbance  torque 

max 

= the  larger  of  or 

X y 

Total  Pointing  Error.  The  total  pointing  error  (e^)  is  the 
sum  of  all  of  the  errors  previously  discussed  as  shown  below. 

®x  " Ej  + E^  + E3  + E4  (3-36) 

Substituting  in  the  equations  for  Ej^  yields 

2 2 1/2 

®x  “ ^®2  ^ ®3  ) + db  + c^  + E (3-37) 

whe  re 


0 . 54  X 10  ■^M 


D 


max 


E = E . = 
4 


d F 

X 


+ 0.  12  - db 


(3-38) 


0 if  the  above  is  ^ 0 


3.  4.  2.  3 Momentum  Wheel  Sizing 


The  momentum  wheel  is  sized  so  that  its  momentum  will  be  able 
to  match  that  of  the  spinning  vehicle  and  thus  cancel  it  out.  The  momentum 
of  the  vehicle  about  the  yaw  axis  is  given  by 


where 


H = J 0) 
z s 


(3-39) 


UJg  - vehicle  spin  speed  (rad/sec) 

Because  of  weight  and  size  considerations,  the  smallest  wheel  momentum 
(and  thus  spin  rate)  is  preferable. 
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A payload  dependent  input  is  required  which  is  the  minimum 
payload  scan  period,  Tp  (min),  in  seconds.  ' A" shorter  scan  period  (oh 
the  order  of  1 second)' is  required  for  eveht-ofiented  payloads,  while 
area  scans  can  be  made  with  a longer  scan  period  (on  the' order  of  6 seconds) 
Ilie  shorter  the  scan  period,  the  faster  the  spin  speed- will  be',  and  thus  the 
larger  the  momentum  wheel  must  be  to  compensate.  A wheel,  momentum 
of  678  m-h-sec  (500  ft -lb-sec)  will  generally  correspond  to  a scan  period 
of  1 second  while  a wheel  momentum  of  41  m-n-sec  (30  ftrlb-sec)  will 
.correspond  to  a scan  period  of  6 seconds.  Then  is  computed  as 

‘“s  ^ Tp(min)  (3-40) 

A check  should  be  made  on  H so  that  the  limit  of  678  m-n-sec  (500  ft-lb-sec) 
is  not  exceeded.  If  it  is,  then  the  payload  scan  requirement, is  too  high 
for  the  vehicle  inertia  given. 

3*4. 2. 4 Minimum  Thrust  Requirement 


"^he  minimum  thrust  requirement  is  obtained  by  computing  the 
thrust  necessary  to  compensate  for  : . 

a.  the  translational  thruster  offset  and  misalignment  during  a 
powered  flight  phase,  and 

b.  the  external  disturbance  torques  acting  on  the  vehicle.- 
These  equations  follow: 

• ' \ -F  ■ 
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(3-41) 


The  minimum  thrust,-  F^.^,  required  is  the  maximum  of  Fj  through  Fg 
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3. 4.  2.  5 Total  Impulse  Requirement 

The  total  impulse  required  is  a function  of  the  requirements  for 
limit  cycling,  powered  flight,  recovery  from  initial  rates,  -single-axis 
rotational  maneuvers  and  overcoming  external  torques: 


a.  Limit  Cycle  Impulse 


37  x 10^  T d (F  At)^/(J  db  ) 

X X X 

37  X 10^  T d (F  At)^/(J  db  ) 

y y y 
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b.  Powered  Flight  Impulse  (Translational) 
T _ / A0 
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c.  Impulse  Due  to  Recovery  From  Initial  Rates 


I ■ 
^3 

'll  0q/(57.3  d^) 

I 

^3 

“H  Jy  0q/(57.3  dy) 
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d.  Single  Axis  Rotation  Impulse 


2 J 0 (max)  N 

XX  X 
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e.  Impulse  Due  to  Overcoming  External  Torques 
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f.  Total  Impulse 
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3.4.  2.6  Thruster  Cycles 


The  maxiinum  number  of  attitude  control  thruster  cycles  re- 


q\iired  is: 


= max 


(h^ iz-  ..  - ^ \ 

\FAt  *•  FAt  ’ FAt  J 


(3-48) 


3.4.3  Design  Logic 


The  sequence  followed  in  implementing  the  design  algorithm  is 


as  follows: 


a.  Input  data. 

b.  • Compute  minimum  th3nxst  requirement  to  overcome  external 

torques. 

c.  Compute  the  maximum  thrust  requirement  such  that  the  rate 
error  equation  will  be  satisfied. 

d.  Use  a thrust  level  which  is  between  the  computed  max  and  min. 

e.  Select  the  deadband  based  on  the  maximum  allowable  pointing 

error.  ^ 

f.  Call  up  configuration- special  hardware  from  the  data  base  which 
are  not  differentiable: 

1.  Valve  driver  assembly 

2.  Sun  sensor  assembly 

3.  Rate  gyro  assembly 

4.  Power  converter 

g.  Select  an  earth  sensor  with  e,  less  than  one  half  of  the  deadband 

with  associated  e_  and  e_.  Select  a center  electrical  assembly 

with  an  error  of  c, . ^ 

o 

h.  Compute  the  pointing  error  using  Equation  (3-38). 

i.  Compare  the  pointing  error  with  the  maximum  allowable  pointing 
e rror.  If  acceptable,  add  this  earth  sensor  and  controller  to 
acceptable  list. 

j.  Size  and  select  a reaction  wheel  for  data  base. 

k.  Compute  the  total  impulse  required  for  the  mission. 

l.  Compute  the  number  of  thruster  cycles  required. 
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5 THREE -AXIS  MASS  EXPULSIOK!  CONFIGURATION 

5.  1 Eunctional  Description 

The  three-axis  mass  expulsion  configuration  components  per- 
form the  following  functions: 

Affitude  Sensors.  Two  horizon  scanners  moimted  in  a "V" 
configuration  detect  when  the  vehicle's  yaw  axis' is  pointed 
at  the  earth  s center.  This  provides  attitude  er.rors  in  pitch 
and  roll  which  provide  the  reference  for  the  gyros  and  bound 
the  effect  of  gyro  drift 

b.  Gyros.  ^ree  rate -integrating  gyros  measure  iiiertial  rates 

and  integrate  these  rates  to  provide 

attitude  information. 

:^^tude  Reference  Electronics.  The  electronics  process  the 
outputs  from  the  horizon  scanners  and  gyros  to  produce  an 
estimate  of  the  vehicle 's  roll,  pitch,  and  yaw  attitude . 

Drive  Electronics.  The  electronics  utilize  the  output 
of  the  attitude  reference  electronics  to  command  the  reaction 
control  thrusters  to  correct  for  errors. 

is  presente'^ln  Fi^re  expulsion  configuratton 


Figure  3-8.  Three -Axis  Mass  Expulsion 
Configuration  Block  Diagram 
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3,6.2  Design  Equations 


3.  5.  2.1  Pointing  Equations 

The  pointing  equations  for  a typical  three-axis  mass  expulsion 
S&C  subsystem  have  been  developed  in  Reference  3-3.  The  control  law 
used  signals  from  three  rate  integrating  gyros,  (one  per  vehicle  axis)  and 
signals  from  two  horizon  scanners  to  estimate  the  vehicle  roll,  pitch  and 
yaw  attitude  relative  to  the  local  vertical /orbit  plane  (LiV/OP)  coordinate 
axes. 

A block  diagram  of  the  attitude  reference  unit  (taken  from 
Ref  3-3)  is  shown  in  Figure  3-9.  The  on-orbit  accuracy  equations  are 
rewritten  as  follows: 


E = 

y 

<'7 

(3-49) 

E = 

X 

Kn  + <^7 

(3-50) 

E = 
z 

{<82  “o  ^ <«1  + <S2>^  + fe) 

+ <=7 

(3-51) 

Gj  = 

• (3-62) 

G,  . 

^Fcp  “ ^cp^^FY 

(3-53) 

°3  = 

[‘"O^^FY  '"O^] 

(3-54) 
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Figure  3-9..  Attitude  Reference  Unit  Block  Diagram 
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The  sensitivity  terms  are: 

Hg  = pitch  horizon  scanner  gain 

= .roll  horizon  scanner  gain  to  roll  axis 

= roll  horizon  scanner  gain  to  yaw  axis 

Hpg  = pitch  feedback  gain 

= roll  feedback  gain 

(Hp^  + cUq)  = roll-to-yaw  coupling  gain 

uJq  = true  orbital  pitchover  rate 

The  error  terms  are: 
a.  Pitch  Axis 


p 

9N 


filtered  pitch  horizon  scanner  noise  power 
[defined  in  Eq.  (3~45)] 

pitch  horizon  scanner  null  error 

Horizon  scanner  anomalies  (deg,  3a) 


2,  1/2 


2,  1/2 


+(e^‘'  + e5‘') 
error  due  to  radiance  irregularity  (3a) 
sun  interference  error  (3a-) 
moon  interference  error  (Sa) 
threshold  aging  error  (3a-) 


programmed  pitchover  rate  error 
^ '"Op  " “^0^  ■ 

misalignment  error  in  mounting  inertial  measurement 
units  relative  to  vehicle  pitch  axis  (deg,  3a) 

pitch  deadband  setting 
pitch  deadband  tolerance 
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t>.  Roll  Axis 


e 


7 


= filtered  roll  horizon  scanner  noise  power 
[defined  in  Eq.  (3-49)]  ' 

= horizon  scanner  null  error 


e - horizon  scanner  anomalies 

“ misalignment  error  in  mounting  inertial  measurement 
units  relative  to  vehicle  roll  axis  (deg,  -3d:) 

= roll  deadband  setting 
= roll  deadband  tolerance 


c.  Yaw  Axis 

§2  ~ pitch  misalignment  of  yaw  gyro  relative  to  sensor  package 

gj  = G- insensitive  drift  of  yaw  gyro 


§2  “ pitch  misalignment  of  roll  gyro  relative  to  sensor  package 

gj  = G-insensitive  drift  of  roll  gyro 


e 


7 


roll  horizon  scanner  null  error 


a 


z 


db 

z 


— misalignment  error  in  mounting  inertial  measurement 
units  relative  to  vehicle  yaw  axis  (deg, -3o) 

= yaw  deadband  setting 


Adh 

z 


yaw  deadband  tolerance 


the  expressions  for  the  filtered  pitch  and  roll  horizon  scanner 
e power  are  given  in  Reference  3-3  as: 
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where  Sg  and  are  the  pitch  and  .roll  horizon  scanner  output  noise 
power  spectra,  respectively. 

The  assumption  made  for  Sg  and  is  that  the  horizon  scanner 
output  noise  is  white  noise  and  is  band  limited  at  a frequency  as 

ITi 

shown  in  Figure  3-10. 


0 CJ 


Figure  3-10.  Band-Limited  White  Noise 


The  area  is  equal  to: 

Area  = 

= K,oj„  (3-57) 

j.  Jn. 

where  is  the  band  limited  frequency  and  is  the  1 a value  of  horizon 
scanner  noise.  Therefore, 

Sep  (a))  = Sg  (cu)  = ! '"H  0 ^ 

0 for  uj  > u)pj  (3-58) 

Substituting  Equation  (3-58)  into  Equations  (3-56)  and  (3-57)  and  using  a 
3ct  noise  error  to  get  a 3a  value  for  noise  power  yields 
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where 


= horizon  scanner  noise' (3CT  )’ 


Also: 


, 2 „ 2 • 2^2. 

(u)  -HUq  ) 

”2  jti-  2 ^ ^ \ . 2 


0)^  + (H„  ^ .-  -2H  /G,)  +,  (H  ?.+  G,^) 

Fcp  - CD  -3  ; cp  3 


-du) 


(3-60) 


Since  the  above  equation  cannot  be  solved  analytically,  it  is  desirable  to 
find  another  solution  to  avoid  integrating  in  the  computer  simulation. 

In  Reference  3-4,  Equation  (3-60)  is  solved  numerically  for 
Vtypical"  values  of  the  attitude  reference  parameters.  Since;  these 
values  do  not  vary  a great  deal  between  various  attitude  reference  systems, 
the  value  of  the  numerical  integration  is  used  and  scaled  appropriately 
by  Sj-and  u)^  . From  Reference  3-4  , 
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attitude  reference  system. 
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(3-.63) 
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3.  5.  2.2  Total  Impttlse  Reqmrement 


The  total  impulse  required  is  a function  of  the  requirements  for 
limit  cycling,  powered  flight,  recovery  from  initial  rates,  single  axis 
rotational  maneuvers,  and  overcoming  external  torques; 


a.  Limit  Cycle  Impulse 

I = 37  X 10^  T d (F  At)^/(J  db  ) 

Xj  x'  ' ' X x' 

I = 37  X 10^  T d (F  At)^(J  db  ) 

y y'  ' ' y y^ 


I = 37  X 10^  T d (F  At)^/(J  db  ) 

z ^ z z z 


b.  Powered  Flight  Impulse  (Translational), 
I = /ag  , \ t 

^2  (fTTJ  ‘^T  + Ad  I — |— 

' ' y 

' z 

I =7  Ad  A6  ^e  ^ 

^2  57TT  “H 

• X 


Impulse  due  to  Recovery  from  Initial  Rates 


Jy  ^ V 


> (3-64) 


> (3-65) 


J 


V • (3-66) 
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d; 


Single,  Axis  Rotation  Impulse 


2 e^(max) 

^ F77T"3 

X 

2 Jy  Gy(max)  N 
^7.3  d “ 

y 

2 J e (max)  N 
z . z'  ' z 


.57.3  d 


(3-67) 


J 


6*  Impulse  Due  to  Overcoming  External 

Torques 


I = 

Xf.  D 

5 X 

T /d 
X X 

II 

lO 

T /d 

y y 

► 

(3-68) 

5 z 

T /d 
z z 

‘ ^ 

Total  Impuls 

e 

5 

^x  = £ 

^ 1^1 

I 

X. 

i« 

II 

h'Moi 

I 

^i 

► 

(3-69) 

• 5 

^ — 1 

I 

z. 

1— A 

1 

I = I + 

X 

I + I + F t 
y ' z e 

(3-70) 

3.  5. 2.  3 Thruster  Cycles  . 

The  maximum  number  of  thruster  cycles  is: 


N, 


= max 


yFAt  * FAt  ' FAt  / 


(3-7.1)- 
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3.5.3 


follows : 


a. 

b. 


c. 


d. 


e. 


f. 


g* 


h. 

i. 


j. 


k. 

l. 


Design  Logic 

The  sequence  followed  in  implementing  the  design  algorithm  is  as 


Input  data. 

Compute  .minimum  forces  necessary  to  overcome  main  engine 
misalignments  and  external  torques. 

Compute  maximum  allowable  force  such  that  rate  error,  equation 
will  be  satisfied. 

Use  a thrust  level  which  is  between  the  computed  maximum  and 
minirnum. 

Select  the  deadband  based  on. the  maximum  allowable  pointing-  error. 

Call  up  configuration  special  hardware  from  the  data  base  which 
are  not  differentiable: 

1.  Attitude  reference  electronics 

2,  Valve  driver  electronics 

Select  rate -integrating  gyros  wilii  rate  sensing  threshold  gj  less 
than  0.  2 of  the  maximum  allowable  rate  error  and  with 
associated  g2» 

Select  scanning  horizon  sensor  from  data  base,  "wnth  associated  . 

Cjj  e^y  ^5*  ^6^  and 

Compute  the  pointing  errors. 

Compare  the  pointing  errors  with  the  maximxam  allowable  pointing- 
error.  • If  acceptable,  use  the  selected  components,  If  not  accept- 
a^ble,  select  more  accurate  components  and  repeat  the  sequence. 

Compute  the  total  impulse  required  for  the  .mission. 

Compute  the  number  of  thruster  cycles  required. 

- MASS  EXPULSION  CONFIGURATION  WITH  CONTROL 
MOMENT  GYROS 


3.  6,  1 Fimctional  Description 


The  mass  expulsion  configuration  -with  control  moment  gyros, 
subsequently  referred  to  as  the  control  moment  gyro  configuration,- 
consists  of  components  performing  the  following  functions: 
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b. 


Attitude  Refe'reBce  Unit.  The  attitude  reference  unit  provides 
accurate  rate  and  attitude’ information ’for  control  by  the  momen- 
tum exchange  assembly.  The  attitude  reference  unit  should  be 
of  high  accuracy  when  used  with  a.momentuih  exchange  assembly/ 
thereby  requiring  star  sensors  and  an  accurate  rate  gyro  assembly. 

1.  The  .star  sensor  assembly  proyide.s  accurate  attitude'  in- 
formation which  is  processed 'by  the  onboard  computer. 

Three  types  of  star  sensors'are  considered;  'star  mappers, 
body-fixed' (electronic)  star  trackers,  and  gimbaled  star 
trackers. 

2.  The  gyro  reference  assembly  (GRA)  provides  rate  informa- 
tion which  is  used  in  connection  with  the  attitude  information 
in  the  data  processing  assembly. 

3.,  The  electronic  processor  assembly  provides  the  function 
of  processing  the  signals,  from  the  star  sensor  assembly 
and  the  GRA  electronically  for  use  in  the  onboard  computer. 

Data  Processing  Assembly.  The  data- processing  assembly  con- 
sists of  the.  onboard  c.omputer  and-  performs  the  following  functions: 

1.  Derivation  of  the  attitude  reference  using  the  signals  from 
the  attitude  reference  unit. 

2-.  Processing  of  the  commands  for  attitude,  rate,  and  ac- 
celeration (if  needed)  to  generate  commands  to  the  momentum 
exchange  assembly  for  vehicle  pointing. 

3’.  Processing  of  control  laws  governing  how  the  individual 
momentum  exchange  devices  are  controlled  and  yrhen  to 
fife  the  jets  to  dump  momentum  (or  for  attitude  control 
in  place  of  the  momentum  exchange  assembly). 

Momentum  Exchange  .Assembly.  Two  basic  types  of  three- 
axis  momentum  exchsjnge  assemblies  are  considered: 

1.  Control  moment  gyros  (CMGs) 

2.  Three -axis  reaction  wheels 

The  CMGs  may  be  either  single -gimbaled  or  double— 
gimbaled.  The  momentum  exchange  configuration  selected 
for  this  study  is  the  one  utilized  by  L,ST  and  HEAO  which  is 
a skewed  arrangement  of  from  four  to  six  single -gimbaled 
CMGs.  These  are  constant-speed  CMGs  with  a total 
angular  momentum  vector  varied  by  varying  the  gimbal 
angle  s of  the  individual  CMGs . 
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d.  Valve  Driver  Electronics'.  The  electronics  utilizes  the  output 
of  the  data  processing  assembly  to  c.oihmand  the  reaction  con- 
trol thrusters  to  dump  the  stored  momentum  in  the.  momentum 
exchange  devices  or  to  control  the  vehicle  in  place  of  the  mo- 
mentum exchange  assembly. 

e.  Coarse  Attitude  Sensing.  For  acquisition  purposes,  a coarse 
attitude  sensing  assembly  is  required.  This  may  consist  of 
either  a horizon  sensor  for  earth -pointing  vehicles  or  a sun 
sensor  for  inertially- pointing  vehicles. 

A block  diagram  of  the  control  moment  gyro  configuration  is 
presented  in  Figure  3-11. 

3.6.2  Design  Equations 

The  control  moment  gyro  configuration  will  consist  of  the  mo- 
mentum exchange  assembly  coupled  with  an  accurate  attitude  reference 
assembly.  The  attitude  reference  assembly  will  contain  star  sensors  for 
accurate  attitude  information  along  with  a gyro  reference  assembly  (GRA) 
for  rate  information.  The  outputs  from  the  star  sensor  and  GRA  will  be 
processed  by  an  error  processor  and  evaluated  by  an  onboard  computer. 

The  momentum  exchange  assembly  can  consist  of  three-axis 
reaction  wheels  or  control  moment  gyros.  Equations  for  the  three -axis 
wheel  configuration  will  not  be  covered  in  this  model,  although  the  decision 
process  concerning  three -axis  wheels  is  covered.  Two  types  of  CMGs 
are  considered  in  the  decision  process;  double -gimbaled  CMGs  (whose 
equations  are  not  covered  in  this  model)  and  single -gimbaled  CMG  systems. 

The  total  error  of  the  control  moment  gyro  configuration  is 
the  sum  of  the  attitude  reference  error  plus  the  control  (CMG)  error.  ’ The 
equations  for  the  errors  will  be  covered  later. 
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Figure  3-11.  Mass  Expulsion  Configuration  Block  Diagram  with 
Control  Moment  Gyros 


3.6.2. 1 Momentum  Exchange  Assembly 

a.  CMGs  Versus  Three-Axis  Reaction  Wheels.  The  factors  in- 
fluencing the  decision  between  CMGs  .and  three -axis  wheels 
are  the  momentum  storage  and  torque  requirements.  The 
momentum  storage  requirement  consists'  of  maneuver  and 
disturbance  momentum  requirements  with  the  equation  given 
•as  follows: 


req 


= h + hj.  , 

man  dist 

= (J  e /57.  3)  + 86400  t a M^(max) 
max  X,  D 


(3-72) 


where 


■I 


J 

@ 


= time  between  unloading  (days) 

2 

= inertia  about  the  maneuver  axis  (slug -ft  ) 

= maximum  maneuver  rate  about  the  maneuver 
axis  (deg /sec) 

Mj^(max)  = maximum  disturbance  torque 
For  sizing  purposes. 


max 


man 


= max 


J 0 (m 

X X 

57.  3 


0_  (max)  J^^^(max) 


57.  3 


J 9 (max) 
z z 

57.3 


(3-73) 


The  torque  requirement  consists  of  the  sum  of  the  accelera- 
tion torque  and  the  disturbance  torque  requirements. 

T = t , + T,.  . 

req  accel  dist 

= ^ *accel>  + 

where 

taccei  “ acceleration  time  (sec) 

This  can  be  written  as 

> 0.  02,  then  CMGs  should  be  considered. 


(3-74) 


If  T 

req 
If  0>  T 


req 

/fe 


(3-75) 


req 


/h  ^ 0.  1,  then  three-axis  wheels  should' be  considered, 
req  req 
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b. 


c. 


Single  Versus  Double -Gimbaled  CMGs.  The  decision  to 

select  single  or  doujsle-ginnbaled  CMGs  is  based  on  the  gimbal 

rate  requirement,  CT  . . 

^ max 

If  Of  <0.1  rad/sec,  then  both  types  should  be  considered. 

Xxl3.X  ■ • 

If  or  > 0.  1 rad/sec,  then  only  single -gimbaled  CMGs 
should  be  considered. 

Alternately,  the  gimbal  rate  can  be  related  to  the  acceleration 
time  requirement  by  assuming  typical  worst- case  gimbal 
motion  during  acceleration  or  deceleration  of  approximately 
2 rads.  This  yields:  ■ 


If  t 
If  t 


> 

accel 

< 

accel 


20  sec,  -consider  both.types. 

20  sec,  consider  only  single -gimbaled  CMGs. 


Select  and  Size  Single -Gimbaled  CMGs.  ' Single  - gimb ale d 
CMGs  are  selected  and  sized  based- on  the  momentum  storage 
requirement,  peak  gimbal  rates,  and  peak  torquer  torques. 


The  momentum  storage  reqmrement  is  the  sum  of  the  maneuver 
momentum  and  disturbance  momentum  requirements.  The 
momentum  required  per  axis  is  sho-wn  below. 


h^^q^  - [J^6^(max) /57.  3]  + Mj^(max)  t^  '| 


Veq^  y ^ y ^ Mj^(max)'t  ^ 


(3-76: 


h 


= 2 ^ z (max)  / 57.  3]  + Mp^(  max)  t 


D' 


•A 


J 


For  this  study  we  will  assume  a skewed  configuration  of  from 
4 to  6 CMGs.  -The  smaller  number  is  preferred  unless  more 
are  needed  to  meet  the  required  momentum  with  off-the-shelf 
CMGs.  It  is  further  assumed  here  that  the  hangup  problem  is 
not  solved  so  that  the  maximum  momentum  capability  of  the  set 
of  CMGs  is  approximately: 


h 

cap 

where 


n 


h 

Y 


(n  - 2)'h  cos  Y 


(3-77] 


number  of  CMGs  in  the-  skewed  configuration 

( 4 <n^  6 ) 

momentum  of  each  CMG 

skew  angle  (default  value  of  25  deg)  ■ 


(3-78) 
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Letting 


h 

cap 

= max 

(h  , h , 

req^  req^ 

h ) 

req^ 

(3-79) 

h . 
nun 

= min 

(h  , h 

req^  • req^ 

h ) 

■req^ 

(3-80) 

= tan  ^ 

h . (n-2) 
min 

(3-81) 

Y 

h ■ n 
cap 

/ - 

= h . 
min 

/ (n  sin  y ) 

(3-82) 

The  peak  gimbal  rate  is  determined  by  the  acceleration  time 
and  the  fact  that  a single  CMG  in  a skewed  set  will  typically 
move  two  radians  at  most  while  the  vehicle  accelerates  from 
rest  to  6 (for  typical  LST  CMGs).  The  peak  gimbal  rate 
is  approximately  equal  to  the  average  rate  since -the  gimbal 
acceleration  is  high.  Thus: 


♦ 

a 

max 


2h 

— ^accel 


(3-83) 


where  h is  ^e  actual  momentum  of  the  individual  CMGs 
selected  from  the  hardware  data  base. 


The  .peak  torquer  torque  (which  must  be  delivered  at  peak 
gimbal  rate)  is: 


T = h 9 /57.  3 

. max  — max 


(3.-84) 


where 


0 

max 


max 


[‘ 


9 ^ (max). 


^ y (max). 


(rnax) 


] 


The  CMGs  are  selected  from'  the  hardware  data  base  by 

using  h,  <y  , and  T such  that  each  value  of  the 
“ max  max  . 

selected  CMG  is  above  the  values  of  h,  cr  , and  T . 

max  m«ix 

The  actual  values  for  the  CMG  selected  from  the  data  base 


will  be  denoted  by  h and  O 
sizing  equations. 


max 


for- use  in  the  following 


(3-85) 


The  CMG  configuration  is  sized  for  weight,  standby  power, 
and  volume  utilizing  empirical  relationships.  These  rela-  . 
tionships  have  been  approximated  by  straight  line  equations 
to  be  programmed  for  this  model.'  The  equations  are  pre- 
sented below.  The  weight  and  volume  numbers  include'the 
- CMG  and  its  associated  gimbal  drive  electronics.  The  power 
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numbers  are  standby  power  only.  .Peak  power  during  accel- 
eration t>f  a maneuvering  vehicle  can  be  twenty  times  as  large 
as  the  standby  power.  Some  knowledge  of  the  duty  cycle  is 
required  to  compute  average  power  for  any  particular  appli- 
cation. 


K 


2 


= • CT  0 /57.  3 

—max  max 


(3-86) 


W 

P 

V 

where 


= n [-32  + (0.  068  + 0.  29K2)  (h  + 960)  ] (3-87) 

= n (0.  0103  + 0.  0235  K^)  (h+  1430)‘  (3-88) 

= n [ 7.  45  + (0.  00265  - 0.  0062  K2)  (h  - 1720)]  (3-89) 


W = weight  of  CMG  configuration  (lb) 

P = standby  power  of  CMG  configuration  (watt) 

3 

V = volume  of  CMG  configuration  (ft  ) 


CMG  Rate  and  Pointing  Errors.  Asstiming  that  a CMG  control 

system,  sized  for  a slew  rate  of  § , is  in  an  inertial  hold 

- max 

mode.  The  state  of  the  art  in  CMG  control  is  such  that  2cr 

low-frequency  (within  the  control  bandwidth)  errors  are  ap- 
proximately 


6^,,^  = 0.  7 0 (sec,  2CT  ) 
CMG  max  • - 


(3-90) 


CMG 


= 0.2 


0 (sec/sec,  2cr ) 
max  i 


(3-91) 


These  numbers  are  based  on  GE  Phase  1 CMG  development 
test  results  (Ref.  3-5)  on  a single-axis,  air -bearing  table. 
Estimated  HEAO  errors  are  somewhat  larger  than  this  (1  "s^ 
for  a system  which  coxild  slew  at  approximately  0.6  deg/sec). 
CMGs  also  induce  vibration  errors  at  spin  speed  and  bearing 
regainer  speed  (approximately  40  percent  of  the  spin  speed), 
but  their  effect  depends  on  the  specific  structural  design  and 
is  beyond  the  scope  of  this  effort. 


For  this  model,  the  errors  must  be  in  terms  of  3a  numbers 
and  the  units  in  degrees  and  seconds.  The  above  equations 
are  shown  below  in  these  terms. 


0 = 

CMG 

e = 

CMG" 


0. 0000833  § 

max 

0.  0002916  0 

max 


(3-92) 

(3-93)‘ 
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3. 6. 2.2 


Selection  of  Star  Sensors 


Several  types  of  star  sensors  are  available  in  an  accurate 
attitude  reference  system.  The  three  types  considered  in  this  study  in- 
clude star  mappers,  body-fixed  (electronic)  trackers,  and  gimbaled 
trackers. 


a. 


Decisions  Between  Candidate  Star  Sensors.  Several  tests 
are  listed  in  the  following  material  to  rule  out  star  sensor 
types  which  will  not  meet  specific  requirements. 

1.  Test  to  determine  whether  star  information  must  be 
obtained  in  inertial  hold. 


Assume  that  the  gyro  bias  drift  can  be  calibrated  to 
* 0.  01  deg/hr.  Allow  one-half  of  the  required  pointing 
error  for  the  bias  drift  during  inertial  hold.  Thus 


® R 
2 

= 0 j.  t 

D max 

or 

t 

max 

^ R 
2^ 

D 

0r(6O) 

2 (0.  01) 

= 3000  0 (minutes) 

where 

(3-94) 


> (3-95) 


(3-96) 


If  the  time  the  vehicle  must  be  in  inertial  hold,  > 

exceeds  , then  it  is  necessary  to  use  a star 

tracker  to  obtain,  star  information- during  inertial  hold. 
Therefore,  star  mappers  are  rejected. 

2.  Test  to  determine  whether  attitude  rhotion  is  sufficient 
to  generate  an  adequate  number  of  star,  crossings  with 
a star  mapper. 

To  make  judgment  on  this  question  requires  tradeoffs 
between  mapper  field  of  view  (FOV),  accuracy,  sensi- 
tivity, number  of  mappers,  mounting  geometry,  and 
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attitude  motion  profiles.  As  a rough  test  for  whether 
a star  mapper  is  a practical  approach,  determine 
whether  the  average  body  rate  exceeds  one -fourth  of 
the  orbital  rate,  tw  , for.a  low  orbit  during  the  period 
when  high  accuracy  is  necessary.  This  corresponds  to 
a rate  of  1 deg/min.  If  the  average  body  rate  is  greater 
than  this,  then  star  mappers  should  be  considered. 

•3.  Test  to  deterniine  whether  high  body  rates  preclude  star 
trackers. 

A thorough'resolution  of  this'question  requires  exten- 
sive tradeoffs  between  sensitivity  {required  star  magni- 
tude), FOV,  accuracy,  tracking  loop  bandwidth  and  degree 
of  sophistication,  command  sophistication  (i.  e.  , accelera- 
tion feed  forward,  vehicle  dynamic  model  in  computer, 
etc.  ) and  detailed  tracker  mechanization.  However,  for 
preliminary  component  selection  purposes,  it  is  reasonable' 
to  exclude  trackers  from  consideration  for  body  rates 
exceeding  some  value  based  on  existing  trackers  (assum- 
ing that  star  information  must  be  obtained  at  the  high  body 
rates).  Define  two  different  thresholds,  one  for  body- 
fixed  (electronic)  trackers  and  one  for  gimbaled  trackers. 
Input  the  maximum  vehicle  fate  at  which  star  information 
must  be  obtained  arid  compare  this  to  the  two  thresholds 
to  see  if  trackers  should  be  rejected.  It  may  be  possible 
for  trackers  to  operate  at  higher  rates  with  reduced  ac- 
curacy. If  so,  this  must  be  factored  into  the  tracker 
selection  algorithm. 

4.  Given  that  both  types  of  trackers  are  candidates,  test  to 

determine  whether  large  view  angles  necessitate  gimbals. 

A requirement  for  large  view  angles  is  generated  when  it 
,is  desired  to  track  specific  guide  stars  over  wide  ranges 
of  vehicle  motion.  The  maximum  reasonable  total  FOV 
for  electronic  trackers  is  approximately  30  deg.  Input 
whether  the  mission  requirements  dictate  tracking  specific 
guide  stars  and  what  the  range  of  attitude  freedom  is  to  be 
(denoted  by  6 ^^^).  Test  this  against  30  deg  to  see  if 
, bbdy-fixed  trackers  should  be  rejected. 

b.  Star  Tracker.  Given  the  surviving  candidate  types  of  star  sensors 
from  the  preliminary  selection,  select  specific  sensors  from  the 
data  base  with  accuracy  as  a criterion.  Reject  all- sensors  whose 
accuracy  is  not  better  than  the  required  attitude  accuracy.  The 
reason  for  allowing  a star  sensor  error  to  be  equal  to  the  entire 
system  pointing  error  is  that  the  effective  star  sensor  error  can 
be  reduced  below  this  value  by  averaging  the  random  errors  and 
calibration  of  systerriatic  errors,  thus  allowing  room  for  other 
system  errors. 
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3.6.2.  3 


Momentum  Exchange  Subsystem  Error  Equations 

■Rationale.  The  CMG  attitude  control  system  analyses  and 
tests  reported  in  Reference  3-5,  along  \Hth  related  results, 
indicate  that  the  errors  in  the  control  rnoment  gyro  configur: 
tioh  can  be  characterized  as  follows; 

1,  Pointing  errors'  are  dominated  by  the  attitude  reference 
error,  which  consists  primarily  of’ the  star  sensor  error 
plus  any  gyro  drift  that  occurs  lietween  star  sightings. 

These  are  low-frequency  errors,  and  the  control  system 
follows  them  almost  perfectly.  In  addition,  there 

are  higher  frequency  "jitter"  pointing- errors  which  are 
caused  primarily  by  CMG  hardware  characteristics  such 
■as  torquer  stiction,  ripple,  and  backlash.  CMG  vibration 
can  cause  significant  rate  error,  but  generally  causes 
negligible  position  error  because  of  the  high  frequency 
of  the  vibration  source  (CMG  spin  speed,  typically  100  Hz).  - 
The  state  of  the  art  in  CMGs,  gyros”,  and  star  sensors 
is  such  that  the  pointing  errors  caused  by  gyro  and  star 
sensor  noise  are  generally  insignificant  compared  to 
those  caused  by  the  CMGs.  Pointing  errors  produced 
by  disturbance  torques  are  generally  insignificant  but, 
if  necessary,  can  be  reduced  to  negligible  values  by  com- 
puting the  torques  and  feeding  them  forward  as  commands 
to  the  control  system.  It  is  assumed  for  present  purposes 
■that  this  is  done. 

2. ’  'Rate- errors  are  dominated  by  the  system  response  to  CMG 

jitter.  The  rates  associated  with  attitude  reference  errors 
■ such  as  the  uncompensated  components  of  gyro  drift  are 
negligible.  Response  to  gyro  and  star  sensor  noise  is  small 
compared  to  the  jitter  produced  by  the.  CMGs.  High  fre- 
quency vibration  produced  by  the  CMG  wheel  and  spin 
bearings  is  an  important  and  sometimes  dominant  source 
of  rate  error.  It  requires  very  careful  attention  to  CMG 
balancing,  structural  design  and  tuning,  and  possibly  vibra- 
tion isolation  mounting  of  the  CMGs.  However,  its  mag- 
nitude is  so  sensitive- to  tiie  detailed  system  design  that- 
there  is  no  reasonable  way  to  quantify  this  error  for  present 
purposes. 


Pointing  errors  i-n  this  discussion  are  measured  relative  to  the  attitude 
reference  system;  misalignments  of  the  payload  relative  to  the  attitude 
reference  system  are  assumed  to  be  considered  separately.. 
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b. 


Error  Equations 

1.  System  with  .Star  Trackers.  The  total  pointing  error 

(6g  ) is  the  RSS  of -the  star  tracker  accuracy  (S2)  and  the 
CMG-produced  jitter  (®CMG^*  Although  some  of  the  star 
tracker  errors  will  be  noise  and  will  be  averaged  by  the 
system,  this  will  be  approximately  compensated  by  the 
sum  of  the  other  smaller  errors  which  have  been  ignored 
here,  resulting  in  total  system  performance  of  tiie  order 
indicated  above..  Thus 


0 


= ■(32+0 

CMG^ 


(3-97) 


The  total  rate  error  is' the  RSS  df'the  CMG-produced 
jitter  and  the  CMG-produced  vibration,  the  latter  of 
which  is  unknown  at  this  time.  Thus,  the  rate  error 
equation  is:  ' ' 


0 


0 


CMC 


(3-98) 


2.  ^System  with  Star  Mappers.  The,  system  rate  is  the 
same  as  above.  The  position  error  is  the  same  as 
above  with  the  RSS  addition  of  errors  due  to  gyro  drift. 
The  gyro  drift  error  is  computed  as  follows. 

The  star  mapper  FOV,  s^,  and  the  sensitivity  (star 
magnitude,  m),  s^  , are  obtained  from  the  star  mapper 
data  base  for  the  candidate  .mapper.  .The  equation  be- 
low for  the  average,  star  density,  is  a function  of  s 


N 

where 
s , 


lo'g"^  (-4  + 0.451  s^)’ 


■ A 

mapper  sensitivity  (visual  magnitude) 
and  ranges  from  0 to  20 


(3.-99) 


The  average  time  between  star- crossings  is  computed  by 


57.  3 


sc 

■where 

So 


N s„§  ' 
m 3 max 


(3-100) 


max 


2 

= sta-r  mapper  field  of  view  (deg  ) 
= maneuver  rate  (deg/sec) 


3-57 


The  average  angular  motion  between  star  crossings  is 


A0  = 0 t 
avg  ■ max 

The  gyro  bias  drift  error  is  computed  from 


(3-101) 


3. 6. 2. 4 


0 


e 

b 


t 

sc 


= oil  gj 


t 

sc 


(3-102) 


where  gj  = G-insensitive  gyro  drift  (deg/sec,  3CT  ) 

and  the  gyro  bias  drift,  0^,  has  arbitrarily  set  to  ten 
percent  of  the  total  drift » The  gyro  scale  factor 
error  is 


sf 


= K -A0 

sf  avg 


(3-103) 


where  is  the  gyro  scale  factor  multiplier  (3Cr ), 
which  is  obtained  from  the  hardware  data  base. 

The  total  system  error  with  star  mappers  thus  becomes 


0 

e 

Size  Thrusters 


® 2 ® CMG  ® 


(3-104) 


The  only  factor  sizing  the  thrusters  for  the  control  moment 
gyro  configuration  is  that  they  are  able  to  control  the  vehicle's  attitude 
during  firing  of  the  main  engine  with  its  associated  misalignments.  The 
equations  for  required  thrust  levels  are 


F 

F 

F 


1 

2 

3 


- (^57^3  + 


F 

e 

d 

■y 

F 
e 

d 

z 


> (3-105) 


J 
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F 


(3-106) 


= max  of  F^,  F^) 


'vhere 


A0 


F 


e 


gas  jet  level  arms  for  tHe  roll,  pitch,  and 
yaw  gas  jets  (ft) 

lateral  vehicle  c.'g.  distance  plus  lateral 
thrust  chamber' c.g.  distance  from  the 
reference  axis  (ft).  Default  value  is  4% 
of  the  vehicle  diameter. 

main  engine  alignment  relative  to  the  vehicle 
thrust  axis  (deg) 

main  engine  thrust  (lb) 


3.6.  2.5  Size  Impulse 

Three  factors  influence  the  impulse  required  for  the  control 
moment  gyro  configuration  mission.  These  are  the  impulse  due  to  controlling 
the  vehicle  during  translational  powered  flight,-  the  impulse  required  to  dump 
the  momentum  in  the  CMG's  accumulated  due  to  the  steady  disturbance  torques, 
and  the’ impulse  for  recovery  from  initial  rates.  The  equations  for  impulse 
due  to  these  three  factors  are  shown  below: 


a.  Powered  Flight  Impulse 


( A6 

d^.+  Ad 

\!el 

^57.3 

I 

^2 

( A0 
\^B7.  3 

+ Ad 

\F  t 

I = 
^2 

2 

Na  aa 

F t 
e 

57.  3 

Li  V 

■d  . 

X 

where  t = main  engine  burn' time  (sec)-. 


(3-107) 
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b.  Momentom  Dumping  Impxilse 


6 

= 2.  592  X 10^ 

1 

X 

= 2.592  X 10^ 

T/d 

^1 

D 

y 

y 

^1 

= 2.592  X 10^ 

z 

T/d 

Z 

where 


> (3-108) 


M 


D 


y 


steady  disturbance  torque  level 
about  the  vehicle  roll,  pitch, 
and  yaw  axes  (ft-lb) 


T = mission  lifetime  (months) 


c.  Impulse  Due  to  Recovery  From  Initial  Rates 
I = 7?  J e /(57.  3 d ) 

Xj  X o ' x' 


I = 7)  J 5 /(57.3  d ) 
73  y o ' y 


(3-109) 


I = 7)  J e /(57.  3 d.  ) 
z o z' 


where 


77 


J ,J  ,J 
X y z 


6 


o 


control  system  efficiency  (3  with  3 -axis  rate 
gyros,  12-15  with'no  rate  sensing) 

vehicle  roll,  pitch,  and  yaw  inertias 
(slug-ft^) 

maximum  initial  rate  (deg/sec) 

(assumed  the  same  on  all  axes) 
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d.  Total  Impulse 


I = S I 

X X. 

1=1  1- 


= S'  I 

i=i  yi 


I = S I 

z i_7  Z. 

1 


i=l 


(3-110) 


3.  6.  2.  6 


3.6.  3 


= I +I  +I  +Ft 
X y z e 


Thruster  Cycles 

The  maximum  number  of  thruster  cycles  required  is; 


= max 


/■JL  \ 

yr  At  ’ FAt  . F At  y 


Design  Logic 


(3-111) 


(3-112) 


The  sequence  followed  in  implementing  the  design  algorithm 
is  as  follows: 


a.  Input  data. 

b.  Decide  on  GMG  s versus  3-axis  reaction  wheels. 

1.  Compute  ratio  of  maximum  momentum  storage  to  maximum 
torque  requirement. 

2.  Compare  ratio  with  prescribed  values  for  decision. 

C'.  Select  CMG  configuration  (3-axis  wheels  not  modeled). 

1.  Double  versus  single  - gimbaled  CMGs  (double -gimbaled 
CMG  s not  modeled). 

d.  Select  and  size  single -gimbaled  CMGs. 

1.  Compute  momentum  storage  requirement  for  each  CMG. 

2.  Select  a CMG  from  the  hardware  data  base  such  that  the 
momentum  h,  provided  by  the  individual  CMG,  is  ^ h.  ^ 
Associated  with  this  CMG  will  be  a peak  gimbal  rate,  ^max* 
and  a peak  torquer  torque,  T 
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3.  Compute  the  peak  gimbal  rate  and  peak  torquer  torque 

which  a CMG  with  a given  h must  provide. 

• 

4.  Compare  data  base  £jnax  5max  ''^^h  the  computed 
values.  If  the  data  base  variables  are  greater  than  the 
computed  values,  add  this  CMG  configuration  to  the 
acceptable  list. 

5.  .Compute  the  weight,  standby  power,  and  volume  for  the 
CMG  configuration  if  the  configuration  is  acceptable. 

e.  Compute  CMG  3<7  rate  and  pointing  errors.' 

1.  Compare  the  CMG  rate  error  with  the  minimum  required 
rate  error.  Abort  if  not  small  enough. 

f.  Select  star  sensors. 

1.  Test  to  determine  whether  star  information  must  be 
obtained  in  inertial  hold.  If  yes,  rejec.t  star  mappers. 

Z.  Test  to  determine  whether  attitude  motion  is  sufficient 
to  generate  an  adequate  number  of  star  crossings  with 
a star  mapper.  If  no,  reject  star  mappers. 

3.  Test  to  determine  whether  high  body  rates  preclude 

trackers.  If  yes,  reject  either  body-fixed  or  gimballed 
star  trackers,  or  both.  If  both  types  are  acceptable, 
test  to  determine  whether  large  body  angles  necessitate 
gimbals. 

g.  Select  a gyro  reference  assembly. 

h.  Select  a star  sensor  from  the  acceptable  types  whose  error 

is  less  than  the  minimum  required  accuracy. 

i.  Compute  the  configuration  pointing  accuracy  which  is  a function 
of  the  accuracy  of  the  star  sensor,  CMGs,  and  (for  star  mappers) 
the  gyro  reference  assembly  (GRA). 

j. ^.  Compare  the  configuration  pointing  error  with  system  pointing 

accuracy  requirement.  If  less,  add  this  subsystem  combination 
to  the  acceptable  list.  If  more,  iterate  on  star  sensors  and 
GRAs  until  the  requirement  is  met. 

k.  Call  up  configuration-special  hardware  from  the  data  base  which 

is  not  differentiable.  Test  whether  horizon  sensors- or  sun  sensors 
are  called  for  coarse  attitude  sensing. 

1.  EJlectronic  processor  assembly 

2.  Valve  driver  electronics  assembly 

3.  Horizon  sensor  assembly 

4.  Sun.  sensor  assembly 


3-62 


1. 


Size  thrusters  to  overcome  main  engine  misalignments  during 
-powered -flight. 

Size  total  impulse  required  based  on: 

1.  Dumping  stored  momentum  due  to  steady,  disturbance 

torque  bias  ■ 

2.  Fighting  main  engine  misalignments  during  powered  flight 

3.  Recovery  from  initial  rates.  • ' 

Compute  the  number  of  thruster  cycles  required. 

MASS  EXPULSION  CONFIGURATION  WITH  PITCH  MOM-ENTUM 
WHEEL  . • 

3.7.1  Functional  Description 

- >'• 

The  mass  expulsion  configuration  with  pitch  momentum  wheel, 
subsequently  referred  to  as  the  pitch  momentum  bias  configuration,- 
consists  of  components  performing  the  following  functions: 

a.  Horizon  Sensor  Assembly,  The  horizon  sensor  measures  attitude 
errors  in  roll  and  pitch  relative  to  the  local  vertical. 

b.  Momentum  Wheel.  The  momentum  wheel  is  aligned  normal  to 
the  orbit  plane  along  with  negative  pitch  axis.  This  serves  to 
provide  restraint  in  roll  and  yaw. 

c.  Electronic  Processor.  Damping  of  the  system  is  provided  in 
the  electronic  processor  by  a lead  controller  which  is  best 
implemented  by  a pseudo-rate  circuit.  In  particular,  the  con- 
troller in  the  roll  channel  serves  to  damp  the  nutation  frequency 
mode  of  the  coupled  roll -yaw  dynamics. 

d.  Valve  Driver  Electronics.  The  electronics  utilize  the  output  of 
the  electronic  processor  to  command  the  reaction  control  thrusters 
to  correct  for  errors  in  pitch  and  roll. 

e.  Reaction  Control  Thrusters.  Normally,  discussion  of  the 
thrusters  themselves  is  not  a concern  of  the  S'&C  subsystem. 
However,  the  pitch  momentum  bias  configuration  utilizes  an 
offset  of  the  roll  thrusters  to  provide  a proportional  amount  of 
torque  about  yaw.  The  roll  thruster  offset  into  yaw  is  designed  to 
damp  the  orbit  frequency  mode  associated  with  the  vehicle  dynamics. 
This  offset  along  with  the  re'straint  provided  by  the  momentum 
wheel  provides  control  in  yaw  without  a direct  yaw  sensor. 


m. 


n. 


3.  7 
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A block  diagram  of  the  pitch  momentum  bias  configuration  is  presented 
in  Figure  3-12. 


Figure  3-12.  Mass  Expulsion  Configuration  Block  Diagram 

With  Pitch  Momentum  Wheel 

3.  7.  2 Design  Equations 

The  pitch  momentum  bias  configuration  is  an  active,  three-axis 
control  system  incorporating  a momentum  wheel,'  an  attitude  sensor,  and 
mass  expulsion  jets.  The  momentum  wheel  is  aligned  normal  to'  the’  orbit 
plane  along  the  negative  pitch  axis.  The  restraint  provided  by  the  wheel 
in  yaw  along  with  offset  roll-yaw  thrusters  provides  control  in  yaw  without 
a direct  yaw  sensor. 

The  pitch  momentum  bias  configuration  used  in  this  study  has 
a constant  speed  momentum  wheel  with  pitch  thrusters  for  control  about 
the  pitch  axis.  An  alternate  method  which  would  be  preferable  for  longer 
missions  is  to  incorporate  a variable  speed  reaction  wheel  to  store  the 
momentum  created  by  disturbance  torques  and  to  use  the  pitch  thrusters 
to  unload  the  wheel.  This  alternate  configuration  is  not  covered  in  this 
model. 
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‘3.7.2.  1 


Horizon  Scanner  Selection  from  Beam  Pointing  Equation 


The  following  equations  were  taken  from.  Reference  3-6.  The 
equation. for  beam  pointing  error  is  the  RSS  of  the  error  due  to  antenna 
misalignment  and  the  attitude  reference  error,  e . _.  Solving  for  the 
attitude  reference  error  gives: 


where 


2 2 2 
^AR  ^beam  ^a 


(3-113)  < 


= antenna  misalignment  error  (deg,  3 a) 

%eam~  beam  pointing  error  (deg,  3a) 

The  beam  pointing  error  (less  the  misalignment  error)  can  be  expressed 
as  a function  of  the  yaw  error  and  pitch- and  roll  sensor  errors. 


e = 


'AR 


<pj  + (E^)^  + ej 


where 


(3-114) 


cpg  and  9g  are  the  roll  and  pitch  horizon- scanner 
errors  (deg,  3a) 

E = antenna  elevation  angle  (rads) 

■Hi  = yaw  error  (deg,  3 a)  - 

Assuming  that  the  horizon  scanner  error  is  the  same  for  both  roll  and  pitch 
and  setting  the  yaw  error  equal  to  the  maximum  allowable  yaw  error,  one 
can  solve  for  the  maximum  horizon  scanner  error  as 


where 


'AR 


.2 


(3-115) 


®HS  ~ 'Ps  ~ ®s  “ tiorizon  scanner  error  (deg,  3a) 

®R  ~ J^equired  pointing  accuracy  on  the  yaw  axis  (deg,  3a) 
z 
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The  horizon  scanner  error  is  the  RSS  of  the  individual  error  contributors. 


where 


-(n 


2.^2,  2^  2 
+ 02  +63  +e^ 


)■» . (. 


+ e 


:\i/2 


s7 


(3-116) 


= earth  sensor  noise  (deg,  3a) 
e^  = radiance  irregularity  (deg,  3a) 
63  = quantization  error  (deg,  3a) 
e^=  sun  interference  (deg,  3a) 

6g  = moon  interference  (deg,  3a) 
e^  = threshold  aging  (deg,  3a) 


worst  case  deterministic 
errors  (added  directly 
with  random  errors) 


The  horizon  sensor  error,  e,  is  computed  for  each  scanner  in  the  equipment 
data  base  and  cornpared  with  the  maximum  allowable  horizon  sensor  error, 

®HS- 

3. 7.  2,  2 Momentum  Wheel  Selection 


Estimates  of  wheel  size  depend  on  preliminary  knowledge  of  the 
disturbance  torque  on  the  spacecraft.  For  synchronous  orbits,  the  dis- 
turbance is  due  to  solar  pressure  and  the  torque  is  dependent  on  the  specific 
spacecraft  configuration  and  size.  For  a wide  class  of  missions,  the  peak 
solar  torque  is  in  the  range  of  10"^  - lO"^  kg-m  (10“^  to  10“'^  ft-lb),  and 
typically,  the  cyclic  torques  dominate.  Large  unfurlable  antennas,  6.  1 m 
(20  ft)  or  more  in  diameter,  and  a particularly  unbalanced  configuration 
could  lead  to  peak  torques  above  10"^  kg-m  (10"'^  ft-lb).  The  wheel  size  can 
be  significantly  reduced  by  designing  a configuration  which  minimizes  the 
solar  torque.  In  the  case  of  systems  using  gyroscopic  stiffness  to  limit 
yaw,  a particular  premium,  is  placed  on  minimizing  the  yaw  torque.  The 
equation  for  sizing  the  wheel  is: 


h = 57.  3 

z 


(3-117) 
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where 


h = required  momentum  (ft-lb-sec)  ' 

= peak  yaw  disturbance  torque  (ft-lb)‘ 
z 

u)^  ■ = average  orbital  rate  (rad/sec) 
and  i]f  is  the  maximum  yaw  error  which  can  be  computed  as  follows: 

*-E<4r  - (3-118) 

A momentum  wheel  is  now  selected  from  the  equipment  data  base  which  has 
a momentum,  _h,  which  is  nearest  to  h and  greater  than  h. 

3.7.2.'3  Thruster  Sizing 


An  upper  bound  on  tne  minimum  torque  impulse  bit.is  shown  in 
the  equation  below  (Ref.  3-7): 


min 


< 2 db  h 


where 


min 


X 


= F Atd 


roll  axis  .moment  of  inertia  (slug-ft,  ) 

.2. 


z 

db  • 

I . 
min 

F 

d 

X 

At 


(3-119) 

(3-120) 


yaw  axis  moment  of  inertia  (slug-ft  ) 
roll  deadband 

rriinimum  torque  impulse  bit  (ft-lb-sec) 
thruster  output  (lb) 
roll  moment  arm  (ft) 
minimum  impulse  time  (sec) 

The  basic  assumption  in  deriving  Equation  (3-119)  was  that  the  residual 
rates  within  the  deadband  were  zero.  The  equation  also  applied  for  a zero 
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roll -yaw  thruster  offset  angle  [the  actual  angle  will  be  approximately  . * 
0.21  rad  (12  deg)].  Substituting  Equation  (3-120)  into  Equation  (3-119)  and 
solving  for  F yields; 


db  h 
max  At  d 

X 


(3-121) 


where  the  factor  of  2 was  removed  to  select  a conservative  value  of  thruster 
size.  The  thruster  moment  arms  can  be  calculated  roughly  by: 


d = D cos  O'- 

X 

d = D sin 

^ 


(3-122) 


where  . 

D = diameter  of  the  vehicle  in  the  roll -yaw  plane  (ft) 
a = roll-yaw  thruster  offset  angle  (deg) 

The  minimum  thruster  size  is  the  size  which  is  required  to  control  the 


vehicle  while  the  main  engine  is  operating. 

F,  = (A0  d„/57.3  + Ad)  F /d 
F3  = (A9  3 + Ad)  F^/d^ 

F = 2 Ad  F /(57.3  d ) 

© X 

^min  ^2-  ^3> 

whe  re 


(3-123) 

(3-124) 


A9  = main  engine  misalignment  (deg) 

d^  = distance  from  c.  g.  to  main  engine  (ft) 

Ad  .=  lateral  vehicle  c.g.  distance  plus  lateral  thrust 

chamber  c.  g.  distance  from  the  reference  axis  (ft) 

F^  =’ main  engine  thrust  (lb) 

The  actual  thrust  level  should  be  between  F . and  F . To  select  a level 

min  max 

for  computation  of  the  impulse  requirements,  a value  of  F /2  is  chosen. 

max 

If  this  value  is  smaller  than  F . , then  the  value  of  F . is  selected. 

min  mm 
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3.  7.  2.  4 Impxilse  Requirement  Sizing 

The  impulse  required  for  a pitch  momentum  bias  configuration 
is  calculated  using  the  same  equations  as  for  the  three-axis  mass  expulsion 
configuration -except  that  rotational  maneuvers  are  not  included.  It  is  tin- 
likely  that  a'.pitch  momentum  bias  vehicle  would  be  maneuvered  because  of 
the  wheel  momentum. 


a. 


b. 


c. 


I 

^2 

^^2 

► 

(3-125) 

^ Ft 

57.  3 d 

X 

> 

Impulse  due  to  Recoverv  from  Ini tiaT Rates 

I 

^3 

= IlJ^ey,57.3d^) 

I 

^3 

= TlJyeo/(57.3dy) 

► 

(3-126) 

I 

^3 

= ’lJ,9o/(57.3dJ 

Impulse  Due  to  Overcoming  External  Toroue 

I 
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= T/d^ 

■> 
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^4 

= .M  T/d 
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(3-127) 
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d.  Total  Impulse 
I 


4 

1 = 1 1 


= 'E  I 

i = 1 
4 

= E I 

i = i 


(3-128) 


I =I+I+I+Ft 
X y z e 

3.  7,  2.  5 Thruster  Cycles 

The  maximum  number  of  attitude  control  thruster  cycles 

I 


(3-129) 


required  is; 


= max 


/ I I I \ 

I X V Z 1 

\FAt  " FAt  ’ FAt  / 


(3-130) 


3.7.3 


as  follows: 


Design  Logic 

The  sequence  followed  in  implementing  the  design  algorithm  is 


a.  Input  data. 

b.  Select  a deadband. 

c.  Call  up  configuration  special  hardware  from  the  data  base  which 
is  not  differentiable, 

1.  Electronic  error  processor 

2.  Valve  driver  electronics 

d.  Select  a horizon  scanner  based  on  the  maximum  antenna  beam 
pointing  error,  antenna  misalignments,  antenna  elevation  angle, 
and  horizon  scanner  error. 

e.  Size  the  pitch  momentum  wheel  based  on  the  maximum  yaw  error 
which  will  occur  with  the  selected  horizon  scanner,  the  orbital 
rate  of  the  vehicle,  and  the  maximum  value  of  the  cyclic  disturb- 
ance torque  relative  to  the  vehicle. 
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f. 


g- 

h. 

3.  8 
3.  8.  1 


Size  the  thruster  force  based  on  a maximum  thrust  level  to 
ensure-that  the  residual  rates  within  the  deadband  are  zero 
and  a minimum  thrust  level  to  ensure  that  the  vehicle  will 
remain  in  control  while  the  main  engine  is  firing. 

Compute  the  impulse  requirenients  for  the  above  configuration. 

Compute -the  number  of  thruster  cycles  required. 


DISTURBANCE  TORQUES 


Aerodynamic  Disturbance  Torques 


To  utilize  simplified  aerodynamic  torque  equations,  it  is 
necessary  to  make  many  rough  approximations  concerning  the  vehicle 
shape  and  size  as  well  as  aerodynamic  angles  of  attack  and  atmospheric 
density.  Two  types  of  disturbance  torques  are  needed  by  the  S&C  iub-  • 
system  model:  worst -case  and  steddy-state.  ' The  worst-case  , torques 
will  be  computed  first  based  on  perigee  altitude.  The  steady- state  torques 
will  then  be  scaled  down  from  worst  case  utilizing  the  apogee  altitude  and 
by  computing  the  approximate  time  that  the  torques  are  effective.' 


3.  8,  1.  1 Worst-Case  Aerodynamic  Disturbance  Torques 


As  sumptions . Figure  3-13  illustrates  the  vehicle  shape,  di- 

mensions, and  solar  panel  locations . Both  the  cylinder  and 
sphere  will  be  assumed  to  look  likera  box. for  computation  of 
worst-case  aerodynamic  torques. 

•A  mission  equipment, box  may  be  located  on  either  end  of  the 
main  equipment  bay  (along  the  vehicle  x-axis).  In  -general, 
these  will  have  different  dimensions  than  the  equipment  bay. 

The  larger  dimensions  in  the  appropriate  cases  will  be  used 
to  compute  reference  areas  and  lengths. 

The  veHcle  coordinate  system  will  be  located  at  the  center  of 
the  equipment  bay  with  the  center  of  gravity  and  center  .of  pres- 
sure given  relative  to  it. 


It  will  be  assumed  that  the  solar  panels,  when  present,  will 
have  their  full  area  perpendicular  to  the  wind.  n 

Aerodynamic  torques  will  be-  considered  negligible  for  altitudes 
greater  than  926  km  (500  nmi).  They  cannot  be  computed 
accurately  for  altitudes  less  than  120  km  (65  nmi). 
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Figure  3-13.  Vehicle  Model  for  Aerodynamic  Disturbance 
Torque  Computations 


(A  ■ 


G^eneral  Aerodynamic  Torque  Equation . The  equation  for 
aerodynamic  torques  on  a flat  plate  is  given  by: 


■=  qs_'[A] 


■where  the  components  of  T are  in  the  orbital  coordinate 
system  (z^  is  toward  the  center' of  the  earth,  x is  in  the 
orbit  plane  along  the  direction  of  travel,  and  y°  completes 
the  right-handed  orthogonal  triad),  ° 


and  where 

q 

S „ 


- dynamic  pressure  (Ib^/ft^) - 
= reference  area 

= area  of  flat  plate  facing  the  wind. 


fA]  = A 


0 - A. 


^cg  ~ %ef 
" ^cg  - ^ref 


z - z , 
eg  ref 


[T]  - transformation  matrix  from  vehicle  coordinates 

fo  the  orbital  coordinate  system 

^cy'  ^cg'  ^cg  distances  along  the  vehicle  x ',  y , z , axes, 

respectively,  from  the  vehicle  coordinate  system 
to  the  center  of  gravity 

^ref'  ^ref'  ^ref  distances  along  the  vehicle  x , y , z axes, 

respectively,  from  the  vehiefe  coOrdinate  system 
to  the  center  of  the  flat  plate  which  faces  the  wind 

^A’  ‘"y'  “ .aerodynamic  force  coefficients  acting  on  a flat 

plate  (see  Figure  3-14) 
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The  equation  for  aerodynamic  torques  on  the  vehi.de  with  solar 
panels  fs  given  by: 


i:  s 


ref 

i = l SPi 


(3-134 


where  the  subscript  v stands  for  vehicle  and  SP.  stands  for 
solar  panels  1 and  2,  • ^ 


If  the  solar  panels  are  of  the  same  area  and  distance  from  the 
centerline  (which  is  the  case  for  this  model),  then  Equation 
(3-134)  can  be'  simplified  as  follows:  . 


2 

E s 


,i=l 
where 


rafgp.  = ®refgp 


'SP 


(3-135: 


[A]gp  t^^SPl  I^^^SP2  (3-136; 


Since  the  solar  panels  are  only  located  on  a nose  fosrward  con- 
figuration along  the  y^  axis; 


""ref 

SPI 

- X a = X ■- 

refgp2  ' 

(3-137) 

^ref 
. ®^SP1 

" ‘^ref 

®^SP2 

(3-138) 

^ref 

reigpi 

Then; 

^®^SR2 

(3-139) 

A 

""SP 

A 

^ ^""cg  ■ ^refgp  ^ 

^SP 

A 

= 2y 

eg 

(3-140) 

^SP 

= 2 z 

eg 
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c. 


Equation  (3-J34)  then  becomes; 

K}=  ^ <®ref  W - WSP)' 


SP 


(3-141) 


"N, 


Dynamic  Pressure.  The  equation  for  dynamic  pressure  is 
given  by; 

q = 1/2  p (Ib^/ft^)  (3-142) 

where 

. P = atmosphere  density  (lb  /ft^) 

m 

V = velocity  of  vehicle  relative  to  the  wind  (ft/sec) 

The  critical  quantity  to  compute  the  magnitude  of  the  dynamic 
pressure  (and  hence  the  aerodynamic  torques)  is  the  atmospheric 
^nsity,  p , which  varies  logarithmically  with  altitude.  Since 
the  velocity  magmtude  is  a less  sensitive  factor,  the  average 
velocity  will  be  used  where; 


where 


V = V 

avg 
= a uj 

o 

a = semi-major  axis  of  the  orbit 

= 1/2  (2r  + h + h ) 

e a p' 

r^  = earth  radius  = 3442  nmi 
= perigee  altitude 

Jr 

h^  = apogee  altitude 

= average  orbital  velocity  (rad/sec) 

72 


(3-143) 


(3-144) 


u) 


=(+)' 


M-  = earth's  gravitational  constant 
= 1.407645  X 10^^  ft^/sec^ 


(3-145) 


(3-146) 


Equations  (3-143)  and  (3-144)  into  Equation  (3-142) 


= 3.6x10 


10 


(3-147) 


where  a is  in  nautical  miles  and  p is  in  lb  /ft^ 

m 
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The  atmospheric  density,  p , is  shown  in  graph  form  in 
Figure  3-15  as  a function  of  altitude.  Since  its  magnitude 
varies  so  dramatically  with  altitude,  three  straight  line 
segments  were  used  to  approximate  p with  the  equations 
for  each  shown. below.  Note  that  the  equations  will  not  hold 
for  altitudes  .below  120  km  (65  nmi).  ' For  altitudes  over 
926  km  (5D0  nmi),  the  density  is  so^small  as  to  make  aero-, 
dynamic  torques  negligible. 

h-65 

1.  5.x  10“^(0.  02) 


for  65  nmi  < h < 100  nmi 
h-100 

3x10  (4'.  33  X 10  for  100  nmi  < h < 300  nmi 

h-300 

1.  3 X 10“^\l.  538  X 10"^) 


(3-148) 


for  300  mmi  < h < 500  nmi 


fieference  Areas.,  The  reference  area  will  be  the  .area  of  the 
flat  plate  facing  the  wind  (or  direction  of  travel).  As  rough 
approximations,  the  cylindrical  and  spherical  shaped  bodies 
will  be  assumed  to  be  boxes.  Refer  to  Figures  3-13  and  3-16 

for  a pictorial  description  of  the  following  equations  of  reference 
areas: 

( EQBSID  , box 


SIDE  = 


I 


LENGTH  = 


. SATDAM,  cylinder  and  sphere 

(EQBLG  , box  and  cylinder 

SATDAM,  sphere 
If  mission  equipment  box  1 is  not  used,  then: 

EQMIXL  = EQMIYL  = EQMIZL  = 0 
If  mission  equipment  box  2 is  not  used,  then: 

EQM2XL  = EQM2YL  = EQM2ZL  = 0 
1'.  Nose  Forward 

®ref  ""  (EQMIYL,  EQM2YL,  SIDE) 

* max  (EQMIZL,  EQM2ZL,  SIDE) 

2.  Nose  Down 

S^^^  = SIDE  * LENGTH  + EQMIXL  =5=  EQMIYL 
• + EQM2XL  =5=  EQM2YL 


(3-149) 


(3-150) 


(3-151) 


(3-152) 


(3-153) 


(3-154) 
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Figure  3-16.  Relationship  Between  the  Orbital' Reference  Frame  and  the 
Three  Vehicle  Reference  Frames 


3.  Sideways 


Sref  = SIDE  LENGTH  + EQMIXL  * EQMIZL 
+ EQM2XL  =:=  EQM2ZL  . 

4.  Solar  Arrays 

S^^.  = SAITL^SAIZL 

®^SA1 

Sref  = SA2YL  « SA2ZL 


(3 

(3- 

(3- 


the  distances 


SA2 

6.  Reference  Distances 

The  reference  distances  (x  y 

along  the  vehicle  x^,  y^,  axes,  respectively,  from  the 
vehicle  coordinate  system  to  the  center  of  the  flat  plate  facii 
tlie  wind.  Since  the  equipment  bay  and  mission  equipment 
boxes  may  be  of  different  dimensions,  the  effective  flat  plate 
will  be  taken  to  be  equal  to  the  one  which  is  farthest  from  thi 
vehicle  coordinate  center  as  a worst-case  .approximation. 
Figures  3-13  and  3-16  illustrate  the  following  equations: 

Nose  Forward  ' ' 


(3 


j^fef 

LENGTH /2  + EQMIXL 

^ref 

0 

• 

1 ^ref 

0 

Nose  Down 


'’'ref 

^ref 

^ref 
Sideways 


1/2  (EQMIXL  - EQM2XL) 

0 

-1/2  max  (SIDE,  EQM'lZL,  EQM2ZL)' 


1/2  (EQMIXL  - EQM2XL) 

J = |l/2  max  (SIDE,  EQMIYL,  EQM2YL) 
0 


-155) 

156) 

157) 


158) 

•159) 

160) 
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4. 


f. 


SoXar  Panels.  Since  the  y components  cancel  out  and 
the  components  are  zero. (as  shown  in  Para<  3.8.  1,  l.b), 
only  Xj-efcT3  each  panel  need  be  supplied.  ' 

The  panels  may  be  located  at  the  center,  forward  or  aft 
of  the  equipment  bay: 

1/2  LiENGTH,  forward 

0 , center  (3-161) 

1/2  LENGTH,  aft 


Transformation  Matrices.  The  transformation  matrices  re- 
lating the  orbital  reference  frame  to  the  vehicle  coordinate 
frame  are  defined  as:-- 


(3-162) 


Refer  to  Figure -3-16  for  the  following  definitions  of  the  three 
transforrnati on  matrices. 


1.  Nose  Forward 


(3-163) 


2,  Nose  Down 


(3-164) 


(3-165)’ 
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Aerodynamic  Force  Coefficients 

The  aerodynamic  force  coefficients  for  a flat  plate  are: 

= E.012cos^q'  (3 

C = - sin  E 0 (3 

y 

C = sin  2 O'  (3 

n 


whe  re  , 

■01  = angle  of  attack,  radians 

0 = .sideslip  angle,  radians 

a = total  angle  of  attack 


= cos  ^ l^cos  0/(1  + cos^0  tan^o?)  ^ J (3' 

For  small  angles,  a can  be  expressed  as; 

= cos“^  [l/(l+a^)^^^]  (3 

It  is  assumed  that  only  the  flat  .plate  facing  the  wind  receives 
any  force  on  it.  Further,  a and  0 are  assximed  to  be  at  their 
maximum  values. 

O'  = deadband  (3 


= tan 


V (max)' 
^o 

i^nax) 

X 

o 


1+  deadband 


(3 


where 

(max) 

o 

V (max) 

y 

■'o 

V (max) 

X 

o 

V (max) 
^o 


orbital  x^  component  of  the  relative  wind 
velocity  vector,  ft/sec 

orbital  y^  component  (max)  and  (max) 

can  be  approximated  as:*^  ° 

r (0 
o 

-u)  r sin  i 
e 


(3 

(3 


166) 

167) 

168) 

169) 

1-70) 

171) 

172) 


173) 

174) 
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where 


U) 


= vehicle  radius  from  center  of  the  earth,  ft 
- earth's  angular  rate 

= 7.  2924  X 10"^  rad/sec 
= orbital  inclination,  deg 


thus. 


= tan 


1 / “^e  . 

I sin  1) 

ro  / 


+ deadband 


(3-175) 


(3-176) 


The  average  orbital  rate,  cu^,  is  given  by  Equation  (3-145), 

If  the  semi -major  axis  is  in  nautical  miles,  then  the  equation 

, rad/sec  (3-177) 


for  u)  becomes: 
o 

251 

“o  = —372 


3.8. 1,2  Times  that  Disturbance  Torques  Are  in  Effect 

The  amount  of  time  that  the  aerodynamic  disturbance  torques, 

•T  , T , T , are  in  effect  .about  each  .axis  .will  be  approximated  fay  a 
3.  3.  H- 

X y z . ^ 

hyperbolic  function.  This  function  uses  the  information  that  for  a circular 

orbit  the  torques  are  always  in  effect  and  for  an  orbit  with  7 1^9 

h = 200,  the  torques  are  effective  0,2  of  the  time.  The  function  also 

3,  >■ 

takes  into  account  orbit  eccentricity.  The  resulting  equation  is 

T =T  =T  = pT(2.  592  X 10^),  sec 
a a a 
X y z 


(3-178) 


where 


T 

P 

h 

a 

h 


= mission  lifetime,  months 
17.8 


(h  -h  +18.75) 
a p 


+ 0.05 


(3-179) 


= apogee  altitude,  nmi 
= perigee  altitude,  nmi 
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3.8.2  Solar  Radiation  Disburbance  Torques 

3.  8.2.  1 Worst-Case  Solar  Radiation  Torques  - 

a.  Assxrmptions.  Several  asstimptions  and  approximations  must 
be  made  as  to  vehicle  shape  and  size  and  the  location  of  the  sxin 
in  order  to  simplify  the  solar  torque  equations.  It  will  be 
assumed  that  the  solar  panels,'  when  present,  will  have  their 
full  area  perpendicular  to  the  sun  line  at  all  times. 

All  vehicle  types  (box,  cylinder  and  sphere)  will  have  an  assumed 
shape  of  a box.  Therefore,  Figure  3-13  will  apply  except  that 
the  solar  panels  will  be  in  the- x - y plane. 

It  will  be  assumed  that  the  vehicle  looks  like  a flat  plate  to  the 
sun’s  radiation.  The  plate  area  used  will  depend  on  the  vehicle's 
orientation  in  orbit  (i.e.,  nose  forward,  nose  down,  or  side- 
ways) . The  location  of  the  effective  flat  plate  relative  to  the 
c.  g.  will  be  taken  as  the  maximum  dimension  of  the  equipment 
bay  or  mission  equipment  boxes. 

Worst-case  torques  will  exist  when  the-  sun  line  is  .perpendicular 
to  the  flat  plate  and  directed  along  the  negative  axis  (in  the 
orbit  plane,  away  from  the  earth’s  center)  . 

The  equations  were  simplified  from  those  provided  in  References 
3-8  and  3-9.  Pure  specular  reflection  is  assumed.' 

b.  General  Solar  Torque  Equation.  The  simplified  equation  for 
solar  torques  acting  on  a flat  plate  with  the  above  assumptions  is: 

{3-  180) 


s 


where 


JL 

F 


= 1 X F, 


distance  from  the  vehicle  c.  g.  to  the  center  of 
pressure  (located  at  the  center *of  the  flat  plate) 

h Ap(l-fe)z  (3-181) 

o o 

solar  radiation'  constant  outside  the  earth's 
atmosphere 

9.4  X 10"®lb/.ft^ 
flat  plate  area 

reflectance  coefficient  of  the  surface  of  the  plate 
0.7  for  the  vehicle 
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(3-182) 


The  equation  for  T can  be  written  in  matrix  notation  in  the 
orbital -reference  cfsordiriates  as: 


m fFj 

s 


where 


[13 


r 


0 


( i 

1 X 

X -X  ] 

eg  cp 

) ^ 

= [T] 
■ 

' V. 

-y 

) ^ 
1 ^ 

-eg  'Cp  / 
z -z 

1 z 

■ cp  j 

(3-183) 


(3-184) 


^cn’  ~ {distances  from  the  center  of  the  vehicle  coordinate 

” frame  to  the  center  of  the  effective  flat  plate 

along  the  vehicle  X,  y,  z axes,  respectively  (ft).. 


The  vehicle  coordinate  frame,  [T],  x , y ,'andz  are  the 

eg  ^cg  - eg 

same  as  previously  defined  in  Paragraph  3. '8. 1:1.  ‘ 
Substituting  Equations  (3-181)  and  (3-183)  into  (3-182)  yields: 


T [ * i 

£ 

■SI 

X 1 

7 

T^  V = h A (1  -i-  e) 

-i 

®y(  o p 

X 

T 1 

0 

s f 

z f 

1 / 

(3-185) 


For  the  nose-down  configuration,  the  worst-case,  solar  torques 
will  occur  when  the  sun  line  is  along  the  ic  axis.  In  this 
instance,  the  solar  torque  equation  becomes: 


fV  , =h^A!14*) 

nose  down  " 


(3-186) 
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When  solar  panels  are  present  {in  a nose-forward,  configura- 
tion only),  t&e  solar  torques  acting  on  the  panels  must  be 
added  to  the  solar  torques  on  the  main  body.  These  may  be 
simplified  by  geometry  considerations.  The  final  equations 


are  shown  below  as: 

a 

1 ' 1 Kr  \ 

• 

V 

1 ^SP 

T = h 

S 0 

Ap(l  + e) 

-i 

X 

► + S , (l  + eoj)-6 
refgp  SAj  xgp 

0 

(o 

where 

m 

(3-  187) 


ref, 


SP 


^SP  ^SP 


"SA 


solar  panel  area 

solar  panel  moment  arms 

reflectance  coefficient  of  the  solar  panel  surface 

0.2 


Reference  Areas.  The  solar  reference  area  is  the  area  of  the 

"effective  flat  plate  facing  the  sun.  For  worst-case  solar  torques, 

the  sun  line  is  parallel  to  the  orbital  a axis  (see  Figure  3-16). 

An  exception  to  this  will  occur  for  the  nose-down  configuration 

where  the  sun  could  be  directed  broadside  at  the  vehicle  along 

the  X axis, 
o 

As  in  aerodynamic  torques,  the  cylindrical  and  spherical 
shaped  bodies  will  be  assumed  to  be  boxes.  For  all  configura- 
tions: 


Ap  = SIDE  ^ LENGTH  + EQMIXL  « EQMIYL  + (3-188) 

EQM2XL  EQM2YL 


<j.  Center  of  Pressure  Distances.  The  quantities  X(.p,  Yep*  *^cp 
are  the  distances  freon  the  vehicle  coordinate  frame  to  the 
middle  of  the  effective  flat  plate  acted  on  by  the  sun's  rays. 
Since  the  equipment  bay  and  the  mission  equipment  boxes  may 
be  of  different  dimensions  the  effective  flat  plate  will  be  taken 
to  be  the  one  which  is  farthest  from  the  vehicle  coordinate 
center  for  worst-case  moments.  Figures  3-13  and  3-16 
illustrate  the  possible  cases.  For  all  configurations: 
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X 

cp 

^cp 

- ■ 

, 

z 

cp 

r 

1/2  (EQMIXL.  - EQM2XL) 
0 

-1/2  max  (SIDE,  EQMiZL, 


(3-189) 


3.  8.  2.  2 Times  that  Solar  Disturbance  Torques  are  in  Effect 

The  amount  of  time  that  the  solar  disturbance  torques  are  in 
effect  about  each  axis  will  be  taken  as  the  time  that  the  sun  is  acting  on 
the  vehicle.  These  times  are  used  in  conjunction  with  the  worst-case 
disturbance  torques  to  arrive  at  an  average  disturbance  torque  acting  on 
the  veMcle  during  its  lifetime.  A very  conservative  assumption  is  made 
here  based  on  worst-case  conditions  by  assuming  that  the  maximum  effec- 
tive area  is  always  perpendicular  to  the  sun  line  while  the  vehicle  is  in  the 
stm.  The  equations  for  t , t 


and  T aret 


X 


y 

_ T 


Tg(2.592x  101,'  sec 


(3-190) 


where 


s 


time  that  the  vehicle  sees  the  sun,  months 


fH 


m 


TT  - 1.02  sin 


■i 


/ 

[h  +h  I 

\ e p/. 


(3-191) 


u). 


= orbital  mean  motion,  ,rad/  sec 
= earth  radius,  £f 
= orbit  perigee,  ft 


3.8.3  Gravity- Gradient  Disturbance  Torques 

The  general  equations  for  gravity- gradient  disturbance  torques 
are  given  in  Reference  3-8.  They  are  simplified  below  using  small  angle 
assumptions  and  worst-case  conditions  (i.e.,  the  vehicle  is  at  perigee). 
The  products  of  inertia  are  also  assumed  to  be  zero  or  negligible. 
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' g. 


X 


■g. 


X 

= 9^  151.3 


(3-192) 


Sz 


= 0 


where 


K • = 3cu^^/(57.  3)-^ 


(3-193) 


U) 


= average  orbital  rate  (deg/sec)’ 


Qj^  , -9j^  ~ accuracy  requirements  on  tHe  pitch  and' yaw  axes, 

y , z respectively  (deg) 

■^x*  "^y’  “ ^oll»  pitch,  and  yaw  inertias,  respectively, 

(slug-ft2)  (in  orbital  coordinates) 

The  inertias  of  the  solar  panels  (if  any)  are  assumed  to  be 

negligible. 

Total, Maximum  Disturbance  Torques 

The  total  maximum  disturbance  torques  are  simply  the  sum  of 
the  individual  contributors : 


M, 


X 


X 


a. 


Z 


W<^T 


T 

®z 


z 

V.  / 


(3-194) 


The  total  disturbance  momentum  is  the  sum  of  the  individual 


momenta: 


• M 


D 


XJ 


T = 
a 

X 


X 


M, 


T 

gx 


/ \ 

T 


s- 

' X 


g. 


> (3-195) 
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3/8.5 


The  sequence  followed  in  computing  the  disturbance  torques 
is  as  follows; 


a. 

b. 

c. 

d. 

e. 

f. 

g‘ 

h.  ■ 

i. 
j- 

k. 

l. 

m. 

n. 
o; 
P- 

q. 

r. 


Abort  design  attempt  if  perigee  is  less  than  65  rani. 

Compute  the  gravity  gradient  torques. 

If  perigee  is  greater  than  500  nmi,  set  the  aerodynamic  torques 
to  zero  and  go  to  the  computation  of  the  solar  disturbance 
torques  (1). 

Set  the  solar  radiation  disturbance  torque  to  zero. 

Compute  the  aerodynamic  reference  areas. 

Compute  the  aerodynamic  reference  distances. 

Compute  the  aerodynamic  force  coefficients. 

Compute  the  dynamic  pressure. 

Compute  the  aerodynamic  disturbance  torque. 

Compute  the  time  that  the  aerodynamic  torque  is  in  effect. 

Go  to  the  total  maximum  disturbance  torque  computation  (q). 
Compute  the  solar  reference  area. 

Compute  the  center  of  solar  pressure. 

Compute  the  solar  pressure  moment  aims. 

Compute  the  solar  disturbance  torque. 

Compute  the  time  that  the  solar  disturbance  torque  is  in  effect. 
Sum  up  the  total  maximum  disturbance  torques. 

Smn  up  the  individual  disturbance  moments. 
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4.  AUXILIARY  PROPULSION  SUBSYSTEM 


4.  1 . general 

4.  1.  1 Subsystem  Functional  Description 

The  two  functions  of  the  auxiliary  propulsion  subsystem  are 
to  provide  attitude  control  forces  and  stationkeeping  or  maneuvering  forces. 

The  attitude  control  function  includes  pitch,  yaw,  and  roll  torques.  The 
forces  involved  must  be  provided  with  a response  rate  compatible  with 
the  dynamic  characteristics  of  the  vehicle  and  the  S&C  subsystem. 

Stationkeeping  or  maneuvering  velocity  increments  are  pro- 
vided by  translational  forces  along  a vehicle  axis  and  through  the  center  of 
gravity.  Sufficient  thrust  and  propellant  must  be  provided  to  account  for 
any  requirements  of  orbit  circularization,  apogee /perigee  correction,  and 
plane  change  AV. 

ii 

4.  1.  2 Component  Functional  Descriptions 

4.  1.  2.  1 Propellant  Group 

The  propellant  group  stores  the  required  impulse  propellant 
and  provides  control  and  hV  forces  on  command.  The  specific  components, 

;heir  functions,  and  operational  considerations  (where  appropriate  are  as  follows: 

^ a.  Thruster(s) 

1.  Provide,  steady  force:  duration,  thrust  level, 

2.  Provide  pulse  mode  force:  number  of  starts,  minimum 
impulse  bit. 

b.  Tank(s) 

1.  Contain  propellant(s)  sufficient  to  meet  mission 
requirements  plus  a safety  margin. 

2.  Provide  propellant /pressurant  separation. 

c.  Filter(s).  Protect  small  flow  passages  and  moving  parts 
from  contamination. 
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d.  Isolation  Valve (s) 


e. 


f. 


g‘ 


4.  1.2.2 


1.  Close  off  propulsion  system  from  tank  to  minimize 
risk  of  leakage  during  boost  and  inoperative  periods. 

2.  Provide  rediindant  on-off  function  in  the  event  of  system 
leakage. 

and  Drain  Valve.  Provide  for  loading  system  with  pro- 
pellant and  draining  after  ground  test  or  launch  abort. 

Thruster  and  System  Heaters /Insulation 

1.  Maintain  the  components  within  feasible  qualified 
thermal  limits. 

2.  Prevent  propellant  freezing  (heaters  and  insulation)  and 
vaporization  (insulation  only). 

Plumbing  .and  Connectors 

Provide  propellant  flow  between  all  components; 

2.  Provide  for  component  attachment  and  system 
' integrity  checkout. 

Pneumatic  Group 


The  pneumatic  group  stores  sufficient  pressurant  gas  (or 
gaseous  propellant)  to  maintain  the  required  propellant  flow  rate  throughout 
the  mission  life.  A constant  regulated  pressure  is  provided,  if  necessary.. 
The  specific  component  functions  are: 


Regulator.  Establish  a constant  system  pressure  within 
allowable  tolerances. 

' Tank.  Contain  pressurant  to  satisfy  mission  requirements 
plus  a margin. 

T*!!!  -and  Vent  Valve.  Provide  for  pressurizing/unloading  . 
pressurant. 

d.  Filter.  .Protect  the  regulator  and  valves  from  contamination 
due  to  loading. 

' prSlief  Valve.  Automatically  vent  excessive  system  pressure 
in  the  event  of  a regulator  failure  or  system  malfunction. 

f«  Isolation  Valve 

Provide  means  of  switching’ from  the  primary  pressure 
regulator  to  a backup  regulator, 

2*  Provide  on-off  pressurization  in  the  event  of  a system 
leak. 
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g‘ 


Plumbing  and  Connectors 

1.  Pravide  pressurant  flow  between  all  components. 

2.  Provide  for  component  attachment  and  system  integrity 
checkout. 


4. 1.2.3  Electrical  Instrumentation  Group 

The  electrical  and  instrumentation  group  provides  and  routes 
valve  control  signals,  heater  power,' and  telemetered  data.  The  general 
components  are; 


a. .  Valve  Power  Harness.  Provide  fxmctioning  power  to  thruster 

valves  and  isolation  valves. 

b.  Heater  Harness.  Provide  power  to  various  system  resistance 
heaters. 

c.  Propellant  Group  Instrumentation  . 

1.  Monitor  system  pressure  and  temperature  to  establish 
residual  for  blowdown  type,  ope  rati  on  and  to  indicate 
leakage. 

2.  Monitor  all  valve  signals  -for  indication  of  system  failures. 

d.  Pneumatic  Group  Instrumentation.  Monitor  system  pressure  and 
temperature  to  establish  residual  and  indicate  failures  which 
require  switching  to  a r^edundant.  system. 


4.  1.  3 Subsystem  Configurations 

Figure  4-1  diagrams  a typical  cold  gas  propulsion  subsystem 
configuration.  Both  attitude  control  and  translational  thruster  § are  included, 
(^and  © represent  pressure  and  temperature  transducers.  .Isolation  valves 
are  included  to  allow  for  close -off  of  any  propellant  manifold  which  indicates 
leakage  during  inoperative  periods.  In  general,  no  redundancy  is  included. 
Increased  redundancy  or  fail- ope  rational  requirements  may  be  fulfilled  by 
adding  more  thrusters  in  separate  manifolds,  by  using  thruste r' valve s in  a 
dual- sealing  configuration, and  by  adding  other  redimdant  backup  components. 

A typical  hydrazine  monopropellant  subsystem  configuration 
is  diagrammed  in  Figure  4-2.  A pressurization- system  is  included;  however, 
the  subsystem  can  also  be  operated  in  a blowdown  mode  by  locking  up  suf- 
ficient pressurant  in  the  propellant  tanks.  A rubber  or  metal  diaphragm 
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Increased  redundancy  or  fail -ope  rational  requirements  met  by  using  more  thrusters 
in  each  of  the  two  attitude  controi  clusters,  and  .by  using  thruster  valves  with  dual 
sealing  configuration 


Figure  4-1.  Cold  Gas  Configuration 
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PRESSURANT, 
TANK  rp 


RELIEF 

r-p*si 1 VALVE 

I 


FILL  AND 
VENT  VALVE 


HEATER 

(typ) 


FILL  AND 
VENT  VALVE 


DIAPHRAGM 


DRAIN  VALVE 


ISOLATION 

LINE  HEATER/ VALVE  CATAL  YST  BED 

\(typ)  ./  0 f heater  (typ) 

tJUUl 


HSHD<! 


ROLL/PITCH/ 
YAW  THRUSTERS 


FILTER 


ROLL/PITCH/YAW 

THRUSTERS 

(0.4  - 22  newton  thrust,  typ) 
(0.1  - 5.  0 lb) 


NOTE: 


TRANSLATION  THRUSTERS 
(22  - 1 330  newton  thrust,  typ) 
(5-300  Ib) 


/“•l-opef'ctional  requirements  met  by  using  more  thrusters 

SnSratift?®  by  using  thruster  valves  with  dual  sealing 

comiguration,  and  by  adding  an  isolated  propellant  tank. 


Figure  4-2. 


Hy  drazine  Monop  r op  ell  ant . C onf i gur  ation 
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separates  the  pressurant  from  the  propellant.  The  use  of  isolation  valves 
and  optional  redundant  ccnnponents  is  indicated.  Heaters  and/or  insulation 
are  generally  necessary. 

A typical  bipropellant  subsystem  configuration  is  diagrammed 
in  Figure  4-3.  Isolation  and  redundancy  concepts  are  the  same  as  above. 
Insulation  and  elastomeric  tank  bladders  are  indicated. 

4.  2 INPUT  DATA 

Input  data  for  the  subsystem  model  is,  required  from  the  user 
and  several  subsystems.  As  shown  in  Table  4-1,  .the  mandatory  inputs  are 
function,  mission  life,  thrust,  total  impulse,  and  pulse  life  requirements. 


Table  4-1.  Input  Data  Requirements 
User  Input 

1.  Function  (attitude  control  and/or  Av) 
■'2.  Mission  life 

Stabilization  and  Control  Subsystem 

1.  Attitude  control  thrust  level 

2.  Attitude  control  pulse  life 

3.  Total  impulse 

Reliability 

1.  Degree  of  redundancy 
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CHECK 
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(1.0  - 25.0  lb) 


* 

INSULATION  (typ); 


• FILTERS- 
(typ) 


TRANSLATION  THRUSTERS 
(110  - 1330  newton  thrust,  typ) 
125  - 300  ib) 


NOTE: 


l^reased  redundancy  or  fail-operational  requirements  met  by  using  more 
tnrusters  in  each  of  the  two  attitude  control  clusters,  and  by  usina 
thruster  volves  with  dual -sea ling  configuration. 


Figure  4-3,  Bipropellant  Configuration 
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SUBSYSTEM  DESIGN  ALGORITHM 


4.  3 

There  are  three  basic,  steps  in  the  atixiliary  propulsion  subsystem 
design  algorithm.  The  first  step  is  one  of  ascertaining  whether  a specific 
configuration  is  compatible  with  the  input  requirements.  The  second  step  is 
to  calculate  or  otherwise  determine  the  important  parameters  which  describe 
the  subsystem  design.  Using  this  information,  the  subsystem  components 
may  then  be  selected  from  the  data  base.  These  three  steps  are  described 
in  detail  in  the  following  sections. 

4.  3.  1 Configuration  Compatibility 

The  design  algorithm  will  design  all  three  subsystem  configu- 
rations (cold  gas,  monopropellant,  and  bipropellant)  and  will  provide  the 
reliability,  weight,  cost,  etc.  of  each  to  allow  selection  by  the  user  through 
the  process  of  elimination.  If  the  input  data  so  indicate,  one  or  more  of 
the  configurations  may  be  eliminated  autpmatically  by  the  design  algorithm, 
as  indicated  in  Table  4-2.  This  configuration  test  is  intended  to  preclude 
designing  those  configurations  which  are  clearly  undesirable,  according  to 
engineering  experience  and  analysis. 

4.3.2  Design  Equations 

4.  3.2.1  Liquid  Propellant 

The  propellant  group  characteristics  are  defined  first;  then 
the  pressurant  group  is  sized  to  complement  the  propellant  group  size  and 
pressure.  Propellant  and  pressurant  characteristics  required  for  com- 
ponent sizing  are  presented  in  Table  4-3. 

Propellant  weight  (W^)  is  established  from  total  impulse  (L ) 

P t 

requirements,  with  a 10-percent  factor  added  for  softness  in  mission  require- 
ments, subsystem  analyses,  and  component  operation  variances. 


W 

P 


(4-1) 
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Table  4-2.  Auxiliary  Propulsion  Configuration  Selection 


■ Input  Requirements  ' 

"Cold  Gas 

Monop  ropellant 

Bipropellant 

Thrust 

t 

< 224  newtons  (<  50  lb) 

- Yes  ' 

Yes 

Yes 

224-4450  newtons  {50-1000  lb) 

No 

Yes 

Yes 

> 4450  newtons  {>  1000  lb) 

No 

No 

Yes 

Total  Impulse 

< 4. 4x  lO"^  newton- sec  {<  lo"^  lb-sec) 

, Yes 

No 

No  • 

4. 4 X io"^  - 2.  2 X 10^  newton- sec_{10^  - 5 x 10^  lb-sec) 

'■  Yes-  ■ 

Yes 

No 

^ 2,  2 X 10^  - 8,  9 X 10®  newton-sec  (5  x lO”^-  2 x 10®  lb-sec) 

No 

Yes 

Yes 

> 8.  9 X 10®  newton-sec  (2  x 10®  lb-sec) 

No  ■ 

- . No 

Yes" 

Legend: 

Yes  - Acceptable 
No  - Unacceptable 


Table  4-3.  Propellant  and  Pressurant  Characteristics  • 


Propellant /Pressurant 

Density,  p 
g/cm3 

Average 
Specific 
Impulse,  Ig 
(sec) 

— 

Molecular 
Weight,  Mp_ 
(kg/mole)  ^ 

Nitrogen 

— 

65 

12.  7 

Hydrazine 

1.0 

200 

— 

Monomethyl  Hydrazine 

0.89 

260 

(with  NTO) 

— - 
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• The  relative  fuel  (W^^)  and  oxidizer  (W^)  weights  are  derived 
from  the  mixture  ratio  (MR)  which  is  included  with  the  thruster,  data  in  the 


data  base. 


W 

2_ 

1 + MR 


■ W = W,  xMR 
o f 


(4-2) 


Propellant  volumes  (V)  are  based  on  propellant  density  (p) 
at  294°K  (70°F).  ' ■ 


Vj  = Wj/p^ 


(4-3) 


Propellant  tank  volumes  for- pres  sure-regulated  configurations  - 
are  10  percent  greater  than  the  propellant  volumes  to  allow  for  a 5 percent ' 
minimum  ullage  and,  again,  to  account  for  possible  requirement  changes. 

In  the  case  of  a monopropellant  blowdown  configuration,  the  ullage  require- 
ment is  100  percent  of  the  fuel  volume. 


v^t  = 


V . = 1.1  V 
ot  o 


V-  = ? V 

ft  (blowdown)  -f 


(4^4) 


Nominal  propellant  tank  pressures  at  294°K  are  based  on  the 
rated  inlet  pressure  (P^^)  of  the  selected  thruster  plus  the  calculated  pres- 
sure drop  of  the  propellant  group  valves  (Ap.  ) plumbing  (Ap.)  and  fUters 
• For’ the  regulated  configuration:  • 
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(4-5) 


P.,  and  P . = P. . + Ap.  + 2A  p.„^  + Ap, 
it  ot  tl  ISO  flit  1 


where 


and 


AP.- 

ISO 


_ 1.  29  X 10 


-3 


where  - effective  flow  area 


AP 


filt 


R 


R w^ 

Flow  resistance 


(4-6) 


(4-7) 


and,  since  the  plumbing  length  and  configuration  cannot  be  defined,  the  line 
drop  (APj)  is  arbitrarily: 


AP. 


ISO 


(4-8) 


Equations  (4-4)  and  (4-5)  are  used  for  propellant  tank  selection. 
For  the  blowdown  case,  the  initial  pressure  is  the  same  as 
above  and  the  final  fuel  tank  pressure  is: 


final  P,. 
ft 


^ft/2 


(4-9) 


The  answer  from  Equation  (4-9)  is  substituted  back  into  Equation 
(4-5)  to  establish  the  minimum  flow  rate.  Minimum  blowdown  thrust  (F  . ). 
to  be  compared  with  a minimum  control  requirement  input,  is  then 


F . = w . I 

imn  mm  s 


(4-10) 


The  flow  rate  (w)  used  in  Equations  (4-6)  and  (4-7)  and  for  sizing 
valves  and  regulators  is  the  maximum  to  be  expected  when  a number  (N)  of 
thrusters  are  operating  simultaneously  for  pitch  or  yaw,  roll,  and  trans- 
lation functions.  The  maximum  propellant  flow  rates  are: 


w^  = NF/I^(1+MR) 

w = w , X MR 

o f 


(4-11) 
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The  above  flow  rate,  plus  pressures  from  Equation  (4-5)  and 
the  pressure  drops  from  Equations  (4-6)  and  (4-7),  .are  used  to  select  the  - 
propellant  valves,  based  on  a maximxim  allowable  AP  of  3.4  x 10^  newton/m^ 
(50  psi).. 


The  corresponding  pressurant  flow  rate  (w  ) at  294°k  is* 

pr 

w = (V-  + V )p 
• pr  ' f o pr 


= (w./p, + w Zp  ) P xM  xl.OZxlO”-^ 
. f f o o reg  pr 


(4-12) 


where  the  regulator  set  pressure.  5 percent  greater  than  the  highest 

tank  pressure: 


P 

reg 


= 1.  05  P.^  or  1.  05  P ^ 
ft  ot 


(4-i3) 


The  flow  rate  from  Equation  (4-12)  ^d  the  pressure  from  ' 
Equation  (4-13)  are  used  to  select  pneumatic  valves  and  regulators.  The 
maximum  allowable  regulator  pressure  drop  (AP  ) is  1.38  x 10^  newton/m^ 
(200  psi)  at  294*^K,  calculated  by: 


Ap 

reg 


= [l.27xlO^/P  M ] 
reg  pr-* 


(4-14) 


The  regulated  pressurant  volume  (V  ) at  294°K  is  based  on 
' • 

the  propellant  group  size  and  pressure  after  all  propellant  is' expelled,  plus 
an  added  factor  for  the  pressurant  tank  which  remains  at  approximately 
twice  the  propellant  tank  pressures. 


V 

. pr 


= + V + 2V 


ft 


ot 


prt 


For  the  blowdown  configuration; 


(4-15) 


V ' (blowdown)  = V,, 
pr  ft 


(4-16) 


The  pressurant  tank  volume  (V  ) for  tank  selection  is  based 

7 7 

on  an  assumed  tank  capability  of  2.07  x 10  newton/m  (3000  psia)  and  is 
substituted  back  into  the  above  pressurant  volmne  equation. 
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V . = V X P,^/3000 
prt  pr  ft  ■ 

Finally,  the  pressnrant  weight  (W  ) at  294°K  and 
newton/nrx^  (300  psia)  is: 

W = p V , 
pr  “^pr  prt 

- = 3.  05  X 10“'^  M V 

pr  prt 


(4-17) 

2.07  X 10^ 

1 

(4-18) 


The  subsystem  weight  is  compiled  from  the  component  data 
base.  Since  line  lengths  are  unknown,  the  propellant  and  pneumatic  plumbing 
weights  are  estimated  as  equal  to  10  percent  of  the  associated  tank  weights. 
The  number  of  filters  for  each  propellant  is  equal  to  the  number  of  thrusters 
plus  one  for  cold  gas  and  monopropellant  systems,  and  the  number  of  thruster 
clusters  plus  one  for  the  bipropellant  system.  The  electrical  harness  weight 
IS  included  in  the  total  vehicle  electrical  harness  weight  estimate  in  the 
vehicle  sizing  model. 


4.  3.2.2 


Gaseous  Propellant 

The  total  gas  weight  (W^^)  requirement  is: 


W 


pr 


= 1. 


1 I. /I 

t s 


(4-19) 


The  required  tank  volume  (V  ) at  294°K  and  2.  07  X lo’’ newtonto^ 
including  an  allowance  for  residual  gas  at  6.  9 x 10^  newton/m^  (100  psia), 


is: 


V = 1.  03  W /p 
prt  pr  ^pr 

= 3.4  X 10^  W /M 
pr  pr 

The  regulated  pressure  (P  ) is  based  on  thruster  inlet 

reg 


(4-20) 


pressure  (P^j)  and  system  pressure  drop: 


P = P..  + Ap.  + Ap  + AP 
reg  ti  iso  ^ -^filt  ^ “-^1 


(4-21) 


where 


P 


pr 


= 1. 02  X 10“^  P , M 

ti  pr 


(4-22) 
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Finally,  the  maximum  flow  .rate  (w  ) at  294°K  is: 

pr 


w • = NF/I 
pr  s 


(4-23) 


The  pneumatic  tank  is  selected  from  Equatidn  (4-20)  and  the 
pressure  regulator  and  valves  frorri 'Equations  (4-T4),-  (4-21)^  and  (4-23),  based 
on  a maximum  allowable  pressure  drop  of  1. 38  x 10  hewton/m  (200  psi). 

4.  3.  3 Design  Logic 

The  sequence  followed  in  implementing  the  design  algorithm 

is  as  follows; 


4.  3.3.  1 


a. 


b. 


c. 

d. 


e. 


f. 

g* 

h. 

i. 


Liquid  Propellant 

Select  translational  thrusters. 

1.  Thrust  level 

2. '  Pulse  life 

Select  attitude  control  thrusters. 

1.  Thrust  level 

2.  Pulse  life 

Compute  propellant  flow  rate. 

Select  filters. 

1.  Flow  resistance 

2.  Maximum  pressure  rating 
Select  isolation  valves 

1.  Flow  area 

2.  Maximum  pressure  rating 
Estimate  line  pressure- drop. 

Compute  required  propellant  tank  pressures. 
Compute  propellant  weight.  ’ . 

Compute  required  propellant  tank  volumes’. 
Select  propellant  tanks  and  number  required. 

1.  Voltime 

2.  Pressure 
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k. 


1. 


m. 


n. 

o. 
P- 


q- 


4.  3.  3.  2 

a. 


b. 


c. 

d. 


e. 


f. 


g* 


Compute  pressurant  flow  rate. 

Select  isolation  valve  for  each  pressure  regulator. 

1.  Flow  area 

2.  Maximum  pressure  rating 
Select  pressure  regulator  (if  required). 

1.  Flow  area 

2.  Pressure  set  point 

3.  Maximum  pressure  rating 
Compute  pressurant  volume.  ' 

Compute  pressurant  weight. 

Select  pressurant  tank. 

1.  ■ Volume 

2.  Maximum  pressure  rating 

Call  up  configuration  special  hardware  from  the'  data  base 
which  is  not  differentiable. 

Fill  and  drain  valves. 

Gaseous  Propellant 

Select  translational  thrusters. 

1.  Thrust  level 

2.  Ptilse  life 

Select  attitude  control  thrusters. 

1.  Thrust  level 

2.  Pulse  life 

Compute  maximum  flow  rate. 

Select  filters. 

1.  Flow  resistance 

2.  Maximum  pressure  rating 
Select  isolation  valves. 

.1.  Flow  area 

2.  Maximum  pressure  rating 
Estimate  line  pressure  drop. 

Compute  required  regtdated  pressure. 
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Select  pressure  regulator. 

1. '  Flow  area 

2.  Pressure  set  point 

3.  Maximum  pressure  rating 
Compute,  gas  weight. 

Compute  required  tank  volume. 

Select  tank  and  number  required. 

1.  Volume 

2.  Pressure 

Call  up  configuration  special  hardware  from  the  data' base 
which  is  not  differentiable. 

1 • Fill  and  drain  valve 
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5,  DATA  PROCESSING  SUBSYSTEM 


5. 1 GENERAL  ~ 

5-1.1  Subsystem  Functional  Description 

The  data  processing  subsystem  performs  any  dr  all  of  the  following 

functions: 


Command  Decoding  - Command  decoding  generally  takes  the 
^ form  of  receiving  data  on  the  uplink  and  developing  unique  cornmands 
to  control  the  mode  of  the  other  subsystems. 

Telemetry  Data  Processing.  - Internal  status  monitors  of  the 
spacecraft  state -of- health  provide  signals  for  multiplexing  and 
encoding.  The  output  goes  to  the  baseband  assembly  unit  in 
the  communication  subsystem,  for  transmission  on  the  downlink. 

Attitude  Processing  - Attitude  processing  generally  takes  the 
form  of  processing  sensor  and  rate  data  (pulse  width,  timing, 
coincidence,  etc.)  and  developing  error  signals.  This  may 
require  developing  state  vector  or  epherneris  from  sun,  earth, 
and  star  sensor  data. 

Mission  Equipment  Data  Processing  - Mission  equipment  pro- 
cessing  is  unique  to  each  payload  but  generally  takes  the  form  of 
data  compression. 

5.1.2  Subsystem  Configurations 

Two  configuration  models  have  been  developed  for  the  data  ■ 
processing  subsystem: 

a.  Special  purpose  processors 

b.  General  purpose  processors 

The  special  purpose  processor  configuration,  depicted  in  Figure  5-1,  has 
been  subdivided  into  twocategorie^s: 

a.  One  (1)  digital  telemetry  unit 

b.  Two  (2)  digital  telemetry  units 
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HIGH  SAMPLE  RATE  REQUIRED 


I 

t\j 


r 
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L 


^ Denotes  fequirement  for  signal  conditioner 
if  the  'sampied  point  Is  analog 


Figure  5-1,  Special  Purpose  Processor  Configuration  Block  Diagram 


LOW  SAMPLE  RATE  REQUIRED 


The  purpose  of  the  two  categories  is  to  mamtain  consistency  with  the 
communication  subsystem  which  may  have  one  or  two  downlinks  which 
the  digital  telemetry  units  (DTUs)  are  expected  to  service. 

5.1.3  Configuration  Compatibility 

The  data  processing  subsystem  configurations  are  generally . 
consistent  with  the  communication  subsystem  configurations.  Table  5-1 
'summari25es  the  compatibility  requirements  between  the  two  subsystems. 

It  shoiild  be  clear  that  the  mission  data,  if  provided,  is  combined ‘with  the 
"housekeeping"  data  when  there  is  only  one  communications  downlink. 

When  there  are  two  downlinks,  mission  data  is  handled  on  the  separate 
downlink.  If  mission  data  is  not  passed  to  the- spacecraft,  the  separate 
downlink  configurations  in  the  communication  subsystem  are  NOT  designed. 

5.1.4  Equipment  Types 

The'  list  of  .equipment  types  from  which  the  subsystem  components 
will  be  selected  is  provided  below; 

a.  Digital  telemetry  unit 

1.  Multiplexer 

2.  Encoder 

3.  Control 

b.  Command  decoding  and  distribution  unit  ' 

1.  Decoder 

2.  Memory  (if  required) 

3.  Clock 

4.  Control 

.5.  Distribution  logic 

c.  General  purpose  data  processor 

The  elements  of  each  component  are  stated  in  order  to  avoid  misunderstanding 
as  to  whether  any  subcomponents  have  been  left  out  of  the  model. 
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Table  5-1.  Data  Processing  Configuration  Compatibility 


Communication  • 
Configuration  - 

Vtj — 

General 
Purpose 
Processor  - • 

Special  Purpose-Processors 

1 DTU  ■ 

2 DTUs 

Uplink,  Plus  downlink 

Yes 

( 1 Data  Rate 
Computed) 

Yes 

No 

Unified  link,  common  antenna 

Yes 

(i  Data  Rate 
Computed)' 

Yes 

No  ■ 

Unified  link,  separate  antennas 

■ Yes 

(1  Data  Rate 
Computed) 

Yes 

No 

Unified  link,  common  antenna 
plus  downlink 

Yes 

(2  Data  Rates 
Computed) 

No 

Yes 

Unified  link,  separate  antennas 
plus  downlink 

Yes 

(2  Data  Rates 
Computed) 

No 

Yes 

Legend: 

Yes  - Compatible 
■ No  - Incompatible 
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INPUT  DATA 


The  information  required  from,  the  user  to  design  the  data 
■processing  subsystem  is  identified  in  Table  5-2. 

In  addition  to  the  user  supplied  data,  the  followitig  information 
is  required  from  the  equipment  data  base  for  each  component  selected  as 
part  of  the  spacecraft  design: 


a. 


b. 


c. 


d. 


e. 


Number  of  power  switching  commands 
Number  of  time  tagged  commands 
Number  of  other  commands 
High  rate  telemetry 

1.  Number  of  analog  points 

2.  Number  of  digital  points 

3.  Sample  rate  {bps) 

4.  Word  length  (bits) 

Low  rate  telemetry 

1.  Number  of  analog  points 

2.  Number  of  digital  points 

3.  Sample  rate  (bps) 

4.  Word  length  (bits) 


Table  5-3  summarizes  the  additional  input  data  required  by  the  data 
processing  subsystem  model. 
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Table  5-2.  Input  Data  Supplied  by  User 


Symbol 

Name 

Representive 

Value 

BTRMX 

Maximum  bit  rate  (bps) 

1.024  X 10^ 

SCSFL 

Special  command  synchroni- 
zation flag 

(0  means  no  synchronization 
required,  1 means  synchroniza- 
tion required)  . 

0 

TPRFL. 

Telemetry  processing  flag 
(0  means  telemetry  processed 
separately  from' general  pur- 
pose processor,  1 means 
othe  rwise) 

0 

OPSMS 

Mission  data  processing  rate 
(ops /sec) 

0 

ARRAYN 

Mission  data  for  up  to  three 
equipments 

0 

NMSEQ 

Number  of  mission  equipment 

0 
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Table  5-3.  Input  Data  Requirements 

User  Input 

(See  Table  5-2) 

DataBase  ", 

(Summarized  in  text) 

Stabilization  and  Control  Subsystem 

1.  Niamber  of  attitude  sensors 

2.  Data  operations  required  per  sensor 

3.  Data  processing  rate 

Communication  Subsystem 
■1.  Configuration  type 
2'.  Command  rate 

3.  Command  ojJeratioiis  required 

4.  Telemetry  operation's  required 

Reliability  . 

1.  Degree  of  redundancy 
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5.  3 SPECIA3L  PURPOSE  PROCESSOR  CONFIGURATIOISI 

5.  3.  1 Functional  Description 

The  special  purpose  processor  configuration  components  per- 
form the  following  functions; 

a.  Telemetry  Data  Processing  - A typical  telemetry  data 
processor  (TDP)  is  shown  in  block  diagram  form  in  Figure  5-2. 
The  TDP  is  divided  into  three  major  categories:  multiplexers, 
encoder,  and  control.  The  multiplexers  (mux)  consist  of  one 
main  frame  mux  having  n channels  being  scanned  at  some 
rate  R (usually  specified  in  bits  per  second,  whicb  if  divided 
by  bits  per  channel,  yield  the  channel  sample  rate)  and  some 
number  of  m channel  subframe  multiplexers  being  scanned 

at  1/n  times  the  mainframe  channel  rate.  All  the  subframes 
need  not  be  m channels  but,  for  the  sake  of  simplicity,  they 
generally  are.  The  encoder  consists  of  a switch  to  determine 
whether  a given  channel  is  presenting  analog  or  digital  informa- 
tion, an  analog -to -digital  converter  for  those  channels  whose 
input  is  analog,  a one-word  holding  register,  and  a parallel-to- 
se3rilal  converter  to  clock  out  the  digital  words  at  the  serial 
telemetry  rate.  The  output  goes  to  the  baseband  assembly 
unit  in  the  communication  subsystem  for  transmission  on  the 
downlink. 

The  control  logic  generates  all  the  timing  signals,  mux  rates,  . 
sync  words,  etc.,  for  handling  the  overhead  and  making  every- 
thing operate  synchronously. 

b.  Command  Decoding  and  Distribution  - While  it  would  appear  to 
be  as  feasible  to  standardize  the  uplink  as  easily  as  the  downlink, 
this  has  only  been  partially  implemented.  The  uplink  of  SGLS 
has  indeed  been  standardized  as  well  as  the  downlink,  but  the 
standardization  reaches  only  to  the  communications-to-data  pro- 
cessing interface.  This  leaves  the  command  decoding  and  dis- 
tribution to  be  uniquely  specified  for  each  vehicle.  The  command 
decoding  function  often  is  included  in  the  electrical  integration 
assembly  of  a spacecraft  since  this  is  a logical  point  from  which 
commands  can  be  distributed. 

Figure  5-3  is  a block  diagram  of  a typical  coinmand  decode  • 
and  distribution  system.  From  this  block  diagram, it  can  easily 
be  seen  that  the  only  parameters  affecting  the  selection  of  the 
command  unit  is  the  number  of  commands  and  the  synchronizing 
strategy.  The  uplink  rate  is  not  a determining  factor  since 
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Figure  5-2.  Telemetry  Data  Proce 
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Figure  5-3.  Command  Decoding  arid  Distribution 


Unit  Block  Diagram 


uplink  rates  are  orders  of  magnitude  less-than  the  .speed 
capabilities  of- this  type  of  logic.  Synchronizing  strategy  is 
the  method  by  which  the  control  logic  recognizes  the  presence 
of  a command  on  the  link,  where  it  starts  and  where  it  stops. 
This  allows  the  control  logic  to  open  and  close  the  gate  at  the 
proper  times  into  the  command  register  and  strobe  the  decod- 
ing logic.  A further  complication  arises  if  commands  are  to  be 
time  tagged  {i.e,  , sent  with  the  time  they  are  to  be  executed). 
This  forces  the  decoding  logic  to  include  memory  in  which 
these  commands  are  stored  for  later  execution  and  requires 
time  to  be  sent  to  the  control  logic.  (Note:  LST  is  an- example' 
of  a time-tagged  command  system. ) If  commands  are  time 
tagged,  the  maximum  number  of  commands  which  can  be  stored 
must  be  specified. 

The- only  other  requirement  which  impacts' the  command  system 
is  the  total  number  of  commands  used.  This  require3oient' 
specifies  the  number  of  bits  required  in  the  -corrmiand  word  and 
the  number  (or  -width)  .of  decoding  gates  required.  The  number 
of  bits  (n)  in  the  command  word  is  related  to  the  number  of 
commands  (m)  by  the  following  relationship: 

2”  -1  s m 

The  command  word  of  all  zeros  should  never  be  used  due  to 
its  failure  state. 

c.  Mission  Data  Processing  - Mission  data  processing  (MDP) 
is  the  exception  rather  than  tiie  rule  on  most  satellites  and 
when  it  is  included  it  is  highly  specialized  and  designed  ex- 
pressly to- execute  a specific  algorithm.  An  example  from 
among  the  listed  example  satellites  is  DSP  which  preprocesses 
and  compresses  the  data  from  its  primary  mission. sensor.. 

The  raw  data  rate  is  over  36  Mbps  and  this  is  reduced  to  less 
than  0.  5 Mbps  in  the  data  processing  electronics  subsystem 
(DPES)  by  a combination  of  peak  detection  and  thresholding-.- 
It  must  be  pointed  out,  however,  that  the  DSP '.DPES  could  not 
even  remotely  be  considered  for  other  satellites,  eveii  one 
whose  mission  was  similar,  because  of  the  other  highly 
specialized  tasks  performed  hy  the  DPES. 
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5.3.2  Design  Equations 

The  parameters  which  determine  the  TDP  requirements  are 
.seen  to  be  quite  simple,  namely: 

a.  Maiximum  scan  rate 

b.  Sub sc an  rate 

c.  Number  of  channels  to  be  scanned  at  the  maximum  rate 

d.  Number  of  channels  to  be  scanned  at  the  lower  rate  (hence  the 

number  of  subframes) 

e.  Word  length 

The  first  requirement  may  be  driven  by  the  communication  subsystem. 

The  bandwidth  allocation  may  limit  the  maximum  scan  rate  irrespective 
of  the  sampling  requirements  but  these  are  tradeoffs  which  must  be  made 
in  the  design  of  the  vehicle. 

There  are  two  approaches  to  the  implementation  of  the  hard- 
ware  after  the  requirements  are  determined.  The  first  approach  is  to 
standardize  telemetry  processors  to  one  package  versatile  enough  to 
meet  all  requirem.ents  of  at  least  a large  majority  of  space  vehicles. 

This  approach  is  taken  by  the  Air  Force  space  ground  link  system  (SGLS). 
The  digital  telemetry  unit  (DTU)  for  SGLS  can  be  delivered  with  word 
lengths  ranging  from  4 to  8 bits,  bit  rate  from  7.  8125  bps  to  1024  kbps, 
'mainframe  size  from  32  channels  to  256  channels,  and  any  number  of 
subframes  from  32  to  128  words  long.  The  ranges  of  parameters  are 
not,  of  course,  continuously  variable  but  are  given  in  discrete  steps  of 
multiples  of  two  times  the  base. 

The  second  approach  is  to  design  special  units,  where  necessary, 
for  telemetry  data  processing  and  on  subsequent  spacecraft  try  to  choose 
a TDP  from  a previous  design  which  will  meet  the  new  requirements.  If 
an  existing  design  cannot  be  adapted,  however,  a new  unit  must  be  designed. 
The  disadvantages  of  the  first  approach  is  that,  .in  its  attempt  to  meet  all  (or 
most)  requirements,  it  cannot  be  optimized  for  any  and  it  must  also  be  used 
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as  a part  of  a standardized  communication,  subsystem  ■wh.ich.  may  also 
place  severe  constraints  on  the  vehicle  design.  The  second- approach 
has  the  disadvantage  of  often  requiring  new  design  when  no  previous  de- 
sign satisfies -the  current  requirements. 

There  will  always  be  cases  which  do  not  lend  themselves  easily 
to  standardization  such  as  conformal, coders  and  incremental  (delta  modu- 
lation) encoders.^  These  cases  would>  however,  require  special  design 
efforts  under  any  circumstances;  for  purposes  of  the  model  it  would  appear 
most  advantageous  to  elect  the  former  option  of  having  a standardized  TDP 
- from  which  the  most  optimum  equipment  for  a given  space  vehicle,  can  be 
selected  from  an  inventory  of  standard  items . 

One  assumption  simplifies  the  approach  to  a large  degree.  The 
assumption  is  that  the  stabilization  and  control  subsystem  will  process  ^ 

sensor  data,  in  a special  purpose  device  totally  contained  within,  the  sub  - ' 
system;  hence,  no  S&C'processing  is  considered  here.  , 

Telemetry  processing  (either  special  or  general  purpose)  is 
characterized' by  having  various  inputs  from 'each  of  the  other  subsystems 
and  one  output  to  the  communication  subsystem.  The  inputs  represent 
points  within  each  subsystem  which  are  sampled,  converted  to  digital 
form  (if  analog),  and  presented  to  the  modulator  of  the  communication 
subsystem  for  telemetering  on  the  downlink.  From  this  it  is  easily  seen 
there  are  only  three  parts  to  the  telemetry  processor; 

a.  Interface  Signal  Conditioning  for  Analog -Data  Points  - This 

equipment  is  required  to  make  voltag.e  signals  which  may  have 
widely  differing  ranges  compatible  with  the  input  to  the  analog- 
to-digital  converter  (generally  0-5  volts).  For  the  purpose  of  this 
model, it  will  be  assumed  that  each  of  these  interface  conditioners 
costs  the  same  as  the  others  and  that  no  conditioning  is  required 
for  digital  data  points.  ■ , 

b.  Multiplexer  (mux)  which  Samples  Each  Point  in  a Preprogrammed-.* 
Manner  - Actually  this  is  made  up  of  two  separate  multiplexers, 
the  main  mtix  and  the  suh-mux.  The  main  mux  samples  at  the 
highest  rate  necessary  and  the  sub-mux  (there  may  be  one  or  . 
more)  samples  at  a fraction  of  the  rate  of  the  main  mux  and  for 
those  points  not  requiring  high  sample  rates. 
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c.  Analog -to -Digital  Converter  - Analog -to-digital  converter 

XSDC)  converts  the  analog  signals  to  digital  form  so  that  they 
can  be  transmitted  on  the  down  telemetry  liiik.  The  ADC 
" accepts  analog  signals  from  the  mux  and  outputs  the  digital 
data. 

The  parameters  which’ impact  telemetry  processing  are* 

a.  Word  Length  - The  word  length  (mainly  associated  with  the 
ADC)  is  predicated  on  the  accuracy  and  range  requirements  o3 
the  sampled  point.  This  parameter  is  supplied  by  the  subsyst 
and  is  given  either  directly  (in  bits)  or  in  granularity  (e.  g.  , 

1 part  in  256  requires  8 bits). 

b.  Total  Number  of  Points  to  be  Sampled  along  with  Each  Point’s 
Sample  Rate  Requirement  - Each  subsystem  will  supply  a Hs 
containing  an  enumeration  of  points  and  the  rate  at  which  it 
must  be  sampled.  These  generally  will  be  divided  into  two 
lists,  one  for  high  sample  rates  and  the  other  for  low  sample 

rates.  The  former  is  associated  with  the  main  mux  and  the 

latter  with  the  sub-mux.  Along  with  each  point  must  also  be  ai 
■ indication  of  whether  ihis  point  is  analog  (requiring  interface 

signal  conditioning)  or  digital.  There  is,  then,  a 4x  n 
(n  = total  points)  array  containingi 

1.  The  name  (number)  of  the  point 

2.  The  sample  rate  (samples  per  second) 

3.  The  word  length  required  (bits) 

4.  Analog  or  digital 

Command  processing  is  considerably  less  demanding  having 
basically  only  two  requirements; 

a.  Command  word  length  is  derived  from  the  total  number  of 
commands  in  the  system. 

b.  If  time  tagged  commands  are  required, a memory  must  be  pro- 
vided to  hold  the  commands  for  later  processing.  The  number 
of  words  in  the  memory  is  set  by  the  maximum  number  of 
commands  which  must  be  stored  at  any  one  time  for  later  pro- 
cessing. 
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5.  3.  3 


Design  Logic 

The  sequence  followed  in  implementing  the  design  algorithm 
is  as  follows: 

a.  If  the  communication  subsystem  does  not  have  a separate  down- 
link for  the  mission  equipment  data,  combine  the  mission  equip- 
ment CDPI  requirements  with  the  data  for  the  equipment  selected 
from  the  data  base. 

b.  Order  high  rate  telemetry  points  by  sample  rate  required  for 
each  piece  of  equipment, 

c.  ■ If  any  telemetry  points  are  analog;  an  analog-to-digital  con-- 

verter  is  required. 

d.  Set  the  maximum  bit  rate. 

e*.  . Determine  the  median' data  rate  in  the  high  rate  telemetry  table. 

f.  If  the  highest  rate  is  greater  than  twice  the  median,  double  the 
allocated  telemetry  points  and' halve  the  highest  rate. 

g.  Reorder  high  rate  telemetry' table,  determine  new  median,  and 
repeat  test. 

h.  If  the  highest  rate  is  less  than  twice  the  median,  set  the  sample 
rate  equal  to  the  highest  rate. 

i.  Determine  the  median  word  length  reqmred  in  the  high  rate 
table . 

j.  If  the  maximum  word  length  required  is  greater  than  twice  the 
median,  double  the  number  of  allocated  telemetry  points  and 
halve  the  word  length. 

k.  Reorder  high  rate  telemetry  table  by  word  length,  determine 
new  median,  and  repeat  test. 

l.  If  the  maximum  word  length  required  is  less  than  twice  the 
median,  count  the  total  number  of  words  required  and  multiply 
by  l.EO. 

m.  If  the  number  of  words  is  greater  than  ?56,  abort  the  design 
attempt. 

n.  Set  the  main  frame  length  to  the  value  of  2^  next  larger'  than 
the  number  of  words  (5  ^,n  ^ 8). 

o.  Set  word  length  to  maximum  required  length. 

p.  Take  the  product  of  number  of  words,  word  length,  and  sample 
rate  to  yield  bit  rate. 
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q.  Set  bit  rate  to  next  highest  multiple  of  7.  8125  x 2^  (0SnSl7), 

T.  If  the  bit  rate  is  greater' than  the  maximum  bit  rate,  abort  the 
design  attempt. 

s.  Order  low  rate  telemetry  points  by  sample  rate  required  for  ‘ 
each  piece  of  e^ipment  selected  from  the  data  base. 

t.  Determine  the  median  data  rate  in  the,  low  rate-  telemetry  table. 

u.  If  the  highest  rate  is  greater  than  twice  the  median,  double  the 
allocated  telemetry  points  and  halve  the  highest  rate. 

V.  Reorder  low  rate  telemetry  table,  determine  new  median,and 
repeat  test. 

w.  If  the  highest  rate  is  less  than  twice  the  median,  set  the  sub- 
frame  rate  equal  to  the  highest  rate.  ‘ ' 

X.  Set  the  subframe  length  equal  to  the  nnainfranie  rate  divided  by 
the  subframe  rate. 

y.  ' Set  the  subframe  length  equal  to  the  nearest  lower  value  of  2^ 

(5  ^ n £ 7). 

z.  Mtiltiply  the  total  number  of  low  rate  telemetry  points  by  i.  20. 

a.  .Set  the  number  -of  subframes  to  the  next  larger  integer  of  the 
number  of  low  rate  telemetry  points  divided  by  the  subframe 
length. 

b.  Select  a DTU  based  on: 

1.  Bit  rate 

2'.  Word  length 

3.  Number  of  mainframe  words 

4.  Number  of  subframes 

5.  Number  of  words  per  subframe 

6.  Analog-to-digital  converter  requirement, 

_c.  If  the  Communication  subsystem  does  have  a separate  down- 

link for  the  mission  equipment  data^  'repeat  steps  b through  b 
using  the  mission  equipment  CDPI  requirements. 

If  the  user  specifies  a special  command  synchronization  require 
ment,  print  an  exception  report.  ' 

Sum  up  total  number  of  commands  required. 

f.  Multiply  number  of  commands  by  1.  5. 
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_g.  Raise  the  number  of  commands  to  next  larger  power  of  2^'.  ' 

h.  Set  the  command  word  length  equal  to  n. 

J,.  If  time  tagged-commands  are  specified  in  data  base,  state  that 
time  tagging  is  required  and  set  the  number  of  memory  words 
required. equal  to  the  number  of  time  tagged  commands. 

5-4  GENERAL  PURPOSE  PROCESSOR  CONFIGURATION' 

4.  1 Functional  Description 

The  model  of  a general  purpose  (centralized)  data  processing 
subsystem  is  characterized  by  having  a general  purpose  computer  aboard 
a satellite  which  has  sufficient  computing  capability  to  handle  all  (or  some 
well  defined  part)  of  the  data  processing  tasks  aboard  that  satellite.  While 
it  IS  clearly  recognized  tiiat  this  represents  a departure  from  the  major 
portion  of  toddy's  spacecraft, it  is  a.\so  recognized  that  this  approach  be- 
comes more  attractive  as  more  capable  spaceborne  computers  become 
available.  The  estimated  rate  in  operations  per  second  will  be  used  to 
evaluate  the  utility  of  a given  computer  in  a' given  satellite.  Secondary 
considerations  such  as  maximum  memory  size  constraints  and  special 
radiation  hardening  requirements  will  not  be  included  in  this  model. 

5*4.2-  Design  Equations 

The  requirements  of  a general  purpose  data  processing,  sub- 
system are  contained  within  the  following  driving  functions: 

a.  The  number  of  Inputs  to  the  processor  and  the  rate  of  data  at 
■ that  input. 

b.  The  .number  of  outputs  from  the  processor  and  the  rate  which 
each  generates  (no  multiplier  for  operations  is  assumed  since 
each  output  is  assumed  to  be  a result  of  an  operation  on  an 
input). 

c.  A 20-percent  factor  added  to  the  total. to  account  for  software 
overhead  attributed  to  the  operating  system  (executive  program). 

d.  A 50-percent  factor  added  for  expansion  and  contingencies. 
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The  first  decision  is  whether  to  process  the  telemetry  within 
the  general  purpose  computer  or  to  process  it  separately  in  the  classical 
manner.  The  input  for  this  'decision  is  user  supplied  and  could  he 
to  do  both,  so  a comparison  can  be  made  directly.  One' factor  appearing 
is  a term  designated  "Operations  Required."  For  S&C  this  factor  must 
be  defined  by  the  subsystem  since  different  types  of  S8cC  require, different 
computations.  For  telemetry  the  operations  required  will  be  four  and 
command  will  be  six  since  these  functions  require  no  processing  but  only 
a storage  and  output  plus  decoding  in  the  case  of  command.  Telemetry 
rate  has  been  previously  computed  and  command  rate  is  the  rate  at  which 
commands  can  be  sent  which  must  be  supplied  by  the  communication 
subsystem  (the  rate  must  include  any  time  required  for  a preamble). 

Mission  Ops  is  user  specified. 

5.  4.  3 Design  Ltogic 

The  sequence  followed  in  implementing  the  design  algorithm  is 

as  follows: 

a.  Duplicate  the  logical  operations  specified  for  the  special  purpose 
processor  configuration.  Do  not  select  the  DTUs  from  the 

data  base  at  this  point. 

b.  Set  the  telemetry  operations  rate  equal  to  the  product  of  the  bit 
rate  and  the  number  of  telerhetry  operations  required  divided  by 
the  word  length. 

c.  If  the  user  specifies  that  the  telemetry  is  to  be  processed 
separately,  set  the  telemetry  operations  rate  equal  to  zero 
and  select  the  telemetry  DTtJ  from  the  data  base. 

d.  Set  the  S&C  operations  rate  equal  to  the  product  of  the  number 
of  attitude  sensors,  the  operations  required  per  sensor,  and 
the  processing  rate, 

e.  Set  the  command  operations  rate  equal  to  the  product  of  the 
command  rate  and  the  number  of  operations  required  per  command. 

f.  The  total  operations  rate  is  equal  to  the  sum  of  the  operations 
rates  for  telemetry,  S&C,  command,  and  mission  equipment. 
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g.  Multiply  the  total  operations  rate  by  1.2  to  account  for  over- 
, head  functions. 

h.  Multiply  the  new  total  operations  rate  by  1.  5 to  allow  for 
expansion. 

i.  ' Select  a general  purpose  processor  based  on;  • 

1.  Instruction  rate 
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6.  COMMUNICATION  SUBSYSTEM 


6. 1 GENERAL 

A design  algorithm  has  been  prepared  which  can  be  used  to 
establish  preliminary  designs  of  the  communication  subsystem.  The  algo- 
rithm establishes  the  subsystem  configuration,  selected-performance  char- 
acteristics required  of  the  components,  and  criteria  for  selecting  acceptable 
components  from  the  data  base. 

Some  design  considerations  require  knowledge  of  the.  standards 
employed;  these  standards  were  not  available  for  the  NASA  unified  S-band 
(USB)  systems  and,  as  a consequence,  parts  of  the  algorithm  gravitate 
toward  the  Air  Force  space  ground  link  system  (SGLS).  However,  the 
model  has  been  made  more  general  wherever  possible. . Reference  6-1 
was  used  for  information  on  the  SGIS  and  Reference  6-2  was  used  for  the 
NASA  system. 

The  algorithm  includes  provisions  for  determining  the. charac- 
teristics of: 

a.  Antenna's 

b.  Transmitters 

c.  Receivers 

d.  Coinmand  signal  conditioners 

e.  Baseband  assembly  units 

£.  Diplexers 

Command  decoders,  digital  telemetry  multiplexers,  and  recorders  are 
not  included  because  they  were  assigned  to  the  data  processing  subsystem. 
Encryption  and  decryption  equipment  are  primarily  of  interest  in  DOD 
programs  and  are  not  included  in  the  model. 

6.1.1  Subsystem  Functional  Description 

The  communication  subsystem  receives  the  uplink  transmissions 
and  supplies  the  demodtilated  signals  to  the  command  decoder  for  satellite 
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and  mission  command  and  control.  The  subsystem  transmits  the  "house- 
keeping" and  mission  data.  The  data  is  received  from  the  data  processing 
subsystem.  In  many  designs,  the  subsystem  receives  a ranging  signal  from 
the  ground  stations  and  transmits  a corresponding  signal  back  to  the 
ground. 


6.1.E  Component  Functional  Descriptions 

The  communication  subsystem  components  perform  the  follow- 
ing functions: 

a.  Antenna 

1.  Radiate  and/or  receive  electromagnetic  signals. 

2.  Provide  gain /directivity. 

b.  Receiver 

1.  Demodulate  RF  uplink  signal  and  produce  a frequency  shift 
keyed  (FSK)  signal  output  for  the  SGL.S  or  a command 
pulse  train  for  the  NASA  USB’ system. 

2.  May  provide  a ranging  code  output  and  a drive  signal 
for  coherent  ope  ration  of  a telemetry  transmitter. 

c.  Command  Signal  Conditioner  - Convert  FSK  from  SGLS 
receiver  to  binary  signals. 

d.  Baseband  Assembly  Unit  - Modulate  digital  housekeeping  data 
from  the  data  processing  equipment  on  subcarrier(s)  and 
combine  with  pseudo-random-noise  .(PRN)  ranging  code  from 
the  receiver. 

e.  Transmitter 

1.  Modulate  housekeeping  or  mission  data  on  a carrier  at 
the  appropriate  radio  frequency  and  amplify  the  power 
to  the  required  level. 

2.  May  accept  a ranging  code  and  a drive  signal  for  coher- 
ent operation. 

f.  Diplexe r - Combine  or  distribute  signals  at  different  radio' 
frequencies. 


6.1.3  Subsystem  Configurations 


Five  configurations  have  been  established.  The  simplest  config- 
uration, which  is  depicted  in  Figure  6-1,  is  a non- unified  subsystem  with  a 
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Figure  6-1,  Separate- Uplink  and  Downlink 
Configuration  Block  Diagram 
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separate  uplink  and  downlink.  Figures  6-2  and  6-3  present  unified  sub- 
system configurations  having  either  a common  antenna  or  separate  antennas. 
Downlinks  separate  from  the  unified  links  are  provided  for  the  mission 
equipment  data  in  the  fourth  and  fifth  subsystem  configurations  presented 
in  Figures  6-4  and  6-5. 

6.2  INPUT  DATA 

Input  data  for  the  subsystem  model  are  required  from  the  user 
and  several  subsystems.  Inputs  supplied  by  the  user  are  listed  in  Table  6-2. 
As  shown  in  Table  6-1,  mandatory  inputs  (other  than  user- supplied)  include 
mission  and  housekeeping  data  rate(s),  vehicle  stabilization  type,  and  the 
amount  of  redundancy  required. 

Table  6-1.  Input  Data  Requirements 

User  Input 

{See  Table  6-2) 

Data  Processing  Subsystem 

1.  Mission  data  rate  (bps) 

2.  Housekeeping  data  rate  (bps) 

Stabilization  and  Control  Subsystem 

1.  Stabilization  type  (spin  versus  nonspin) 

Reliability 

1.  Degree  of  redundancy 


6.  3 SUBSYSTEM  DESIGN  ALGORITHM 

The  design  algorithm  provides  a means  of  establishing  com- 
munication subsystem  configuration,  selected  performance  characteristics 
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Figure  6-Z.  Unified  Link,  Common  Antenna 
Configuration  Block  Diagram' 


Figure  6-3.  Unified  Link,  Separate. Antennas 
Configuration  Block  Diagram 
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Figure  6-4.  Unified  Link,  Common  Antenna  Plus 

Downlink  Configuration  Block  Diagram 


Figure  6-5,  Unified  Link,  Separate  Antennas  Plus 
Downlink  Configuration  Block  Diagram 


C.-3 
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Table  6-2.  Input  Data  Supplied  by  User 


Name 

r 

Representative  Value 

Compatibility  requirement  (.USB/SGLS) 

SGDS 

Range  and  range  rate  requirement 

. -No 

NASA/AFSCF  net 

AFSCF 

Nadir  coverage  requirement 

No 

Orbit  apogee  (nmi) 

500 

Vehicle  orientation  (earth /non- earth) 

Earth 

Frequency  of  each  link  (MHz) 

• S-hand 

Command  bit  or  band  rate  (bps) 

1000 

Telemetry  bandwidth  (Hz) 

Para  6.  3.2,  2 

required  of  the  components,  and  criteria  for  selection  of  acceptable  com- 
ponents from  the  data  base. 

6.  3, 1 Configuration  Selection 

The  design  algorithm  will  normally  design  all  five  subsystem 
configurations.  If  the  input  data  so  indicates,  one  or  more  of  the  configura- 
tions may  be  eliminated  according  to  the  user-supplied  input  requirements. 
This  configuration  test  is  outlined  in  Table  6-3. 

6.3.2  Design  Equations 

6.  3. 2.1  Baseband  Assembly  Unit 

The  baseband  assembly  unit  (BBAU)  is  an  SGLS  component  with 
characteristics  and  capabilities  consistent  with  those  described  in  Refer- 
ence 6-1.  The  maximum  data  rates  allowed  on  the  subcarrier(s)  are 
limited  to  those  for  which  Reference  6-1  provides  data  on  bit  error  rate 
degradation  due  to  hardware. 

This  information,  excerpted  from  Reference  6-1,  is  summarized 
in  an  addendum  to  this  section. 
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Table  6-3.  Communication  Configuration  Selection 


Configurations 

Ranging  Requirement 

Uplink  plus  downlink 

No 

Unified  link,  common  antenna 

Yes 

Unified  link,  separate  antennas 

Yes 

Unified  link,  common  antenna 
plus  downlink 

Yes 

, Unified  link,  separate  antennas 
plus  downlink 

Yes 

Liegend;  Yes  - Acceptable 

No  - Unacceptable 


A BBAU  is  used  as  part  of  the  unified  links.  The  BBAU  selectio: 
is  based  on  the  number  of  input  bit  streams  to  the  unified  link  and  the  bit 
rate  of  each  stream. 

3-  single  bit  stream,  a BBAU  with  a 1.  024  klHz  subcarrier 
is  used  for  data  rates  up  to  and  including  128  kbps,  and  a BBAU  with  a 
1.  7 MHz  subcarrier  is  used  for  256  kbps. 

For  two  bit  streams,  a BBAU  with  a 1.024  MHz  subcarrier  and 
a 1. 7 MHz  subcarrier  is  used;  the  bit  stream  with  the  lower  bit  rate  is 
assigned  to  the  1.024  MHz  subcarrier  and  the  other  is  assigned  to  the 
1. 7 MHz  subcarrier.  The  maximum  capability  of  the  1. 024  MHz  sub- 
carrier is  128  kbps,  and  the  1.  7 MHz  subcarrier  capability  is  256  kbps. 

The  frequency  of  the  subcarrier  associated  with  each  bit  stream  must  be 
noted  from  the  data  base  for  later  use. 

6.  3.  2.  2 Downlink  Effective  Radiated  Power 

This  section  of  the  algorithm  is  a straightforward  link  analysis 
for  effective  radiated  power  (ERP).  Atmospheric  and  rain  attenuation  are 


6-8 


not  included  because  it  is  not  of  great  significance  at  the  radio  frequencies 
commonly  in  current  use  for  telemetry  transmissions.  Ground  antenna 
pointing  loss  is  not  included  because  it  is  considered  to  be  negligible  in 
terms  of  the  accuracy  that  can  be  expected  from  this  general  procedure.  ' 
The  computation  should  be  made  for  the  worst  combination  of  space  loss 
(corresponding  to  maximum  trcinsmission  range)  and  satellite  antenna-  gain 
in  the  direction  of  the  receiving  station.  However,  if  this  combination  is- 
imknown,  alternate  procedures  are  included  to  perform  the  calculations 
based  on  assumptions.  The  computation's  performed  using  the-followng 
equation,  which  is  in  units  of  dB.  • 

ERP  '=  'S/N  +'  SI,  + K + B - G/T  + M + L '(6-1) 

where 


ERP  = 
S/N  ■ .= 
SB 

K = 

B 

G/T 

M = 

L ■ - = 


Effective- radiated  power  (dBW)  ’ 

Signal -to -noise  ratio 
Space  loss  . 

Boltzman's  constant  (-228. ’6  dBW/Hz/'^-K) 

10  log  bandvid-dth  (Hz) 

Gain-to- temperature  ratio  of  receiving  system 
Margin 

Other  losses  which  include: 

Transmitter  circuit  losses 
Polarization  loss 
Satellite  antenna  off-axis  loss 
Modulation  loss  ' 

Bit  error  rate  degradation  due  to  ground  hardware 


If  S/N,is  not  specified,  assume  a value  of  10  dB. 


Space  loss  (SL)  is  obtained  from  the  ratio  of  the  area  of  a 

sphere  at  the  transmission  range  (S)  to  the  area  of  isotropic  antenna. 

_ 4ttS^  . - 

SL 2- 


X/4  TT 


(6-2). 


where  X is  the  wavelength,  and  X and  S are  in  meters. 
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Also 


(6-3) 


3 X 10^  . 
f 

where  f is  in  MHz. 

Simplifying  and  converting  units  results  in 

SL  = 6017  S^f^  ' (6-4) 

where  S is  in  nautical  miles 
In  units  of  dB,  the  equation  becomes 

SB  = 37.8  + 20  log  S + 20  log  f (6-5) 

The  default  value  of  2250  MHz  for  frequency  will  later  resxxlt  in 
the  same  frequency  for  all  transmitters  that  are  based  on  the  default  value. 
In  reality,  a number  of  different  frequencies  would  be  assigned  to  the 
transmitters;  however,  use  of  the  default  value  of  frequency  will  not 
introduce  significant  errors  in  the  major  subsystem  characteristics. 

For  the  user  who  does  not  know  the  transmission  range,  apogee 
(A)  is  converted  into  slant  transmission  range  (S)  for  an  observer  at  0° 
elevation  angle.-  The  geometry  is  shown  in  Figure  6-6. 


Figure  6-6.  Orbit  Geometry 

(6-6) 
(6-7) 


Hence 

/A  2 

S = (A  + r)  -r 
where  r = 3440  nmi  (6375  km) 


= WA  + 6880 A 
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If  band-width  is  unkno-wn,  * it  is  set  equal  to  10  log  of  the  data 
rate  in  bits  per  second.  (This  asstimes  nonreturn- to- zero  bit  representa- 
tion. ) 

If  G/T  is  not  specified,  it  may  be  computed  from 

G/T  = 10  log  T (6-8) 

where 

Gj^  = ground  recei-ving  (downlink)  antenna  gain  (dB) 

T = system  noise  temperature  (°K) 

• If  the  noise  figure  (NF^g)  in  dB  is  available,  it  should  be  con- 
verted to  temperature  in.°K  using 


Information  for  G/T  of  AFSCF  stations  may  be  obtained  from 
Paragraph  4.  1.  3 of  Reference  6-i.  In  the  absence  of  other  information, 
assume  the  use  of  the  46-ft  antenna  (G^  = 47.  5 dB,  T = 220°K).^  " 

Information  for  G/T  of  NASA  stations  may  be  obtained  from 
Reference  6-2.  In  the  absence  of  other  information,  assume  the  use  of 
the  30-ft  USB  antenna  with  uncooled  paramp  (G^  = 44  dB,  T = 170'^K), 

Margin  is  used  to  make  allowances  for  miscellaneous  losses 
not  included  in  the  analysis  and  may  also  be  used  to  allow  for  nonoptimum 
system  implementation.  If  not  specified,  use  6 dB. 

If  transmitter  circuit  losses  are  not  specified,  use  1.5-dB  for 
unified  link  -with  a common  antenna  and  1.  0 dB  for  all  other  links. 

If  polarization  loss  and  satellite  antenna  off-axis  loss  are  not 
specified,  ass-ume  it  to  be  0 dB.  (Assumptions- for  these  losses  are  in- 
cluded in  the  reference  values  given  later  for  antenna  gain.) 


*For  the  case  of  a unified  link  with  two  subcarriers,  the  dB  values  for 
band-width,  modulation  loss,  and  ground  hardware  degradation  are 
summed  for  each  subcarrier  and  the  greater  total  is'  used. 

❖*See  Addendum 
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The  modulation  loss  for  a separate  downlink  is  0 dB.  For  xmi- 
fied  downlinks,  the  modulation  loss  for  SGLS  is  calculated  from  the  equations 
contained  in  Paragraph  4.  1.2  of  Reference  6-1.  The  equation  for  ''TLM 
Mod.  Loss"  is  used  for  a single  subcarrier  from  the  BBAU.  For  the  case 
of  two  subcarriers  from  the  BBAU,  use  the  equation  for  "Subcarrier  (1.024) 
Mod.  Loss"  for  the  1.024  MHz  subcarrier  and  "Subcarrier  (1.7)  Mod. 

Loss"  for  the  1,  7 MHz  subcarrier.  If  the  modulation  indices  are  not 
specified,  the  following  may  be  assumed  from  Table  6-4. 

Table  6-4,  Modulation  Indices 


■ PRN 

Subcarrier 

1 subcarfier 

Y =0,1  radian 

6 = 1.8  radian 

2 subcarriers 

Y = 0.  1.  radian 

= 1*0  radian 

The  absolute  value  of  modulation  loss  is  used,  ** 

The  bit  error  rate  degradation  due  to  ground  hardware  for  SGLS 
is  shown  in  Table  4-2  of  Reference  6-1.*  Use  the  values  for  Carrier  II  for 
the  separate  downlink.  For  unified  links,  use  the  value (s)  for  the  appro- 
priate subcarrier(s)  .** 

In  the  interest  of  simplicity,  the  link  analysis  for  the  unified 
downlink  is  limited  to  data  transmission  considerations.  Analyses  of  the 
carrier  and  ranging  signals  are  not  included  because  they  seldom  have  a 
significant  effect  on  the  sizing  of  the  downlink.  All  default  values  of  modu- 
lation indexes  are  within  the  SGLS  limits  cited  in  Reference  6-1.  The 


*See  Addendum 

**For  the  case  of  a iinified  link  with  two  subcarriers,  the  dB  values  for 

bandwidth,  modxilation  loss,  and  ground  hardware  degradation  are  summed 
for  each  subcarrier  and  the  greater  total  is  used. 
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modulation  index{es)  were  chosen  so  that  the  modulation  loss  is  near 
minimum.  For  two  subcarriers,  the  modulation  indexes  were  made,  equal 
to  provide  equal  modulation  loss  on  the  two  subcarriers. 

6, 3. 2. 3 Antennas 

Careful  attention  is  usually  given  to  the  choice  and  design  of 
satellite  antennas  because  of  the  direct  impact  on  the  transmitter  power. 
Depending  on  the  total  satellite  electrical  load,  the  transmitter  power  can  ' 
have  an  impact  throughout  the  satellite  because  of  its  influence  on  the  elec- 
trical power  subsystem.  Each  antenna  shown  in  the  configuration  block 
diagrams  should  be  considered  separately.  It  is  possi.ble  for  each  antenna 
on  a satellite  to  be  different  from  all  other  antennas  on  the  same  satellite. 

User  requirements  for  the  antenna(s)  should  be  used.  If  they 
are  not  available,  the  transmitting  antenna  selection  may  be  made  from  ’ 
Table  6-5.  The  code  identifies  appropriate  antennas  in-the  data  base. 

Values  of  antenna  gain  are  given  for  all  antennas  included  in  Table  6-5 
except  for  the  steerable  parabola,  which  will  be  discussed  later.  Where 
a steerable  parabola  is  chosen,  a steering  subsystem,  rnust  be  added  to 
the  block  diagram.as  shown  in  Figure  6-7.  The  values'of  gain  given  include  ■ 
assumed  influence,  of  polarization  loss  and  off-axis  loss  . at  acquisition. 

In  the  absence  of  better  information,  these  values  of  gain  can  be  used  to 
size  the  transmitter.  For  the  omni  antenna,  two  values  of  gain  are  given. 
One  value  corresponds  to  the  gain  that  will  be  exceeded  over  87%  of  the 
radiation  sphere  and  the  second  value  corresponds  to  the  gain  that  will  be 
exceeded  over  97%  of  the  radiation  sphere.  In  the  absence  of  a require- 
ment regarding  coverage,  use  the  average  of  the  two  values,  i.  e. , -9  dB. 

Where  a separate  receiving  antenna  is  required  and  the  type  is 
not  specified,  a selection  may  be  made  from  Table  6-6.' 

Transmitter  Power  for  Fixed  Antennas 

The  power  in  dBW  required  from  the  transmitter  is  obtained  from: 

Prj,  = ERP  - (6-10). 
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Table  6-5,  Transmitting  Antenna  Selection 


Satellite 

Earth 

Orientation 

Perigee 

Altitude 

Nonspin  Stabilized 

Spin  Stabilized 

Non-Earth  Oriented 

Low 

(to  12,  970  km)  (7000  nmi) 

Nadir  coverage  not  required 
and  large  ground  plane  avail- 
able. 

Monopole  (G,j,  = 2 dB)  (51) 

Omni*!'  (11) 

Omni'^  (11) 

Nadir  coverage  required  or 
large  ground  plane  not  avail- 
able. ** 

Broadbeam  conical  spiral 
(G^=-ldB)  (41) 

Medium 

(12,970  < 22,240  km) 

( > 7000  to  <12,  000  nmi) 

Helix  (G,j,  = 10  dB)  (31) 

Omni^  (11) 

Omni*  (11) 

High 

(22,240  km  to  synchronous) 
(12, 000  nmi) 

Parabola  (G^  = 15  dB)  (01) 

biconic  al  (21) 
(G,j,  = 2 dB) 

Data  Rate  >10  kbps 

Steerable  Parabola 
Data  Rate<10  kbps 
Omni*  (11) 

* G.J.  =-5dB{87%) 
=-13  dB  (95%) 


Large  ground  plane  must  extend  at 
least  5 X in  all  directions. 

984 
f 


A = 


feet,  f in  MHz 


Table  6-6.  Separate  Receiving  Antenna  Selection 


Satellite  Orientation 

Earth  ' 

Non-Earth  Oriented 

Non  spin  Stabilized 

Spin  Stabilized 

Nadir  coverage  not  required 
and  large  ground  plane 
available.*  Monopole  (51) 

Omni  (11) 

Omni  (11) 

Nadir  coverage  required  or 
large  groiind  plane  not 
available.*  Broadbeam 
conical  spiral.  (41) 

Omni  (11) 

Omni  (11) 

*L.arge  ground  plane  must  extend  at  least  5X  in  all  directions. 


X = — I — feet,  f in  MHz 


STEERING 

SUBSYSTEM 
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* TRANSMITTER  '^  Ji 

I J 


Figure  6-7.  Antenna  Steering  Subsystem 
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= antenna  gain  in  dB 

The  transmitter  power  in  watts  (P-y^)  can  be  obtained  from: 

= antilog  ^T  (6-11) 

■TT3“ 

6.  3.  2.  5 Transmitter  Fbwer  for  Steerable  Parabola 

In  the  absence  of  performance  requirements  for  the  steerable, 
parabola,  a tradeoff  between  antenna  gain  and  transmitter  power  is  appror 
priate.  The  gain  of  the  parabolic  antenna  in  dB  is  given  by: 

= • 20  log  D + 20  log  f - 52.  6 (6-12) 

whe  re 

D is  the  diameter  of  the  parabola  in  feet 
f is  the  frequency  in  MHz 
If  f is  unknoym,  use  2250  MHz. 

Using  the  relationship: 

P^  = ERP  - G^  and  (6-13) 

^T 

^ antilog-j^,  (6-14) 

satisfactory  combinations  of  transmitter  power  and  antenna  diameter  may 
be  obtained- 

6. 3. 2. 6 Transmitter  Selection 

The  power  output  from  the  transmitter  selected  must  equal  or 
exceed  the  value  of  power  required  which  was  previously  calculated.  If  the 
calcTjlated  transmitter  power  requirement  exceeds  .20  watts,  a steerable 
parabolic  antenna  should  be  considered  in  order  to  reduce  the  required 
transmitter  power. 

For  tuiified  links,  the  transmitter  must  be  capable  of  servicing 
a ranging  code,  usually  PRN,  and  the  input  subcarrier  frequency  or  fre- 
quencies from  the  selected  baseband  assembly  unit. 
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For  separate  downlinks,  the  transnnitter  input  data  -irate  capa- 
bility must  equal  or  exceed  the  mission  data  rate  from  the  data  processing 
subsystem. 

The  transmitter  frequency  must  comply  with  requirements. 

In  addition,  the  transmitter  must  be  compatible  with  each  of 
the  following  that  are  specified: 

a.  Modulation  type 

SGLS  range  and  range  rate  compatibility 
USB  range  and  range  rate  compatibility 

Receiver  Selection 


b. 

c. 

6. 3. 2. 7 


b. 


The  receiver  must  be  compatible  with: 

Operating  frequency  (if  unspecified,  assume  S-band, 
1750-1850  MHz) 

Command  rate  (if  unspecified,  assume  1000  baud  for  a 
ternary  system  or  1000  bps  for  a binary  system) 


Further,  the  receiver  must  be  compatible  with  each  of  the  follow- 
ing that  are  specified: 

a.  SGLS  range  and  range  rate 

b.  USB  range  and  range  rate 

c.  Modulation  type  (of  transmitted  signal) 

The  general  description  of  the  command  output  should  be  noted 
from  the  data  base  for  use  in  command  signal  conditioner  selection. 

6.  3.  2.  8 Command  Signal  Conditioner  Selection 

The  general  description  of  the  input  (e.g.,  ternary  FSK:  65, 

76,  95  kHz)  must  be  the  same  as  the  general  description  of  the  command  out- 
put from  the  command  receiver  selected  from  the  data  base.  Also,  the 
command  rate  capability  of  the  unit  must  equal  or  exceed  the  command 
rate  requirement. 
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6.3.Z.9  DiT>lexei;  Selection 


The  diplexer  must  be  compatible  with  the  receive  (uplink)  fre- 
quency and  the  transmit  (downlink)  frequency.  Further,  the  transmit 
power  rating  of  the  diplexer  must  eqtial  or  exceed  the  power  output  from 
the  transmitter  which  was  selected  from  the  data  base. 

6.3.2.10  Harness 

A harness  is  necessary  as  a part  of  the  communication  subsystem. 
The  harness  weight  is  estimated  in  the  vehicle  sizing  model. 

6.3.3  Design  Logic 

The  sequence  followed  in  implementing  the  design  algorithm 
is  as  follows.  The  components  are  selected  on  the  basis  of  the  parameters 
listed: 

■ a.  If  unified  link,  select  baseband  assembly  unit, 

1. '  SGLS/USB  compatibility 

2.  Number  of  input  bit  streams 

3.  Bit  rate  of  each  stream 

b.  Compute  the  required  effective  radiated  power  (ERP) 

c.  Select  cintenna(s). 

1.  Vehicle  stabilization  (spin  versus  nonspiri) 

2.  Vehicle  orientation  (earth  versus  non-earth) 

3.  . Orbit  altitude 

4.  Nadir  coverage  requirement 

d.  Compute  required  transmitter  power.  If  the  power  exceeds 
20  watts,  change  to  a steerable  parabolic  antenna  and  recom- 
pute the  required  transmitter  power. 

e.  Select  transmitter(s). 

1.  SGLS/USB  cqmpatibility 

2.  Range  and  range  rate  compatibility 
• 3.  Modulation  type 

4.  - Transmitter  frequency 
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5.  Input  data  rate  for  a separate  downlink 

6.  Ranging  code  and  input  subcarrier  frequencies  for 
unified  link 

7.  Transmitter  power  requirement, 
f.  ‘ Select  receiver. 

. 1.  SGLiS/USB  compatibility 

2.  Range  and  rate  compatibility- 

3.  Modulation  type,  (of  transmitted  signal) 

4.  Operating  frequency 

5.  Command  rate 

g'.  ' Sel  e ct  command  si  gnal  • conditi  one  r - 

1.  Command  input 

2-.  Command  rate 

h.  For- common  antenna,  select  diplexer. 

1.  Received  frequencies 

2.  . Transmit  frequencies 

3.  Transmitter  power,  req-uirement 
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ADDENDUM 


For  the  convenieiice  of  the  reader,  the  following  information  has 
been  excerpted  from  Reference  6-1,  Air  Force  Satellite  Control  Facility 
Space/Ground  -Interface,  Report  No.  TOR-0059{6ll0-01)-3,  Reissue  B, 

The  Aerospace  Corporation,  pp.  4-1.  2 - 4-1.  5 (25  September  1972)  (U). 

A-1  SGLS  Modulation  Loss  (Service /Total  Power  Ratio) 

The  term  "modulation  loss"  has  been  used  to  express  the  ratio  of 
the  power  in  a particular  service  to  the  total  power  in  the  RF  link.  Thus, 
in  SGLS  downlink  transmissions  on  Carrier  I,  the  Carrier  I power  includes 
a phase  modulated  PRN  ranging  signal,,  a 1.  024  MHz  sub  carrier' and  a 1. 7' 
MHz  subcarrier  spectral  components.  The  fraction  of  the  total  power  in  the 
unmodulated  carrier'  which  is  transferred  to  the  spectral  components  of  a 
particular  service  is  a function  of  the  modulation  index  (angle  deviation)  of 
that  service  and  the  modulation  indices'  of  all  other  services  being  supported. 
The  residual  power  in  the  carrier  is  a function  of  the  same  factors.’ 

The  developers  of  the  SGLS  s-ystem  provided' theoretical  equations 
for  calculating  modulation  losses  for  the  several  services  included’ in  the 
SGLS  baseband.  These  are  given  and  their  usage  explained  in  the  following 
paragraphs. 

In  the' following  formulas,  pi  is  the  modulation  index  of  the  1.  024 
sub-carrier  and  p2  is  the  modulation  index  of  the  1.,  7 subcarrier  and,  y is 
the  PRN  modulation  index. 


A-1.  1 Services  - PRN  Ranging  and  One  Subcarrier  on  Carrier  I 
PRN  Ranging  Mod.  Loss  (db)  =10  log 
TLM  Mod.  Loss  (db)  = 10  log  j^2Jj 


■ ■ Jo^  (P subcarrier)  sin^  (Y) 

TT  ^ 


2 2 1 

(p  subcarrier)  cos  (y) 


Carrier  Mod,  Loss  (db)  = 10  log  j^Jo^  (P  subcarrier)  cos^  (Y)J 
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A-1.  2 Services  - PRN  Ranging  with  Two  Subcarriers  on  Carrier  I 
PRN  Ranging  Mod.  Loss  {db)-'=  10  log  |~  Jo^  (pi)  Jo^  (PZ)  sin  (Y) 
Subcarrier  (1,024)  Mod.  Loss  (db)  = 10  log  (pi)  Jo^  (p2)  cos.^  (V)  , 

Subcarrier  (1.7)  Mod.  Loss  (db)  = 10  log  j^2 (pZ)  Jo^  (pi)  cos^  (Y)J 
Carrier  Mod.  Loss  (db)  = 10  logjjo^'(pi)  Jo^  (pZ)  cos^  (Y)J 

A-1.  3 Sample  Calculation 

A spacecraft  is  radiating  a Carrier  I signal  containing  a PRN  rang 
ing  signal  with  a -modulation  index  of  0.  1,  with  a 1,  024  MHz  subcarrier  and 
a 1.  7 MHz  subcarrier  with  indices-  of  1.65  and  1.  8,  respectively. 

Carrier  Mod.'  Loss  (db)  = 10  log  j^Jo^  (1.  65)  Jo'^  (1.  8)  cos^  (0.  l)j 

= -7.40  - 9.  37  - 0.  04  81  db 

PRN  Ranging  Mod.  Loss  (db)  = 10  log  (!•  ^5)  Jo^  (1,  8)  sin^  (0.  1)J 

= -0.  09  - 7. 40  - 9.  37  - 20.  01  = -36.  87  db 
Telemetry  (T.  024  IvlHz.  sub  carrier)  Mod.  Loss  (db) 

= 10  log  (1.  65). Jo^  (1.  8)  cos^  (0.  l)j 

= -1.  8.1  - 9.  37.  - 0.  04  = -11.  22  db 
Telemetry  (1.7  MHz  subcarrier)  Mod.  Loss  (db) 

= 10  log  (1.  8)  jo^  (1.  65)  cos^  (0.  l)j 

= -1. 70  - 7.  40  - 0.  04  = -9.  14  db 

System  Noise  Temperature 

The  SGLS  system  noise  temperatures  given  below  are  referenced 
ground  antenna  aperture. 

14-foot  antenna:  395°K 
60-foot  antenna:  4l6°K 
46 -foot  antenna:  220°K 


A-2 
to  the 
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A-3 


Ground  Antenna  Gains 


The  gain  values  of  Table  A-1  are  to  be  used  for  the  ground  antennas 
operating  at  the  SGLS  uplink  frequencies  of  1750-1850  MHz  and  the  downlink 
frequencies  of  2200-2300  MHz. 


Table  A-1.  Antenna  Gains  to  be  Used  in  SGLS  Link- Calculations 


Antenna 

Gain-db 

Uplink^ 

Downlink^  ^ 

14-foot 

• 31. 5 db 

33. 5 db 

60-foot 

43.' 7 db 

49.  0 db 

46 -foot 

45.  0 db 

47.  5 db 

SGLS  PCM  Bit  Error  Rate  Degradation  Due  to  Hardware 

The  SGLS  hardware  mechanization  function  involved  in  demodula- 
tion and  bit  synchronization  results  in  increasing  the  values  of  SNR  for  a 
given  BER  above  the  theoretical  value.  This  increase  is  a function  of  both 
the  SGLS  carrier  and  subcarrier  as  well  as  the  PCM  bit  rate  under  consid- 
eration. 


•V' 

Referenced  to  the  command  transmitter  output.  The  feed  and  transmission 
line  losses  are  included. 

* 

'T* 

Referenced  to  the  antenna  aperture.  The  feed  loss  'Or  transmission  line 
loss  from  the  feed  to  the  Paramp  input  are  not  included,  but  are  accounted 
for  in  the  system  noise  temperatures. 
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Table  A-E.  Bit  Error  Rate  Degradation  Due  to  Hardware 


Degradation  - db 

Bit  Rate  bps 

1.  024  MHz 
Subcarrier 

1.  7 MHz 
Subcarrier 

Carrier  II 

32K 

4.4 

2.4 

- 

64K 

4.  6 

2.4  , 

- 

128K 

5..5 

2.  5 

4.  0 

256K 

- 

3.  3 

3.9 

512K 

- 

- 

3.  3 

768K 

- 

- 

3.  3 

1024K 

- 

- 

4.  1 
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1.  ELECTRICAL  POWER  SUBSYSTEM 


7.  1 
7.  1.  1 


functions: 

a. 

b. 

c. 

d. 


GENERAL 

Subsystem  Functional  Description 

The  electrical  power  subsystem  (EPS)  performs  the  following 

Primary  electrical  power  source 

Energy  storage  and  secondary  power  capability 

Power  conversion  and  conditioning 

Power  distributiouj  control,  and  protection 


For  the  purposes  of  the  Systems  Cost/Performance  Model, 
the  electrical  power  subsystem  will  be  divided  into  three  elements: 


a.  Electrical  Power  Sources  - The  electrical  power  sources 
element  of  the  subsystem  will  provide  the  electrical  power 
generation  and  storage  of  electrical  energy. 

b.  Electrical  Power  Conditioning  - The  electrical  power  condition- 
ing element  will  provide  the  control  over  the  electrical  energy  to 
ensure  that  it  is  regulated  as  to  voltage,,  amperage,  and  frequency, 
and  provides  rectification  where  required.  Included  in  this 
element  are  the  assemblies  for  maintaining  and  controlling 
battery  charging;  however,  the  actual  power  source  is  not  included. 

c.  Electrical  Power  Distribution  - The  electrical  power  distribution 
element  of  the  subsystem  provides  the  hardware  interconnections 
between  the  electrical  sources,  conditioning  equipment  and  the 
using  subsystems  and/or  assemblies.  This  element  includes  the 
harness,  the  junction  and  breakout  boxes,  as  well  as  power 
switching.- 

The  first  two  elements,  sources  and  conditioning,  will  be 
modeled  in  detail.  The  third  element,  distribution,  has  been  incorporated  as 
a part  of  the  vehicle  sizing  model  described  in  Section  9. 


7.1.2  Subsystem  Configurations 

Two  configuration  models  have  been  developed  for  electrical 
power  sources; 

a.  Body  mounted  solar  arrays 

b.  Oriented  paddle  mounted  solar  arrays 

Electrical  power  conditioning  consists  of  three  basic  configura- 
tions. 

a.  Shunt  voltage  regulation 

b.  Shunt  and  discharge  voltage  regulation 

ci  Series  load  regulation 

Considering  all  combinations  of  configurations,  the  electrical 
power  subsystem  model  includes  six  configurations.  Each  of  the  basic 
five  configurations  is  described  briefly  in  the  following  sections. 

7. 1.2.1  Electrical  Power  Source  jConfigurations 

The  electrical  power  source  configurations  require  both  solar 
arrays  and  batteries.  The  solar  cell  array  is  the  primary  power  source 
for  the  spacecraft  and  is  essentially  a photovoltaic  device  which  converts 
solar  energy  directly  into  electrical  energy  when  exposed  to  sunlight. 

The  solar  array  must  generate  sxofficient  power  to  satisfy  most  of\the 
electrical  power  reqtdrements  and  is  supplemented  by  batteries  which 
supply  electrical  power  during  eclipse  periods  when  the  array  is  not 
illuminated  by  the  sun.  Spacecraft  batteries  are  charged  using  solar 
array  power  during  sunlight  periods,  but  they  also  deliver  energy  to 
spacecraft  loads  during  peak  load  demands  when  solar  array  power  output 
is  insufficient  to  supply  load  demand. 

7. 1.2.2  Shunt  Voltage,  Regulation  Configuration 

The  shunt  voltage  regulation  configuration  is  depicted  in 
Figure  7-1.  During  daylight,  the  solar  array  generates  power  for  the 


Figure  7-1.  Shunt  Voltage  Regulation  Configuration 


vehicle  loads  as  well  as  recharging- batteries.  The  solar  array  is  split 
so  that  a portion  is  shunted  by  transistor  switches  that  dissipate  excess 
energy  and  limit  the  bus  voltage  to  31. 8 iO.  2,y.,  The  charge  control  unit 
provides  several  command  and  control  functions  for  rapid  charge,  trickle 
charge,  reconditioning  and  battery  disconnect.  After  an  eclipse,  the  charge 
control  will  connect  the  battery  directly  to  the  primary  power  bus  until 
its  temperature  indicates  full  charge.  The  charge  rate  then  drops  to  a 
trickle  until  the  battery  temperature  reduces  sufficiently  to  cycle  back  to 
full  rate,  thus  maintaining  full  charge. 

During  eclipse  operation,  the  battery  will  .support  the  primary 
power  bus  through  the  diode  until  the  discharge  current  reaches  a preset 
value,  at  which  time  the  charge  control  bypasses  the  diode  to  eliminate 
the  voltage  drop.  The  bus  voltage  will  be  that  of  the  battery  and  can  drop 
to  25.  3 volts.  If  the  bus  voltage  drops  below  24.  75  volts,  the  undervoltage 
sensor  will  command  off  several  nonessential  loads  to  reduce  the  drain  on 
the  battery.  This  is  a relatively  simple  EPS  with  a minimum  of  ground 
command  or  vehicle  attitude  control  requirements. 

7. 1.2.3  Shunt  and  Discharge  Voltage  Regulation  Configuration 

The  shunt  and  discharge  voltage  regulation  configuration  is 
depicted  in  Figure  7-2.  In  this  configuration,  the  bus  voltage  is  limited 
to  a small  variation  by  means  of  a shunt  regulator  and  a boost-discharge 
regulator  which  are  controlled  by  the  central  control  unit  (CCU).  An 
essential  feature  of  the  CCU  is  to  separate  the  operating  ranges  of  the 
shunt,  charge,  and  discharge  regulators  to  avoid  simultaneous  operation 
and  maximize  the  efficiency  of  solar  array  usage.  For  example,  during 
the  approach  of  an  eclipse  the  CCU,  sensing  a falling  bus  voltage,  turns 
on  the  boost-discharge  regulator.  At  the  end  of  the  eclipse,  as  the  solar 
array  begins  to  share  the  bus  load,  the  discharge  regulator  will  begin 
to  turn  off.  When  the  solar  array  can-fully  supply  the.  load  power,  the 
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Figure  7-2.  Shunt  and  Discharge  Voltage  Regulation  Configuration 


discharge  regulator  is  turned  completely  off  and  the  charge  regxilator  is 
turned  on.  The  CCU  keeps  the  shunt  regulator  off  until  the  battery  has 
been  fully  charged  or  until  the  maximum  charge  rate  has  been  reached. 

The  buck-charge  regulator  reduces  the  voltage  applied  to  the 
battery  to  a value  that  will  maintain, the  desired  charge  rate.  The  regulator 
senses  various  battery  parameters  and  adjusts  the  charge  rate  to  restore 
the  battery  to  full  capacity. 

At  the  end  of  charge  or  when  the  array  power  is  in  excess  of 
its  normal  needs,  the  bus  voltage. will  begin  to  rise.  The  CCU  will  then 
turn  on  the  shunt  regulator  which  will  apply  power  resistors  to  thermally 
dissipate  the  excess  power  and  lower  the  bus  voltage  . 

7. 1.2.4  Series  Load  Regulation  Configuration 

The  series  load  regulation  configuration  is  depicted  in  Fig.ure  7-3. 
During  sunlight,  the  solar  array  generates  power  for  the  unregulated  bus  to 
charge  the  battery  and  supply  the  regulated  bus  loads  through  the  load 
regulator.  The  unregulated  solar  array  voltage  will  vary  from  26  to  80 
volts.  The  charge  regulator  reduces  the  unregulated  bus  to  provide  a 
temperature  modified  constant-current,  constant- voltage  characteristic. 
Charge  rate  reduction  or  termination  is  initiated  by  a third  electrode 
signal  or  amp-hour  meter. 

The  load  regulator  is  a buck-boost  switching  type  that  closely 
controls  the  varying  input  into  a 28  volt  ± 2 percent  output  as  required  by 
the  vehicle  and  experiment  loads. 

During  eclipse  operation,  the  solar  array  voltage  will  drop  until 
the  battery  diode  is  forward  biased  and  the  battery  will  supply  the  un- 
regulated bus  to  support  the  vehicle  loads.  The  load  regulator  will 
continue  to  control  the  load  voltage. 

7.1.3  Configuration  Compatibility 

Not  all  of  the  electrical  power  subsystem  configurations  are 
suited  to  every  particular  spacecraft  design. 


7-6 


7-7 


Table  7-1  stimmarizes  the  limitations.  In  particular,  oriented  paddle- 
mounted  solar  arrays  sire  unsuited  for  a spinning  vehicle.  Likewise,  an 
unregulated  electrical  power  system  is- not  well  suited  for  spacecraft 
equipment  requiring  tight  voltage  regxilation.  .In  the  latter  case,  the  shunt 
voltage  regulation  configuration  will  be  designed;  however,  any  equipment 
selected  as  part  of  the  spacecraft  design  and  which  requires  tighter  voltage 
regulation  will  be  properly  pointed  out  in  the  design  description. 

7.1.4  Equipment  Types 

The  complete  list  of  .equipment  types  from  which  the  subsystem 
components  will  be  selected  is  provided  below: 

a.  Solar  arrays 

b.  Batteries 

c.  Battery,  charge  regiiiators 

d.  Battery  discharge  regulators 

e.  Series  load  regulators 

f.  Shunt  regulators 

Control  assemblies 

The  control  assemblies  provide  selection  or.  interconnection  of 
EPS  components  and  are  designated  by  any  of  the  following  names: 

a.  Central  control  unit 

b.  Solar  power  distributer 

c.  Power  distributer 

d.  Power  control  unit' 

e.  Command  switching  unit 

7.  2 INPUT  DATA 

The  information  required  from  the  user  to  design  the  electrical 
power  subsystem  is  identified  in  Table  7-2,  This  table  indicates  which 
data  are  used  and  what  representative  values  are  used  in  the  event  the- 
data  are  not  supplied. 
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Table  7-1.  Electrical  Power  Configuration  Compatibility 


C onfiguration 

Vehicle  Orientation 

Voltage  Requirements 

Spinning 

Nonspinning 

Unregulated 

Regulateci 

Solar  Arrays 

Body  Mounted 

Yes 

Yes 

- 

Oriented  Paddles 

No 

Yes 

Voltage  Regulation 

S,hunt 

Yes 

No 

Shunt  and  Discharge 

Yes 

Yes 

■ 

Series 

- 

Yes 

Yes 

Legend  , 

Yes  . - Compatible 

No  - Incompatible 


Table  7-2.  Input  Data  Supplied  by  User 


Sy  mb  ol 

Name 

■Representative  Value 

p 

ME 

Mission  equipment  power  require- 
ment (watts) 

200 

T 

Battery  temperature  (deg  C) 

15 

In  addition  to  the  user  supplied  data,  the  following  information 
is  required  from  the  equipment  data  base  for  every  component  selected 
as  part  of  the  spacecr^t  design; 

a.  Average  power  requirement 

b.  Minimiam  power  requirement. 

c.  Voltage  regulation  requirement 

The  reliability  model  must  supply  the  following  information: 

a.  Number  of' batteries  in  parallel 
'■  b.  Nxunber  of  series  load  regulators  in  parallel 

The  stabilization  and  control  subsystem  model  must  indicate 
whether -the  spacecraft  main  body  is  spinning  or  nonspinning,  and  the 
vehicle  sizing  model  must  indicate  the  vehicle  shape, 

7.3  ELECTRICAL  POWER  SOURCE  CONFIGURATIONS 

There  are  two  electrical  power  source  configurations: 

a.  Body-mounted  solar  arrays 

b.  Oriented-paddle  mounted  solar  arrays 

These  two  configurations  are  discussed  together  in  one  section  simply 
because  of  the  similarity  in  the  design  equations  and  logic.  The  only 
difference  in  the  design  approach  is  that  the  array  orientation  factor, 
and  weight  factor,  differ  numerically  for  the  two  configurations. 

Other  than  this,  the  two  design  approaches  are  identical. 


7.1-0 


Functional  Description 


The  electrical  power  source  configuration  components  per- 
form the  following  functions; 


b.’ 


7.  3.2 


Solar  Array.  The  solar  cell  array  is  the  primary  power 
source  for  the  spacecraft  and  is  essentially  a photovoltaic 
device  which  converts  solar  energy  directly  into  electrical 
energy  when  exposed  to  sunlight.  The  solar  array  must 
generate  sufficient  power  to  satisfy  all  of  the  electrical 
power  demand  plus  sufficient  energy  .to  charge  batteries 
which  supply  electrical  power  during  periods  when  the  array 
is  not  illuminated  by  the  sun. 

Batteries..  Spacecraft  batteries  are  charged  using  solar 
array  power  during  sunlight  periods.  They  deliver  energy 
to  spacecraft  loads  during  eclipses  when  solar  array  output 
is  zero  and  during  peak  load  demands  during  sunlight  when 
solar  array  power  output  is  s\xfficient  to  supply  load  demand. 


Design  Equations 


7.  3.  2.  1 


Solar  Arrays 


A solar  array  will  consist  of  a number  of  parallel -connected 
strings  of  series -connected  solar  cells.  The  cells  are  covered  with  glass 
sheets  to  minimize  charged  particle  degradation.  The  cells  may  be  bonded 
to  metallic  or  plastic  substrates.  Array  construction  includes  either  de- 
signs in  which  cells  are  attached  to  spacecraft  structure  or  cells  are  attached 
to  flat  panels  which  are  deployed  in  orbit.  The  equations  and  design  algor- 
ithm discussed  in  the  remaining  part  of  this  section  are  applicable  to  all 
of  the  most  common  array  designs.  The  algorithm  does  not  account  for 
the  weights  of  solar  array  deployment  mechanisms  and  stowage  structure. 

Solar  array  sizing  requires  the  successive  evaluation  of  the 
following  equations; 


(7-1) 

(7-2) 
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where 


(7-3) 


1^(1  - ij,)  (1  - (1  - /^)  (1  - 4j)  (1  - 4j_j)l 


W,  = A F 


W 


(7-4) 


and  where 


and  where 


^CA 

T„ 


= End-of-mission  average  array  power  output 
= Average  load  power,  watts 

= Sum  of  the  average  power  for  all  user  and  house- 
keeping subsystems  (e.  g.  , S&C,  APS,  CDPI, 
thermal  control  and  mission  equipment.  ) It  is 
assumed  that  the  array  average' power  will  be 
supplemented  by  battery  power  in  order  to  meet 
peak  power  transients  or  low  duty  cycle  demands. 

= ■ Power  distribution  loss,  factor  (array  to  loads) 

= Harness  efficiency  x load  regulator  efficiency 
(where  applicable) 

= 98%  X 85%  (default  values  in  place  of  actual  design 

value) 

= "Discharge  regulator  efficiency 
= 85%  (default  value) 

= Charge  regulator  efficiency 

= 98%  for  the  unregulated  bus  configuration 

= 85%  for  the  regulated  bus  configuration 


2 ‘ 

Average  solar  intensity  (135.3  W/m  ) 

_ Battery  watt-hr  charge  efficiency  ,(0.65) 

= Battery  amp-hr  charge  efficiency  (0.  75) 

= Eclipse  period  (hr) 

Sunlight  period  (hr) 

= Solar  cell  efficiency,  at  28°C,  AMO  illumination 
m. 105^ 
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Solar  array  packing  factor  (0.  9) 

Radiation  degradation  factor  (0.  2) 

Coverglass  and  coverglass  adhesive  transmissivity 
loss  factor  (0.  03) 

Temperature  adjustment  factor  (dimensionless) 

Array  fabrication  loss  factor  (0.  02) 

Misc.  loss  factor  (0.01) 

Array  orientation  factor 
1 for  sun  oriented  flat  panels 
1/n  for  spinning  oriented  cylinders  - 
2/tt  for  non-spinmng  oriented  cylinders 

Array  weight  factor 

7.  3 kg/m^  (1.  5 Ib/ft^)  for  deployed -panels 
3.4  kg/m^  (0..7  Ib/ft^)  for  body  mounted. arrays. 


Array  sizing  factor  (dimensionless). 

Average  battery  discharge  voltage 
2 

Array  area  (m  ). 

Array  weight  (kg) 


The  energy  balance  equation  [Eq.  (7-1)]  is  based  on  the  re-  ‘ 
quirement  that  during  sunlight  portion  of  the  orbit  the  solar  array  must 
supply  sufficient  energy  to  satisfy  spacecraft  load  requirements  and  to 
recharge  the  battery  which  supplies  the  loads  during  the  eclipse  period. 

For  sizing  purposes  the  worst  case  eclipse  should  be  selected, 
i.  e. , maximum  value  of  T^/Tg  ratio.  The  maximum  ratio  between  T^, 
and  Tg  as  a function  of  cdtitude  for  circxilar  earth  orbits  is  computed  as 
follows; 
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The  sizing  factor,  Fg,  accounts  for  array  geometry  and  various 
array  performance  degradation  factors.  Temperature  factors  (^,p)  which 
are  required  as  input  were  estimated  for;  (a)  spinning  body-mounted 
arrays,  (b)  oriented  flat  panels  of  conventional  construction,  and  (c)  light- 
weight sTin-oriented  flat  panels.  Values  for  are  presented  in  Table  7r-3 
for  low  earth  and  synchronous  orbits.  As  a first  approximation,  the  array 
temperature  factors  for  12-hour  eliptical  orbits  can  be  assximed  to  -be 
approximately  equal  to  the  corresponding  synchronous  orbit  cases. 

The  value  of  the  radiation  factor  depends  on  the  coverglass 
thickness  and  the  magnitude  of  the  charged  particle  radiation  influence  that 
the  array  receives..  For  synchronous  orbits will  vary  between  approxi- 
mately 0.2  and  0.  3 for  7 and  15-year  missions,  respectively.  For  low  - 
earth  orbits  (<  780-km  altitude),  Aj^  is  approximately  0.03  for  one-year 
missions  and  approximately  0.05  for  three-year  missions.  (Ref.  7-1). 

The  factor  will  vary  from  0.25  to  0.  35  for  12-hr  eliptical  orbits  for 
three  and  five-year  missions,  respectively.  A first  order  approximation 
of  A^  can  be  obtained  for  each  type  of  orbit  by  assuming  a linear  variation 
within  the  mission  duration  ranges  discussed  above. 
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Table  7-3.  Typical  Solar  Array  Temperature 
Correction.  Factors  (4^)* 


Array  Type 

Low- Earth  Orbits 

Synchronous  Orbits 

lOi?  -cm 

2Q  -cm 

10^2  -cm 

2jS  -cm 

Body  mounted 
spinning 

0.  02 

0.  01 

-0.  06 

-0. 05  ' 

Body  mounted 
non spinning 

0.06 

0.04 

0.03 

0.  02 

Oriented  panels 

{ c onv  e nti  onal 
. construction) 

0.  13 

0.  11 

O.-IO 

0.08 

Oriented  Panels 
{lightweight 
construction) 

0.  17 

0.  15 

0.  13 

0.  11 

The  model  assumes  a standard  solar  cell  resistivity  of  10^2  - cm. 


7. 3. 2. 2 Batteries 

A battery  assembly  consists  of  multiple  cells  connected  in 
series.  One  or  more  batteries  may  be  required  depending  on  the  required 
battery  capacity  as  well  as  thermal  and  reliability  considerations.  NiCd 
type  batteries  were  selected  as  the  reference  battery  type  for  this  model 
and  are  commonly  used  for  spacecraft  power  systems.  One  important 
factor  affecting  the  life  of  this  type  of  battery  is  temperature.  High 
temperature  accelerates  performance  degradation  so  that  spacecraft 
thermal  control  systems  are  designed  typically  to  maintain  the  batteries 
within  an  operating  range  of  from  277  to  300°K. 
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The  equations  required  to  size  and  select  the  batteries 

are 

as  follows: 

a.  Required  Capacity 

Cr  = 

(7-7) 

o 

> 

II 

Cr/^djb 

(7-8) 

where  ^DB  ~ 

Average  battery  discharge  voltage 

= 

27  V dc  for  configurations  not  using, 
discharge  regulators 

= 

21  V dt-for  configurations  using  discharge 
regiiiators. 

b.  Minimum  Installed  Capacity 

= 

^FD 

(7-9) 

c.  Number  of  Cells  in  Series 

II 

O 

V /V 

BM^  C 

(7-10) 

Vbm  = 

25  V dc,  shunt  voltage  regulation 

19  V dc,  shunt  and  discharge  voltage 
regulation 

= 

23  V dc,  series  load  regulation 

d.  Unit  Battery  Weight  and  Volume 

Wb  = 

■^2  «C  '^Cell 

(7-11) 

^b'  = 

Nc  ^Call 

(7.12) 

e.  Total  Battery  Weight,  Volume,-  and  Capacity 

W = 

Wbt 

,^BT  ^B- 

(7-13) 

^B.T  ^B 

(7-14) 

<=T  = 

^BT  *"Cell 

(7-15) 
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and  where 


'D 

^2- 

^DM 


V 


"FD 

BM 


■N, 


N. 


BT 


R 


'cell 


N, 


B 


W 


BT 


W, 


^BT 

•■^cell 


Average  depth  of  discharge  (at  end  of  discharge) 
0.5(Ng/N3^) 

Battery  packing  factor  (1.  02) 

Battery  structure  weight  factor  (1,40) 

Maximum  depth  of  discharge  (0.  70) 

Minimum  allowable  cell  voltage  (1.  10  V dc) 

Battery  temperature  degradation  factor  (1.  20) 

Minimum  allowable  battery  voltage  (V  dc) 

Minimum  number  of  batteries  required  in  parallel 
based  on  the  required  capacity  (dimensionless) 

Total  number  of  batteries  required  in  parallel' 
(dimensionless) 

Capacity  required  at  end  of  mission  (amp-hr) 

Minimum  required  .capacity  (amp-hr) 

Minimum  installed  battery  capacity  required  (amp-hr) 

Capacity  of  selected  cells  (amp-hr) 

Number  of  cells  in  series 

3 

Unit  battery  volume  (m  ) 

Total  battery  weight  (kg) 

Unit  battery  weight  (kg) 

3 

Total  battery  volume  (m  ) 

3 

Volume  of  each  cell  (m  ) 


* As  a first  approximation  Rj’q  is  assinned  to  be  independent  of  depth  of  dis- 
charge and  the  number  of  charge /discharge  cycles.  It  can  also  be  assumed 
to  vary  linearly  from  1 to  1,  30  in  the  temperature  range  from  0 to  30  C. 
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Weight  of  each  cell  (kg) 

Total  actual  installed  capacity  (amp-hr) 


- This  set  of  equations  requires  that  the  total  ntimber  of  batteries, 
be  computed  by  the  reliability  model  and  input  to  the  electrical  power 
model.  In  general,  the  number  of  batteries  is  dependent  on  the  required 
capacity  and  the  battery  depth  of  discharge.  Depending  on  the  EP  configura- 
tion and  the  battery  capacity  required,  the  initial  number  of  batteries  is 
selected  by  the  EP  subsystem  described  in  Table  7-4., 


Table  7-4.  Number  of  Batteries- Based  on 
Total  Capacity  Requirement  ' 


Required  Capacity,  C^^  (watts) 

Numbe  r of 
' Batteries, 

.^B 

Shunt  or 
Series  Voltage 
Regulation 

Shunt  and 
Discharge  Voltage 
Regulation. 

< 2300 

< 1827 

2 . 

2300  - 4700 

1827  - 3654 

4 

4700  - 7050 

3654  - 5481 

6 

,7050  - 9400 

5481  - 7308 

8 

9400  - 11750 

7308  - 9135 

10 

> 11750 

> 9135 

12- 

Next  a reliability  yalue  is  computed  based  on  = 0.50  and  no  failures 
allowable  in  the  batteries  during  the  mission.  This  result  is  then  compared 
with  the  required  value.  If  the  required  value  is  exceeded,  the  algorithm 
determines  that  N^^™  = N„.  If  not,  an  additional  battery  is  added  and  the 
calculations  are  repeated  with  = 0.50  (Ng/Ng,p).  This  procedure- is 
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repeated  until  a value  of  is  found  such  that  the  reliability  requireme 

is  met  or  exceeded '[where  = 0.  50  (Ng/Ngij,)].  This  approach  was 
selected  because  it  tends  to  minimize  the  number  of  iterations  required  t 
reach  a solution  and  because  it  is  compatible  with  available  statistical 
models.  It  is  conservative,  since  in  reality,  the  most  common  type  of  c 
failure  (i.e.,  an  electrical  short  circuit)  do.es  not  result  in  a total  loss  o 
usable  battery  capacity,  as  assumed  in  the  model. 

Physical  characteristics  of  commercially  available  cells  are 
entered  in  the  equipment  data  base.  Cell  volume  and  weight  is  obtained 
using- the  data  in  the  equipment  data  base  and  a "look-up”  procedure.  Sii 
only  discrete  values  are  given  in  the  data  base,  the  cell  having  the  next 
highest  capacity  rating  than  that  actually  required  is  selected. 

7.3.3  Design  Logic 

The  flow  logic  or  sequence  that  the  de'sign  algorithm  must 

follow  is: 


a.  Input  data, 

b.  Solve  the  energy  balance  equation  for  average  array  power 
output  at  end-of-mission. 

c.  Compute  the  sizing  factor  which  is  a function  of  the  array 
orientation  and  various  degradation  factors, 

d.  Compute  the  required  solar  array  area  and  weight. 

e.  Compute  the  required  minimum  installed  battery  capacity. 

f.  Determine  number  of  cells  in  series., 

g.  Select  battery  cells  from  the  data  base  based  on  the  number 
of  parallel  batteries  being  equal  to  two. 

h.  Compute  unit  and  total  battery  weight,  volume,  and  capacity 
based  on  the  total  number  of  batteries  as  indicated  by  the 
reliability  model. 


7.4  SHUNT  VOLTAGE  REGULATION  CONFIGURATION 

7.4.  1 Functional  Description 

The  shunt  voltage  regulation  configuration  components  per- 
form the  following  functions: 
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a. 


Power  Control  Unit  (PCU).  This  assembly  contains  the  bus 
voltage  sensor  for  the  shunt  regulators  and  the  switching 
controls  for  battery  charging  and  reconditioning  and  non- 
essential  load  removal.  ^ The  bus  voltaige  sensor  can  turn  on 
the  shunt  regxilators  to  load  the  solar  array  and  limit  the  array 
output  voltage.  . The  PCU  also  contains  a dedicated  charger  for 
each  battery,  with  capability  to  receive  ground  commands  or  . 
operate  autonomously.  In  addition,  the  charger  can  disconnect 
the  battery  from  the  bus  and  apply  a reconditioning  resistor  to 
discharge  it  at  a -low  rate.  - 

During  eclipse,  the  battery  will  discharge  through  the  diode, 
until  the.-current  exceeds  a set  limit  that  closes  the  relay  contacts 
an,d^bypasses  the  diode.  If  the  primary  bus  voltage  drops  below 
^2'4.  75  volts,  the  undervoltage  sensor  removes  the  nonessential  • 
loads  to  reduce  the  drain  bn  the  battery. 

b.  Battery  Charger.  The  charger  is  made  up  of  a relay  contact 
between  the  array  bus  and  battery  which  is  paralleled  by  a 
resistor  and  a diode.  The  relay  contacts  are  closed  for  full 
charge  > and  through  the  resistor  after  the  battery  temperature 
indicates  full  charge  and  when  the  relay  contacts  are  open. 

c.  Shunt  Regulator.  The  unit  .is  a variable  conductivity  transistor 
circuit  that  shunts  a section  of  the  solar  array  to  absorb  excess 

-energy  and  lower  its  output  voltage.  When  the  main  bus  voltage 
increases  beyond  31.8  volts,  the  PCU  senses  the  rise  and  turns 
on  a'  shunt  regulator  to  bypass  part  of  the  array  current.  Since 
the  main  bus  voltage  is  the  sum  of  the  unshunted  section  plus  the 
shunted  section,  the  additional  shunt  current  reduces  the  main 
bus  voltage.  The  regulator  operates  primarily  at  the  beginning 
of  life  of  the  solar  array  or  at  low  temperature,  with  no  battery 
charging  and  light  payload  use. 

A block  diagram  of  the  shunt  voltage  regulation  configuration  was  shown 
in  Figure  7-1. 

7.4.2  Design  Equations 

7.  4.  2.1  Battery  Charge  Regulator 

For  all  configurations,  the  number  of  charge  regulators  is 
equal  to  the  number  of  batteries.  This  is  needed  to  prevent  overcharge 
which  reduces  the  battery  life  or  could  lead  to  destruction.  ' The  power 
handled  by  the  charger  will  vary  throughout  the  charge  cycle  and  is  de- 
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pendent  upon  the  battery  size,  .eclipse  and  sunlight  periods,-  .and  battery 
recharge  efficiency.  The  solar  array  power  allocated  for  charging  (P  ) 

IS  conditioned  to  provide  a controlled  current  into  the  battery.  A nominal  ' 
maximum  value  of  charge  current  in  amperes  for  hermetically  sealed 
NiCd- batteries  is, C/2,  where  C is  the  capacity  in  amp-hours.  The  charg- 
ing power  (P^)  is  the  sum  of  the  charge  power  going  into  the  battery 

and  the  power  dissipaged  in  each  charger  {P^^)  because  of  conversion 
losses. 

For  all  EPS  configurations,  the  distribution  los s factor  (11^^) 
from  the  array  to  the  charger  is  the  line  efficiency  and  can  be  considered 
as  100  percent.  The  following  is.  a summary  of -charge  regulator  designa- 
tions and  algorithms; 


Number  of  batteries  = Number  of  chargers 

= Portion  of  solar  array  power  allocated  for 
battery  charging 


1 

D C E 


'^R 

^CH 


= distribution  loss  factor  or  line  efficiency 
100  percent 

= Charge  regulator  efficiency 
100  percent 

= Charge  power  delivered  to  each  battery 


^C 


^E 


(7-16) 


(7-17.) 


(7-18) 
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Power  to  be  dissipated  by  each  charger  into  thermal 
control  system 


N 


B 


P T 
Li  E 


N„  T 
B .s 


'Hn'n 


-)  (- 


D ''E 


- 1) 
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To  determine  the  charge  current  delivered  by  the  regulator,,  the  following 
equation  can  be  used: 

IqPj  = Charge  current  delivered  by  regulator 

= (default  value  of  — 2“)  (7-20) 

7.  4.  2. 2 Shunt  Regulator 

The  equation  for  the  shunt  regulator  is  intimately  related  to  the 
design  of  the  solar  array.  The  equations  provide  the  end-of-life  array 
power  (Pg).  However,  the  array  will  be  capable  of  delivering  considerably 
more  power  at  the  be  ginning- of- life  and  immediately  after  the  eclipse 
period  when  the  array  temperature  is  low.  In  order  to  limit  the  bus  voltage 
under  these  initial  conditions,  shunt  regulators  are  applied  across  the  solar 
array. 

Shunt  regulators  are  variable  conductivity  dissipators  that  bypass 
a portion  of  the  solar  array  current  capability  and' reduce  the  array  output 
voltage.  In  effect,  the  shunt  regulators  shift  the  operating  point  on  the  curve 
for  array  "E"  vs  "T*  from  high  voltage-low  current  to  lower  voltage -higher 
current.  Since  the  load  current  cannot  be  varied,  the  shunt  regulators 
absorb  the  excess  current  through  transistor  circuitry.  The  sensor  for 
the  regulator  detects  the  array  voltage  and  keeps  the  shunt  OFF  for  low 
voltages.  When  the  array  voltage  increases  beyond  a limit  value,  the 
shunt  turns  ON  gradually  until  it  reaches  a maximum  value  of  shunt  cur- 
rent. Regulators  are  operated  in  parallel  with  their  limit  value  set  at- 
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increasing  array  voltages,  so  that  they  turn  on  in  sequence  for  increasing 
array  voltage. 

The  number  of  regulators  is  dependent’ upon  the  anticipatec 
excess  solar  array  power  at  beginning-of-life.  and  the  unit  dissipating 
capability.  If  the  maximum  array  power  is  given  as  the  mini- 

mum load,  power  is  P;  . , then  the  number  of  shunt  regulators  needed  is: 
- i-i  min  ° 

_ max  Ij  ■ min 

SR  r Max  Unit  Power  Capacity 


Min  Unit  • 
Power  Capacity 

' 0 watts 
12.0 
240 


The  sequence  followed  in  implementing  the  design  algorithm 
is  as  follows: 

a.  Compute  the  maximum  charge  current  to  be  delivered  by  the 

battery  charge  regulator  based  on -the  selected  battery  charge 
capacity.  • - • 

b.  Select  a charge  regulator  from  the  data  base  possessing  or 
exceeding  the  rhaximum  charge  current  rating... 

c.  Set  the- number  of  charge  regulator  s equal  to  the  number  of 
batteries. 

d.  Select  a shunt  regulator  from  the  data  base  based  on  the 
anticipated  excess  solar  array  power  at, beginning-of-life 
and  the  regulator  dissipating  capability. 

e.  Compute  the  number  of  shunt  regulators  required. 

f.  Call  up  configuration  special  hardware  from  the  data  base 
which  is  not  differentiable,  i.e.,  PCU. 


where: 

P • - P • 

max L min 

<720  watts 
720  - 1440 
>1440 

7.4.3'  Design  Logic 


Select  the  next 
larger  integer  for 
any  remainder 
above  0.-1 


(7-21) 
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7.  5 SHUNT  AND  J)ISCHARGE  VOLTAGE  REGULAnON 

CONFIGURATION 

7.5.1  FTinctional  Description 


The  shunt  and  discharge  voltage  regulation  configuration 
components  perform  the  following  functions: 

a.  Discharge  Regulator.  The  battery  voltage  is  boosted  to  the  bus- 
level  by  means  of  the  discharge  regulator.  This  device  uses  a 
transistor  switching  circuit  to  generate  a variable  voltage  across 
an  inductor  in  series  with  the  battery. 

b.  Battery  Charger.  The  charge  current  is  limited  according  to  the 
battery  ambient  temperature  by  reducing  the  bus  voltage  with  a 
pulse-width  modulated  regulator.  The  bus  voltage  is  switched 
across  an  averaging  filter,  with  the  output  voltage  controlled  by 
varying  the  duty  cycle  of  the  transistor  switch.  When  the  battery 
sensors  indicate  full  charge,  the  regulator  is  turned  off. 

c.  Shunt  Regulator.  The  solar  array  characteristics  vary  with  the 
temperature,  solar  intensity  and  life  of  the  solar  cells.  If  the 
load  is  insufficient  to  reduce  the  array  voltage  below  a set  level, 
the  shunt  regulator  applies  a dissipative  circuit  that  loads  down 
the  bus  to  the  set  level.  The  regulator  is  made  up  of  a sensor 
to  detect  the  bus  voltage  and  to  control  a variable  conductivity 
transistor  circuit  that  shunts  the  array. 

d.  Central  Control  Unit  (CCU) . The  CCU  is  the  decisionmaking 
computer  that  senses  the  voltage  of  the  regulated  bus  and  sends 
operational  commands  to  the  shunt,  charge  and  discharge 
regulators  in  order  to  optimize  usage  of  the  solar  array  and 
maintain  the  bus  voltage  regulation. 

A block  diagram  of  the  shvint  and  discharge  voltage  regialation  configuration 
was  presented  in  Figure  7-2, 

7.5.2  Design  Equations 

7.  5.  2.1  Battery  Charge  Regulator 

The  charge  regulators  to  be  discussed  here  are  nearly  identical 
to  the  regulators  discussed  in  Paragraph  7.4.2.  1.  The  only  substantial 
difference  is  a charge  regulator  efficiency,  of  85  percent.  For 
completeness,  the  equations  will  be  repeated: 
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'D 


DD 


=.  Discharge  regulator  efficiency 
pa  85  percent 

= -Power  dissipated  by  each  discharge  regulator 


D 


1) 


7.5.3  Design  Logic  . 

The  sequence  followed  in  implementing  the  design  algorithm 
is  as  follows: 


a.  Compute  the  maximum  charge  current  to  be  delivered  by  the 
battery  charge  regulator  based  on  the  selected  battery  charge 
capacity. 

b.  Select  a charge  regulator  from  the  data  base  possessing  or 
exceeding  the  maximum  charge  current  rating. 

c.  Set  the  number  of  charge  regulators  equal  to  the  number  of 
batteries. 

d.  Set  the  number  of  discharge  regvilators  equal  to  the  number 
of  batteries. 

e.  Compute  the  power  requirement  to  be  dissipated  by  each  dis- 
charge regulator. 

f.  Select  the  discharge  regulator  from  the  data  base  possessing 
or  exceeding  the  power  dissipation  rating. 

g.  Select  a shunt  regulator  from  the  data  base  based  on  the  an- 
ticipated excess  solar  array  power,  at  beginning-of-life  and 
the  regulator  dissipating  capability.  ■ 

h.  Calculate  the  number  of  shunt  regulators  req\iired, 

i.  Call  up  configuration  special  hardware  from  the  data  base 
which  is  not  differentiable,  i.e.,  central  control  Imit. 

7.6  SERIES  LOAD  REGULATION -CONFIGURATION 

7.6.1  Functional  De s c riptioin 

The  series  load  regulation  configuration  components  perform 
the  following  functions: 


I^EGEDIMG  PAGE  BLANK  NOT  FJLMEDi' 


7-27 


a.  Battery  Charter.  The  charge  regulator  uses  a pulse  width 
modulated  switch  to  reduce  the  xuxregulated  solar  array  bus  to 

a voltage  that  will  limit  the  maximiim  charge  rate  to  an  acceptable 
level.  The  charge  continues  until  the  battery  temperature, 
voltage,  third  electrode  signal  or  amp-hour  capacity  indicate 
recovery  of  energy  discharged  during  the  previous  eclipse 
period.  The  maximum  charge  rate  may  be  reduced  if  the  array 
bus  drops  because  of  a high  payload  drain. 

b.  Series  Load  RegTilator.  This  unit  is  of  the  buck- boost  type 
using  semiconductor  switching  circuits  to  generate  a voltage  in 
opposition  or  supporting  the  unregulated  bus  voltage.  The  magni- 
tude and  polarity  of  the  buck-boost  voltage  is  controlled  by  the 
average  regulated  voltage.  In  addition,  the  regulator  current 
can  be  used  as  a control  fxmction  to  provide  load  sharing  amongst 
several  parallel  regulators, 

c.  Command  Switching.  This  unit  is  coordinated  with  the  ground 
command  capability  of  the  entire  vehicle  and  is  used  for  power 
management  of  the  EPS  under  varying  conditions  of  load  demand 
or  component  failure  over  the  anticipated  life. 

A block  diagram  of  this  series  load  regulation  configuration  was  presented 

in  Figure  7-3. 

7.  6.  2 Design  Equations 

7.  6.  2.1  Battery  Charge  Regulator 

The  charge  regulators  to  be  discussed  here  are  nearly  identical 
to  the  regulators  described  in  Paragraphs  7.4.  2.  1 and  7.  5.2.'  l.  The  only 
significant  difference  is  the  charge  regulator  efficiency,  T|^,  equal  to 
85  percent. 

7.  6.  2.  2 Series  Load  Regulator 

The  load  regulator  is  a series  element  that  must  regulate  the 
input  power  from  the  solar  array  or  the  battery.  Using  the  energy  balance 

equation  for  the  array,  the  input  to  the  regulator  is  the  .power  delivered 
to  the  load  (P  ) modified  by  the  distribution  loss  factor  In  this 

case,  different  from  the  previous  components,  the  distribution  loss  or 
line  efficiency  is  the  efficiency  of  the  load  regulator  (Tl^  „).  Another 
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difference  is  that  the  number  of  regulators  is  not  related  to  any  other 
EPS  component.  The  nvimber  is  dependent  upon  the  average  load  power 
and  the  unit  handling  capacity. 

The  following  is  a s.ummary  of  load  regulator  designations  and 
algorithms: 


N 


R 


For  P^ 


■ P 


Select  an  integer  greater 
than  two.  If  remainder  is 
greater  than  0.  2,  select 
next  larger  integer. 


LR 


unit  handling 
capacity 

< 1000  watts  use  vinit. capacity' of  225  watts 
> 1000  watts  use  unit  capacity  of  350  wa!tts 

Total  power  input  to  load  regulators 
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■ T1 


LR 


LRD 


\r 

Load  regulator  efficiency  ' 

90  percent 

Power  dissipated  by  all  load  regulators 
1 


LR 
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Note  that  the  peak  power  hanffling  capacity  is  usuaUy  twice  the  average 
given  in  the  equipment  data  base.  ■ 

7.6.3  Design  Logic 

The  sequence  followed  in  implementing  the  design  algorithm 
is  as  follows: 


a.  Compute  the  maximum  charge  current  to  be  delivered  by  the 
battery  charge  regulator  based  on  the  selected  battery  charge 
capacity. 

b.  Select  a charge  regulator  from  the  data  base  possessing  or 
exceeding  the  maximum  charge  current  rating, 

c.  -Set  the  number  of  charge  regulators  equal  to  the  number  of 
■ batteries. 
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Select  a series  load  regulator  from  the  data  base. 

1.  • For  a total  power  load  less  than  1000  watts,  use  a unit 

capacity  of  225  watts. 

2.  For  a total  power  load  greater  than  1000- watt's,  use  a 
unit  capacity  of  350  watts. 

Select  number  of  load  regulators  based  on  total  power  load 
and  unit  handling  capacity.  Select  an  integer  number  greater 
than  two.  If  remainder  is  greater  than  0.2,  select  next  larger 
integer  niunber. 

Call  up  configuration  special  hardware  from  the  data  -base  which 
is  not  differentiable: 

1.  Solar- power  distributor 

2,  Pow:er  distributor 
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8.  THERMAL  CONTROL  SUBSYSTEM 


8.  1 GENERAL 

A design  algorithm  for  sizing  the  thermal  control  subsystem 
(TCS)  is  herein  presented.  The  algorithm  addresses  only  the  basic  "house- 
keeping" subsystems  and  does  not  address  any  mission  equipment  thermal 
control  requirements.  The  approach  taken  in  this  model  is  to  synthesize  a 
thermal  control  subsystem  for  potential  spacecraft  orbits  and  configurations 
without  quantitatively  optimizing  the  subsystem.  The  approach  is  qualitative 
in  terms  of  the  equipment  used  in  the  thermal  control  subsystem.  Internal  com 
ponent  related  effects  were  not  modeled.  Any  perturbation  in  the  thermal  con- 
trol approach,  however,  will  not  significantly  impact  the  overall  spacecraft. 

1 Subsystem  Functional  Description 

The  thermal  control  subsystem  is  designed  to  provide  an 
environment  .favorable  to  the  operation  of  scientific  instruments  and 
other  equipment  vital  to  the  mission  by  limiting  temperature'  variations 
in  that  equipment.  The  onboard  thermal  environment  is  determined 
by  the  magnitude  and  distribution  of  radiation  inputs  from  the  sun  and 
the  planets,  heat  from  internal  sources  (rockets,  isotope  heaters,  and 
nuclear  power  sources),  and  heat  from  spacecraft  electrical  operations. 

The  impact  of  these  inputs  is  affected  by  the  characteristics  of  the  heat 
transfer  paths  vuthin  the  spacecraft  and  the  heat  radiation  characteristics 
of  its  external  surfaces.  The  common  purpose  of  the  thermal  control 
subsystem  components  is  to  modify  the  heat  transfer  to  and  from  each 
spacecraft  element  so  that  its  temperature  will  remain  within  the  allowable 
range  during  the  entire  life  of  the  mission.  Temperature  stability  and 
temperature  gradients  are  also  primary  concerns  in  the  design  of  the 
thermal  control  subsystem. 
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8. 1.2 


Component  Fiinctional  Descriptions 


The  thermal  control  subsystem  components  perform  the  following. 

functions: 


a.  Phase  Change  Material  (Thermal  Mass).  Phase  change  materials 
are  those  that  can  change  from  one  physically  distinct  and  mechani- 

- cally  separable  state  to  another  distinct  form  such  as  from  a 
definite  crystalline  to  a liquid  state.-  Phase  change  materials 
used  for  temperature  control  are  those  whose  melting  point  is 
close  to  the  desired  temperature  of  a component.  Then  the  latent 
heat  associated  with  the  phase  change  provides  a large  thermal 
inertia  when  the  temperature  of  the  attached  component  is  passing 
through  the  melting  point.  However,  the  phase  change  material 
cannot  prevent  a further  temperature  rise  when  all  the  material 
is  melted.  Phase  change  materials  are  used  in  electronic 
component  thermal  control  systems  to  enable  cyclically  operating 
components  to  remain  very  nearly  isothermal  at  all  times,  in 
thermal  energy  storage  devices  to  store  energy  isothermally  for 
later  release,  and  in  space  flight  experiments  to  maintain  thermal 
stability, 

b.  Insulation.  Thermal  insulation  is  designed  to  reduce  the  rate 
of  heat  flow  per  \onit  area  between  two  boundary  surfaces  at 
specified  temperatures.  Insulation  may  be  a single,  homogeneous 
material  such  as  a low-thermal-conductivity  foam  or  an  evacuated, 
multilayer,  insulation  system  in  which  each  layer  acts-  in  a low- 
emittance  radiation  shield  and  is  separated  by  low- conductance 
spacers.  Multilayer,  evacuated  insulations  are  wideiy  used  in 
the  thermal  control  of  spacecraft  and- components  to  (1)  minimize 
heat  flow  to  or  from  the  component,  (2)  reduce  the  amplitude  of 
temperature  fluctuations  in  components  because  of  time- varying 
external  radiative  heat  fluxes,  and  (3)  minimize  the  temperature 
gradients  in  components  caused  by  varying  directions  of  incoming 
external  radiative  heat. 

Heaters.  Electrical  heaters  (resistance  elements)  are  commonly 
used  to  maintain  component  temperatures  close  to  desired-  values. 
The  heater  is  typically  part  of  a closed-loop  system  that  includes 
a temperature  sensing  element  and  an  electronic  temperature 
controller.  Electrical  heaters  are  used  in  on-off  control  modes, 
ground- controllable  modes  (including  command  models),  or 
simply  in  continuously  on  modes. 

d.  Radiators.  The  external  surfaces  of  a spacecraft  radiatively 
couple  the  spacecraft  to  space,  the  only  heat  sink  available. 

Because  these  surfaces  are  also  exposed  to  external  sources 
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of  energy,  their  radiative  properties  must  be  selected  to  achieve 
the  balance  at  the  desired  temperature  between  internally- 
dissipated  and  external  sources  of  pov^er  and  the  heat  rejected 
to  space.  The  two  properties  of  primary  importance  are  the  emis 
sivity  of  the  surface  e and  the  solar  absorptivity-  oi  , Two 
or  more  coatings  can  be  combined  in  an  appropriate  pattern 
to  obtain  some  desired  average  surface  values  of  and  e,  e.g, , 
a checkerboard  pattern  of  white  paint  and  polished  metal. 

e. ’  JLouvers.  Louvers  provide  a simple  reliable  method  of  active 

temperature  control  by  varying  the  effective  emittance  of  a. 
spacecraft  .radiator  -with  temperature.  The  most  commonly 
used  configuration  consists  of  a series- of  polished  alnmihum 
blades  arranged  in  Venetian  blind  fashion  over  a high  emittance  ■ 
radiator.  Each  blade  is  attached  to  a*  shaft  supported  at  the  ends 
by  bearings.  A bimetallic  spring  attached  to  the  shaft  of  each 
blade  varies  the  blade  angle  with  temperature  and  changes  the 
exposure  to  space  of  the  radiator  surface,  - Other  mechanical 
configurations  and  temperature  actuators  have  been  used. 

f.  Heat  Pipes.  In  its  basic  fom^  a heat  pipe  is  a ve.ry  simple,  • 
self-contained,  device.  The  walls  of  an  enclosure  are  lined  with 
a “wic king'*  material  saturated  with  a "working  fltiid'.  " Heat  is 
then  conducted  from  a source  such  as  electronics  -through  the 
heat  pipe  walls  and  into  the  working  fluid.  The  additional  heat 
causes  the  evaporation  of  working  fluid  which  then  travels  by 
the  induced  pressure  gradient  to  a colder  portion  of  the  pipe. 

The  vapor  carries  with  it  the  latent  heat  of  vapo.rizatio'n  which  ' 

is  released  as  the  vapor  condenses  in  a- colder  portion  of  the  pipe. 
The  heat  is  then  conducted  through  the -wall  to  a heat  rejection 
system  such  as  a radiator.  Meanwhile,  the  condensed  fluid  is. 
pumped  back  to  the  hot  end  by.  the  capillary  action  of  the  wicking 
material  to  complete,  the  cycle.  In  some  applications,  heat  pipes 
. exhibit  an  effective  thermal  conductivity  that  exceeds  solid 

copper  by  orders  of  magnitude.  The  heat  pipe  in  this  basic  form  , 
is  useful  in  "isothermaliaing"  spacecraft  structures  such  as 
equipment  shelves  and  telescope  optical  tubes  by  conducting 
thermal  energy  efficiently  from  hotter  to  colder  regions. 

This  basic  heat  pipe  has  a fixed,  high  conductance  and  must, 
therefore,  be  designed  for  given  heat  source  and  sink  conditions. 
Deviation  from  these  conditions  results  in  the  overcooling  or 
overheating  of  the  heat  source.  ■ A heat  pipe,  however,'  that' is 
designed  to  vary  its  effective  conductance  in  response  to.  changing 
conditions  is  the  "variable  conductance  heat  pipe"  which' can  be 
used  to  control  the  source  at  a near  constant  temperature. 
Feedback  control  provides  greater  sensitivity  than  that  available 
with  standard  variable  conductance  techniques.  Heat  pipes  are 
designed  to  provide  heat  transfer  in  one  direction  only  {thermal 
diode) . 
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8.2 


INPUT  DATA 


The  inputs  for  the  thermal  control  algorithm  are  shovm  in 

Table  8-1. 

Table  8-1.  Input  Data  Requirements' 


Source 

Name 

R ep  re  s entati  ve 
Value 

User 

Agency  (USAF  or  NASA) 

USAF 

User 

Orbit  perigee  (nmi) 

500 

User 

Orbit  apogee  {nmi) 

500 

User 

Orbit  inclination  (rad) 

Para  8. 2.'  1 

User 

Orbit  beta  angle  (rad) 

0 

User 

Orientation  (solar  or  earth) 

Earth 

User 

Spin  axis  orientation  (required  for 
spinning  vehicles) 

Normal  to  sun 

User 

Battery  temperature  (*^C) 

15 

S&G 

C onf i guration 

VS 

Vehicle  shape 

' 

These  inputs  are  used  to  calculate  the  thermal  control  subsystem  com- 
ponent description.  The  orbit  perigee  and  apogee  are  used  to  determine 
whether  the  spacecraft  is  in  low  earth  orbit,  near  synchronous,  or  in  a 
highly  elliptical  orbit.  Inclination  and  beta  angle  are  used  to  determine 
eclipse  conditions.  Vehicle  configuration,  vehicle  dimensions,  and  sta- 
bilization and  orientation  infoimation  are  necessary  to  determine  a 
characteristic  dimension  for  heat  pipe  sizing,  and  to  determine  available 
area  for  heat  rejection.  Also,  stabilization  and  orientation  information 
is  necessary  to  determine  environmental  heat  loads. 

Minimum  and  maximum  power  for  each  component  selected 
from  the  equipment  base  is  required  to  determine  heat  rejection 
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requirements.  Component  temperature  limits  provided. iu  the  data  base 
will  determine  the  allowable  temperatures  for  each  particular  subsystem. 

If  component  temperatures  are  not  specified,  the  default  temperatures 
-17  C and  -f'54°C  will  be  used  except  that  battery  default  temperatures  are 
+6°  and  +32°C.  • 

8.2.1  Orbit  Inclination  . 

The  orbit  inclination  values  provided  herein  are  to  be  employed 
when  the  user  does  not  specify  the  vehicle  inclination.  It  is  asstjmed, 
however,  that  the  orbit  apogee  and  perigee  are  specified.  Also,  an  addi- 
tional input  of  user  agency  {NASA  or  USAF)  is  required  in  order  to  make  the 
values  more  meaningful.  Table  8-2  presents  the  representative  values. 

Table  8-2.  Representative  Orbit- Inclination  Values 


-Altitude  * 

Inclination 

Radians 

. {Degrees) 

Low 

1.40 

(80) 

Intermediate 

1.40 

(80)  . 

D 

Synchronous 

0 

.(0) 

< 

Low 

0.61 

(35) 

Intermediate 

1.40 

(80) 

Synchronous 

0 

(0) 

Table, 8-3  presents  the  distribution  of  orbital  inclination  for  Air  Force  and 
NASA  launches  between  1968  and  1973  inclusive.  Based  on  the  inclinations 
shown  in  Table  8-3,  the  default  values  in 'Table  8-2  were  selected.  The 


Low  altitude  denotes  apogees  less  than -926  km  {500  nmi). 

Synchronous  altitudes  denote  near  synchronous  with  small  eccentricity, 
and  altitudes  greater  than  synchronous. 

Intermediate  altitude  denotes  altitudes  below  low  and  synchronous, 
including  highly  eccentric  orbits. 
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Table  8-3.  Orbit  Incli 


II 

a fej 


ation  Distribution 


1 


3 


3 


5 


1 


maximxmi  possible  default  value  was  assumed  to  be  1.57  rad  (90  deg). 
Consequently,  orbits  with  inclinations  such  as  1.92  rad  (110  deg)  to  2.0  rad 
(119  deg)  were  assumed  to  be  the  same  as  those  with  inclinations  of 
1.05  rad  (60  deg)  to  1.20  rad  (69  deg). 

8.3  DESIGN  EQUATIONS 

Tables  8-4  and  8-5  show  preliminary  calculations  and  inputs 
of  constant  values  for  the  program.  A vehicle  characteristic  dimension 
is  determined  based  on  the  spacecraft  geometry  and  size.  This  character- 
istic dimension  should  be  in  meters.  The  other  program  inputs  are  in 
engineering  units.  Consequently,  a conversion  must  be  made  at  the  end 
of  the  algorithm  in  order  to  obtain  the  current  metric  dimensions. 

• The  spacecraft  orbit,  orientation,  stabilization,  etc.,  are  used  ' 
to  select  the  thermal  control  components.  The  approach  used  in  the 
algorithm  is  to  group  the  various  spacecraft  into  low  earth,  synchronous, 
and  intermediate  altitude  orbits.  The  spacecraft  are  further  classified 
as  to  their  orientation  (earth,  solar,  inertial,  etc.)  and  as  to  their- stabil- 
ization approach  (three-axis,  dual  spin,  etc.).  Orbit  inclination  and 

✓ 

eclipse  conditions  are  also  considered.  Once  the  classification  has  been 
completed,  the  appropriate  equations  are  used  to  size  the  components. 

Thermal  control  of  batteries  is  handled  slightly  differently 
from  the  rest  of  the  spacecraft  subsystems.  The  equations  for  battery 
thermal  control  are  presented  at  the  end  of  Section  8.3.- 

All  the  sizing  equations  are  in  engineering  units,  except  for 
the  heat  pipe  equations.  The  conversion  factors  necessary  to  characterize 
the  thermal  control  subsystem  in  metric  units  are  given  in  Table  8-6, 
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Table  8-4.  Vehicle  Configuration  Characteristic  L.ength 


Configuration 

Characteristic  Length 

Rectangular  . 

Middle  length  of  vehicle's  three 
dimensions 

Cylindrica.1 

0.  75  of  the  axial. length 

Spherical 

TT  times  the  sphere  radius 
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Table  8-5.  Internally  Stored  Data 


Symbol 

Description 

Value 

(Source) 

Units' 

Q 

max 

Maximum  internal  power  dissipation 

(data  base) 

Btu/hr 

^min 

Minimum  internal  power  dissipation 

(data,  base) 

Btu/hr 

a 

Stefan-Boltzmann  constant 

0. 1714  X 10"® 

Btu/hr -ft^  - R^ 

A 

Radiator  area 

ft^ 

Q 

s 

Solar  constant  ^ • 

442  " 

Btu/hr -ft^ 

Emiss. 

Earth  emission 

60 

Btu/hr -ft^ 

Alb. 

Albedo  of  earth 

155 

Btu/hr -ft^ 

K 

Factor 

1.0 

N.D. 

T 

max 

Maximum  temperature 

(data  base) 

Rankine  (R) 

T , 

min 

Minimum  temperature 

(data  base) 

Rankine  (R) 

a / e 

Conventional  radiator  absorptivity/ 
emissivity 

0.  30/0.75 

■ 

O'  /e 

OSR  radiator  absorptivity/emissivity 

0.  08/0^  73 

L 

Characteristic  length 

(data  base) 

Meters 

Table  8-6*.  Metric  Conversion  Factors 


To  convert 

Into 

Multiply  by 

Btu/hr 

watts 

0.2931 

sq  ft 

sq  m 

0.0929 

°F 

°C 

R 

F 

lb 

0.454 
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8.3.  1 


Orbits  of  Synchronous  Altitude  of  Greater 


8.3. 1.  1 

a. 


b. 


8.3. 1.2 

a. 


Solar  Inertially  Oriented  Vehicle 
Spinning  Vehicle 

Spin  Axis  Pointed  Toward  Sun 
Conventional  Radiator  Area 


Heater  Power 


= 1.25 


2.  Spin  Axis  Normal  to  Sun 

•Conventional  Radiator  Area 


Heater  Power 


= 1.25 


Heat  Pipe  Capacitance 
Three-Axis  Stabilized  Vehicle 

Conventional  Radiator  Area 


Heater  Power 


= 1.25 


ax 


cr  e T -max 


a sAt  . - Q .. 

min  rmn 


max 

? 

a e T max 

4 

cr  e At  . - Q . 

min  nun 


Qma-L- 


lax 


3.41 


2Q, 


max 


4 . 

a e T max 


a e At 


4 

min. 


Diode  Heat  Pipe  Capacitance  = 
Earth  Oriented  Vehicle  (Near  Equatorial) 
Three- Axis  Stabilized  Vehicle 

Conventional  Radiator  Area  =•  ■ 


3.41 


-Q,  . 

min 


(2  req'd) 


Lax 


a e 


4,  •. 

T max 


Heater  Power 


= 1.25 


At  ■ 

T 


O*  € .Cl  I . 

imn  Q 


min 


Diode  Heat  Pipe  Capacitance  = 


Q L 
’^max^ 

“XTi (2>^eq'd) 
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b.  Yaw  Spin  Stabilized  Vehicle 

Optical  Surface  Reflector  (OSR>= 
Radiator  Area 


Q 


max 


O’  e T 


max 


n 


' Heater  Power 

Dual  Spin  or  Normal  Spin  Vehicle 
Conventional  Radiator  Area 


= 1.25  U e . - Q . 

min  min 


Q. 


max 


a e T 


max 


Heater  Power 


= 1. 25  • O’  e T . . - Q^. 

min  min 


Heat  Pipe  Capacitance  = 

8.3.2  Orbits  Less  than  926  km  (500  nmi) 

8.  3,  2.1  Orbit  Inclination  is  Less  Than  30  deg 
a.  Solar  Inertially  Oriented  Vehicle 

1.  Three- Axis  Stabilized  Vehicle 

OSR  Radiator  Area  = 


Q , D 

iriax 

3.41 


ax' 


CT  e T - ‘(Emiss)e -(Alb)^ 
3^X1 3.x 


Heater  Power 

Heat  Pipe  Capacitance 

r 

2.  Spin  Stabilized  Vehicle 
OSR  Radiator  Area 

Heater  Power 

Heat  Pipe  Capacitance 


= 1 . 25  O'  e At  ~ Q . , 
min  min 


^max^ 


3.41 


Q_ 


max 


CT  e T 


max  “ 5[(Emiss)e  -{(Alb)^] 

= 1.25  iCTeAT"^  . -Q  . 

I • min  mil 


Q L 
max 

“370 
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b.  Earth  Oriented  Vehicle 


1.  Three- Axis  Stabilized  Vehicle 


Q. 


OSR' Radiator  Area 


Heater  Power 


max 


= 1.25 


Phase  Change  Material  (PCM)  = 
Mass 

Isotheimalizer  Heat  Pipe  = 

2 . Spin  Stabilized  Vehicle 


CT  e T - aQ 

max  s 


^ ® min  “ ^min 

0.26  Q q-AK 
s 

40 

Q L 

max 


3.41 


Q 


OSR  Radiator  Area 


Heater  Power 


max 


a e TT 


I (Emlss)e.  [0,t(Aib)?r 


= 1.25 


max 
4 


TT 


TT 

(Emiss)g 


CT  e At  " . - Q . - 

imn  min  tt 


8.  3.  2.  2 Orbit  Inclination  is  Greater  Than  30  deg 
Solar  Inertially  Oriented  Vehicle 
1 • Three-Axis  Stabilized  Vehicle 

OSR  Radiator  Area  = 


Q 


max 


XXxa>X 


Heater  Power 
PCM  Mass 

Heat  Pipe  Capacitance 


= 1.25 


cr  e At  , -Q  . -(Emiss)e 
min  min 


0.26q'  (Alb)  AK 
40 


Rnax-^' 

3.41 
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•2.  Spin  Stabilized  Vehicle 

OSR  Radiator  Area  = 

Heater  Power  = l.,25 

PCM  Mass  = 

Heat  Pipe  Capacitance  = 

Earth  Oriented  Vehicle 

Three -Axis  Stabilized  Vehicle 

OSR  Radiator  Area  = 


/ - . 'Q 


max 


o e T - ^Emis^  e -(Alb)ct' 

^ max  . ' ' 


0.26ff,Alb)AK 
40  > ‘ 


^ax^ 

3.41 


Q 


max 


cr  e T - a Q 

max  s 


Heater  Power 
PCM 


= 1.25  ctsAt  . - Q-  . 

I min  mm 

0.26  Q ey  AK 
s 


2. 


Heat  Pipe  Capacitance 

Spin  Stabilized  Vehicle 
OSR, Radiator  Area 


45” 

Q L 
max 

3.41 


Q 


max 


4 (Emiss)  e L^s 


asT  - 


n 


TT 


8.3.3 


Heater  Power 
All  Other  Orbits 


= 1.25  laer'^  . - Q . - I 

I mm  ^min  tt  j 


8-3.3. 1 - Solar  Inertially  Oriented  Vehicle 
Three-Axis  Stabilized  Vehicle 
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■Conventional  Radiator  Area 


max  " 


Heater  Power 


= 1.25  osAt  . -Q  . -(Emiss)e 
min  min 


Heat  Pipe  Capacitance 


Qmax^  ■ 


b.  Spin  Stabilized  Vehicle 


Conventional  Radiator  Area 


ctst  - CEmiss)e 
max 


Heater  Power 


= 1.25  <?eAT^.^-q^^-(Emis^  e 


Heat  Pipe  Capacitance 


^ax^ 

3.41 


8.  3.  3. 2 Earth  Oriented  Vehicle 


a.  Three-.Axis  Stabilized  Vehicle 
OSR  Radiator  Area’ 


oeT  . ■ “ Q O', 
max  • s 


Heater  Power 


PCM 


1.25  o.At^^  -QW 


0.26a  Q AK 
s 


Heat  Pipe  Capacitance 


^max^ 

3.41 


b.  Spin^Stabilized  Vehicle 


OSR  Radiator  Area 


creT  Q.  a 

max  s 
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Heater  Power 
■ PCM 


Heat  Pipe  Capacitance 

8.3.4  Battery  Thermal  Control 
OSR  Radiator  Area 


= 1.25 


aeAx  . . - Q •• 

min  min 


0.26q'Q  AK 
s 


40 


3.41 


Q 

max’ 

ae'(T  - 30)^  - Q a 
max  ' s 


Heater  Power 


= 1.25 


creA(T  . + At)^  - Q . 

min  min 


At 


Variable  Conductance  Heat 
Pipe 


1.  7 (Q  . + Heater  Power) 
min 

Q L 

max 

3.41 


8.4  DESIGN  LOGIC 

The  logic  within  ti^ie  design  algorithm  is  a set  of  logical  tests  which, 
for  the  specified  conditions,  point  the  way  to  the  proper  components  and  the 
equations  necessary  to  describe  the  physical  attributes  of  the  components. 
Table  8-7  presents  the  logical,  tests  which  are  performed  at  each  branch  or 
tier  in  the  logic  tree.  Thus,  Table  8-7  indicates  the  first  test  is  based  on 
orbit  altitude;  there  are  three  ranges  of  altitudes,  and  for  each  altitude  range 
there  are  four  or  five  further  tests  to  be  performed. 
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Table  8-7.  Thermal  Control  Logic 


Test 

Options 

1 

Orbit  Altitude 

Earth  synchronous  altitude  or  greater 

2 

Orientation  ' 

Solar 

Earth 

3 

S&C  Type 

t 

Dual  spin  or  normal  spin 
Yaw  spin 

Three-cixis  stabilized 

4 

Spin  Orientation 

Spin  axis  pointed  toward  sun 
Spin  axis  normal  to  sun 

Logic 

Tier 

Test 

Options 

1 

Orbit  Altitude 

Less  than  earth  synchronous  and  greater  than' 
926  krri  (500  nmi) 

2 

Orientation 

Solar 

Earth 

3 

S&C  Type 

Spinning  vehicle 

Three -axis  stabilized 

Logic 

Tier 

Test 

Options 

1 

Orbit  Altitude 

Less  than  .926  km  (500  nmi) 

2 

Inclination 

Less  than  or  equal  to  30  deg 
Greater  than  30  deg 

3 

Orientation 

Solar 

Earth 

4 . 

S&C  Type 

Spinning  vehicle 
Three- axis  stabilized 
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9.  VEHICLE  SIZING 


9.  1 GENERAL  ■ 

9-  1.  1 Functional  Description 

The  vehicle  sizing  model  determines  the  satellite  structural 
weight,  the  total  weight,  the  satellite  volume,  dimensions,  center  of 
gravity  locations  and  the  satellite  inertial  characteristics. 

The  model  is  able  to  accept  inputs  describing; 

a.  Mission  equipment 

b.  External  equipment 

c.  Solar  arrays 

A typical  satellite  configuration  is  depicted  in  Fi^re  9-1.  - 

The  mission  equipment  is  limited  to  two  items  in  mnnber  and 
can  be  mo\inted  on  either  the  forward  ( +.x  ) or  aft  ( - x ) end  of  the 
vehicle. 

Up  to  nine  external  equipments  can  be  specified.  The  external 
equipment  can  be  located  anywhere  on  the  surface  of  the  vehicle.  Clearly, 
the  external  equipment  can'include  mission  equipment*  descriptions. 

The  solar  arrays  can  be  mounted  either  on, the  vehicle  body 
or  on  oriented  paddles.  The  body -mounted  solar  arrays  can  be  mounted 
on  the  forward  end,  center,  or  aft  end  of  the  vehicle'  surface.  Paddle- 
mounted  solar  arrays  are  assumed  to  be  mounted  in  the  x - y plane 
parallel  to  the  y axis  and  attached  to  either  the  front  end,  center,  or 
aft  end  of  the  vehicle. 

9 . 1.2  Vehicle  Configurations 

The  vehicle  sizing  model  has  the  ability  to  design  any  of  three 
general  vehicle  configurations: 
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Figure  9-1.  Typical  Spacecraft  Configuration 


a.  Cylindrical 

b.  . Box  (square  end) 

c.  Spherical 

^ The  vehicle  configuration  is  always  tested  against  the  stabili- 
zation.and  control  s ubsystem  configuration  to  prevent  a spinning,  box- 
shaped vehicle  from  being  designed.  This  test  is  summarized  in  Table.  9-1.  - 


Table  9-1.  Vehicle  Shape  Compatibility 


S&C  Configuration 

Cylinder  ‘ 

Sphere 

Box 

Spinning 

■ Yes 

Yes 

t 

No 

3 -Axis 

Yes 

Yes 

Yes 

Legend: 

Yes  - Compatible 
No  - Incompatible 


9»1*3  Equipment  Types 

Equipment  weights  which  are  determined  by  the  vehicle 
sizing  model  include  the  following; 


a. 

Equipment  bay  structure 

•b. 

Booms,  extensions,  and  mechanisms 

c. 

Wiring  harness  . ' 

d: 

Thermal  control  subsystem 

e. 

Adapter 

9.2 

INPUT  DATA 

The  information  required  from  the  user  to  design  the  Vehicle 
is  identified  in. Table  9-2.  The  table  jndic ate s what  representative  • 
values  are  used  in  the  event  the  dataware  not  supplied. 
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Table  9-2.  Input  Data  Supjdied  by  User 


Symbol 

Name 

Representative  Value 

EQPF 

Volume  sizing  factor 

4.95 

MB12SH 

Mission  equipment  bay  shape 
(1  means  cylinder,  2 means  box) 

1 for  cylinder, 

2 for  box,  or  3 for 
spherical  vehicle 

EQMIWT 

Mission  equipment  bay  #1  weight  (lb) 

435. 

EQMIXL 

Mission  equipment  bay  #1  length  (in. ) \ 

EQMIYL 

Mission  equipment  bay  #1  width  (in.  ) ( 

Para.  9.  2.  1 

EQMIZL 

Mission  equipment  bay  #1  height  (in.  ) 1 

EQM2WT 

Mission  equipment  bay  #2  weight  (lb)  ^ 

435. 

EQM2XL 

Mission  equiprnent  bay  #2  length  (in.  ) '■ 

EQM2YL 

Mission  equipment  bay  #2  width  (in. ) 

Para.  9.  2.  1 

EQM2ZL 

Mission  equipment  bay  #2  height  (in.  ) 

ISBOFG 

Solar  array  boom  orientation 
(0  means  not  oriented, 

1 means  oriented) 

0 

NUMEEQ 

Number  of  external  equipments 
(maximum  of  nine) 

0 

EEQWT(i) 

External  equipment  #i  weight  (lb) 

0 

EEQVE(i) 

External  equipment  #i  volume  (ft  ) 

0 

EMIYCG 

Miss.equip.#!  c.  g.  ”y”  location  (in. ) 

0 

EMIZCG 

Miss.  equip.#l  c.g.  "z"  location  (in.  ) 

0 

EM2YCG 

Miss.equip.#2  c.  g.  "y”  location  (in.  ) 

0 

EM2ZCG 

Miss.  equip.#2  c.  g.  "z"  location  (in. ) 

0 

CGEEX(i) 

Location  of  ith  external  equipment 
(1  means  front,  2 means  center, 

3 means  aft) 

2 

EELOC(i) 

Location  of  ith  external  equipment 
(1  means  right,  2 means  left,  3 means 
top,  4 means  bottom  when  viewed 
from  aft  end) 

/ 

2 
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Table  9-2._  Input  Data  Suppled  by  User  (Continued) 


Symbol ' 

Name  ■ ■ . 

Representative  Value 

XCGSAl 

Location  of  solar  paddles 
(1  means  front,  2 means  center, 
3'  means  aft) 

• 1; 

XCQSA3 

Location  of  body  mounted  solar  array 
(1  means  front,  2 means  center. 

-i  r ■ 

3 means  aft)  , 

f 

DIAMAX 

Maximum  satellite  diameter  (in. ) • 

' • 120 

9-5 


The  vehicle  sizing  model  obtains  the  weight  and  volume  from 
the  data  base  for  each  component  selected.  The  reliability  model  indi- 
cates the  total. number  of  each  component  type.  The  stabilization  and 
control  subsystem  indicates  whether  the  vehicle  is  spinning  or  three-axis  . 
stabilized.  Total  solar  array  area  and  weight  are  supplied  by  the  electrical 
power  subsystem  model. 

9-2.1  Mission  Equipment  Dimensions  - 

The  mission  equipment  bay  dimensions,  if  not  specified  by 

the  user,  are  determined  in  two  steps.  First,  the  required  volume  is 

determined  by  dividing  the  mission  equipment  weight  by  an  average  density 
2 3 

of  400  kg/m  (25  Ib/ft  ).  Second,  a constant  length/diameter  (for  a 
cylinder)  of  0.6  or  length/width  ratio  (for  a box)  of  1.0  is  assumed,  and  the  - 
dimensions  are  calculated  based  on  the  required- volume.  If  the  maximum 
diameter  is  exceeded,  the  diameter  (or  diagonal  of  a box)  is  set  to  the 
maximvim  diameter,  and  the  length  is  recalcidated. 

a.  ■ Cylindrically  Shaped  Mission  Equipment 


EQMIVL. 

ZZ 

EQMlWT/25.  0 

(9-l) 

EQMIYL, 

= 

[(EQMIVL  X 1728)/0.471]°’^^^ 

(9-2) 

EQMIZE 

= 

EQMIYL 

(9-3) 

EQMIXL 

.= 

0.  6 X EQMIYL 

(9-4) 

EQMlYLi  exceeds  DIAMAX,  ■ 

EQMIYL 

= 

EQMIZL  = DIAMAX 

(9-5) 

EQMIXL 

= 

(EQMIVL  X 1728),/(0.  785  x DIAMAX^ 

)(.9-6) 

The  identical  procedure  is  followed  in  estimating  the-dimen- 
sions  of  a second  cylindrically  shaped  mission  equipment. 

b.  Box  Shaped  Mission  Equipment 


EQMIVL  = 

EQMlWT/25.  0 

(9-7) 

EQMIYL  = 

[(EQMIVL  X 1728)/0.  6]°‘ 

(9-8) 

EQMIZL  = 

EQMIYL 

(9-9). 

eqmixL  = 

0.  6 X EQMIYL 

(9-10) 
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If  EQMlYLi  exceeds  DIAMAX, 

EQMIYL  = EQMIZE  = 0.  707  x DIAMAX  (9-11) 

EQMIXL  = (EQMIYL,  X 1728) /( 0.5  X DIAMAX^)  (9-12) 

9.2.2  Desptin  Platform  Moment  of  Inertia 

If  either  of  the  two  mission  equipment  bays  is  to  be  despun 
as  part  of  the  S&C  .dual  spin  configuration,  it  is  necessary  to  know  the 
roll  moment  of  inertia.  The  equations  for  the  inertia  for  mission  equip- 
ment bay  number  1 are  listed  below: 

If  a cylindrical  bay, 

EMIINX  = (EQMlWT/2.  0)  X EMIRAD^  (9-13,) 

If  a box, 

EMIINX  = (EQMlWT/12.  0)  x (EQMIYL.^  + EQMIZL^) 

(9-14) 

For  mission  equipment  bay  number  2,  the  identical  relation- 
ships are  used. 

9.2.3  Volume  Sizing  Factor 

This  section  describes  the  analysis  used  to  obtain  the  volume 
sizing  factor,  EQPF.  The  results  presented  in  Figure  9-2  indicate  that 
satellites  with  paddle -mounted  arrays  have  a mean  volume  sizing  factor 
of  4.  95.  However,  satellites  having  body-mounted  arrays  may  exhibit 
factors  as  high  as  34  since  the  area  required  for  the  solar  array  deter- 
mines the  size  of  the  vehicle. 

In  order  to  obtain  the  volume  sizing  factor  as  a function  of 
gross  weight  several  steps  were  necessary: 

a.  Actual  weight  statements  were  obtained  for  nineteen  satellites. 

b.  The  cost/performance  data  base  was  used  to  obtain  the 
average  equipment  density  of  the  various  subsystems.  Over 
100  equipment  weights  were  used  to  obtain  the  densities  pre- 

. sented  in  Table  9-3. 

c‘.  Utilization  of  the  subsystem  densities  yields  the  total  equip- 
ment volume  for  each  of  the  satellites.  The  values  used  for 
the  FLTSATCOM  satellite  are  presented  in  Table  9"4. 
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Table  9-3.  Subsystem  Densities 


Subsystem 

Density 

IHHESlHi 

Stabilization  and  Control  System 

455- 

28.4 

Propulsion  System 

Hardware 

143 

8.9 

Thrusters 

. 163 

10.2 

Cold  Gas  and  Tankage 

726 

45.  3 

Hot  Gas  and  Tankage 

1120 

70.2 

Bipropellant  and  Tankage 

1290 

80.  3 

Solid  Motors 

1350 

84.  1 

Data  Processing  System 

1400 

87.5 

Communication  System 

1330 

82.8 

Electrical  System 
Batteries 

2670 

166.8  ■ 

Equipment 

252 

15.  7 

Table  9-4.  FDTSATCOM  Description 


Weight 

Density 

V olume 

kg 

(lb) 

3 

m 

(ft^) 

Structural  TPS  & Hardware 

138.  0 

Solar  Arrays  (paddles) 

82.  1 

Batte  ries 

88.5 

2670 

166.8 

0.  033 

1.  17 

Electrical  Equipment 

73.  9 

163 

252 

15.  7 

0.294 

10.38 

Electrical  Harness 

77.  6 

171 

Guidance  & Navigation 

57.2 

126 

455 

28.4 

0.  126 

4*  44 

C ommunic  ation 

174.  0 

384 

1330 

82.8 

0.  131 

4.64 

TT&C 

29.9 

6'6 

1400 

87.5 

0.  02-1 

0.75 

RCS  System 

102.  0 

224 

1120- 

70.2 

-0.090 

3.  19 

Aooeee  Motor 

858.  0 

1892 

1350 

84.' 1 

0.637 

22.  50 

Total 

1.390 
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VOLUME  SIZING  PACKING  FACTOR 


1.  FLTSATCOM  tO.  IMP-H 

■ 2.  EOS  n.  lEU 

3.  SAS  12.  LUNAR  ORBITER 

4.  SAN  MARCOS  13.  OGO-V 

. 5.  NIMBUS/ERTS  14.  TIROS  M 

6.  RAE-B  - 15,  SMS 

7.  IDCSP/A  16.  DSP 

8.  OAO-B  17.  INTELSAT 

9.  OSO-I  18.  SKYNET 


GROSS  WEIGHT,  1000  lb 


Figure  9-2,  Volume  Sizing  Factors 
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d.  The  equipment  bay  total  volume  is  determined  from  the 
satellite  drawing. 

e.  The  volume  sizing  factor  is  determined  as  follows.  For  the 
DSCS-II  satellite,  with  bay  volume  of  4.85  m^  (171.4  ft^)  and 
an  equipment  volume  of  1.  39  m^  (49.  07  ft^)  the  factor  is: 

EQPF  ' = X-||-  =3.5  (9-15) 

The  volume  sizing  factor  for  the  remaining  satellites  was 
calculated  in  a similar  manner,  and  the  results  are  plotted 
in  Figure  9-2. 

It  is  obvious  that  satellites  having  body-mounted  solar  arrays 
could  exhibit  very  high  factors.  This  is  due  to  the  fact  that  the  satellite 
dimensions  (and  therefore  volume)  are  determined  by  the  area  required  for 
the  solar  arrays.  Since  the  purpose  was  to  produce  the  minimum  sized 
equipment  bay  (without  body-mounted  solar  arrays)  it  was  decided  to  re- 
move the  data  on  the  satellites  having  body-mounted  solar  arrays  from' the 
study.  An  inspection  of  Figure  9-2  reveals  that  the  volume  sizing  factor 
for  satellites  having  solar  array  paddles  is  fairly  constant  regardless  of 
gross  weight.  Therefore,  the  mean  value  of  4.  95  was  calculated  as  the 
baseline  factor  to  be  used  for  all  vehicles  as  shown  below; 

Equipment  Volume  = Volume  Sizing  Factor  x Equipment  (9-16) 

Volume 

Ninety  percent  of  the  computed  volume  sizing  factors  for 
paddle-mounted  solar  array  vehicles  fall  within  a range  of  1.  8 4:0  8.  1.- 

9.  3 DESIGN  EQUATIONS 

The  empirical  weight  equations  used  in  the  model  were 
developed  by  correlating  actual  satellite  data  with  a theoretical  model 
using  a regression  analysis  computer  routine.  Numerous  parameters 
were  compared  to  determine  their  relative  effect  on  weight,  and  those 
which  had  a low  influence  were  deleted  from  the  equations  for  simjiifi- 
cation. 
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The  data  shown  in  Figure  9-3  was  used  to  produce  the  follow- 
ing structural  equations: 

Structural  Weight  = K [(EQWT)°* ^ (L/D)°* (9-17) 

where: 


K = Density  Coefficient 

= 0.218  for  satellites  with  sidewalls  (i.e.,  with 
body-mounted  solar  arrays) 

= 0.  129  for  satellites  with  paddle-mounted  solar 
arrays,  which  do  not  require  the  large  body 
area  needed  for  body-mounted  arrays 

EQWT  = Equipment  weight  carried  by  the  structure 

Li/D  = Length /diameter  ratio  of  the  structural  shape 
(i.e.,  long,  slender  structures  weigh  more 
than  short,  wide  structural  shapes) 

The  electrical  harness  weight,  the  structural  thermal  pro- 
tection, and  the  equipment  boom  weight  were  obtained  in  a similar  manner. 


9.3.1  Mission  Equipment 

The  mission  equipment  weight  is  supplied  by  the  user: 

EQMIWT  = . Mission  Equipment#!  Weight  (lb) 

EQM2WT  = Mission  Equipment  #2  Weight  (lb) 

EQMWT  = EQMIWT  + EQM2WT  (9-18) 

The  dimensions  of  the  mission  equipment  bays  are  also  provided  by 
the  user  or  calculated  as  representative  values: 

EQMIXL  = Mission  Equipment  Bay  #1  Length  (in.  ) 

EQMIYL  = Mission  Equipment  Bay  #1  Width  (in.  ) 

EQMIZL  = Mission  Equipment  Bay  #1  Height  (in.  ) 

EQM2XL  = Mission  Equipment  Bay  #2  Length  (in.  ) 

EQM2YL  = Mission  Equipment  Bay  #2  Width  (in.  ) 

EQM2ZL  = Mission  Equipment  Bay  #2  Height  (in.  ) 
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STRUCTURE  WEIGHT,  ib  = 


1.096 


O Kp  = 0.218  FOR  BODY  MOUNTED  SOLAR  ARRAYS 

• Kp  =0.129  FOR  PADDLE  TYPE  SOLAR  ARRAYS 

□ NOT  INCLUDED  IN  CORRELATION  ANALYSIS 
BUT  SHOWN  FOR.  REFERENCE 
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OAO-B 
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Figure  9-3.  Structure ’Weight  Correlation 


Z 


Missiorf-Equipment  Volume.  ; ' It  is"  desirable  to  .know  the 
total  mission  equipment  bay  volume. 


If  the  mission  equipment  bay  is  a cylinder,  volumes 
of  equipment  bays  #1  and  #2  are:- 

EQMIVL,  = 0.  785  X EQMIYL^*  ° X EQMIXL 

EQM2VL  .=  0.  785  x EQM2YL,^"°  x EQM2XL 

and  the  total  volume  is:  ' 

EQMVOL  = EQMIVL  + EQM2VL 

If  the  mission  equipment  bay  is  a .box,  volumes  of 
, equipment  bays  #1  and  #2  are: 


(9 


(9 


EQMIVL  = EQMiXL  x EQMIYL  x EQMIZL 
EQM2VL  = EQM2XL  x EQM2YL  x EQM2ZL 
and  the  total  volume. is: 

EQMVOL  = EQMIVL  + EQM2VL 


(9 


(9 


9.  3.  2 Solar  Arrays 

The  solar  array  area  (SAAREA)  and  weight  (SOARWT)  re- 
qmred  to  produce  the  necessary  power  (watts). must  be  read  from  the 
input  data  (supplied  by  the  EP  subsystem). 

3-  ’ Oriented  Paddles,  Assume  two  flexible,  oriented  paddles 
of  equal  areas: 

First  paddle  weight  (lb) 


Second  paddle  weight  (lb) 

2 

First  paddle  area  (ft  ) 

2 

Second  paddle  area  (ft  )'  . 


= SAIWT  ^ 

= SOARWT /2 

= SA2WT 
= SOARWT /2 

= SAREAl  . 

= SAAREA/2 

= SAREA2' 

= SAAREA/2 


The  flexible'  arrays  are  assumed  to.be  2.44  m (8  ft)  wide. 
Therefore,  the  length  of  each  paddle  is; 


Paddle  length 


= SAlYL.(in.  ) 

= 0.  75  SAAREA 


-19) 

-20) 

-21) 

-22) 

)-23) 

>-24) 

1-25) 


9.rl3 


b. 


c. 


This  asstimes  the  paddle  is  extended  in  the  y direction. 
Then,  assufne  the  2.44  m (96  in. ) dirhension  is  in  the  x 
direction  and  a 2.  54  cm  (1  in. ) thickness: 


SAIXL  = 96.  0 
SAIZL,  =1.0 


(9-26) 


Body  Mounted  Arrays.  The  solar  arrays  are  mounted  on 
the  equipment  bay  sidewall  and  are  unoriented.  The  weight 
(SA3WT)  used  by  the  vehicle  sizing  model  is  equivalent  to 
the  input  SOARWT,  and  the  area  (SAAREA)  is  equivalent  to 
the  input  SOAREA. 


If  the  equipment  bay  is  a cylinder,  the  available  solar 
array  area  is  the  total-  equipment  bay  sidewall  area  if 
the  vehicle  is  spinning  and  one -half  the  equipment  bay 
sidewall  area  if  the  vehicle  is  not  spinning.  If  the  equip- 
ment bay  is  a square -ended  box,  the  available  area  for. 
power  generation  is  one  side  of  the  box.  In  both  cases,  a 
check  is  made  to  see  if  the  solar  array  area  (SAAREA) 
exceeds  the  equipment  bay  area.  If  this- happens,  the  model 
indicates  that  additional  sidewall  is  required. 


If  the  equipment  bay  is  a sphere,  only  the  projected  area 
is  available  for  power  generation.  If  the  vehicle’ diameter 
required  for  the  solar  arrays  exceeds  the  diameter  orig- 
inally calculated  to  contain  the  equipment  volume,  then 
the  model  again  indicates  that  additional  area  is  required. 


Solar  Array  Booms.  The  solar  arrays  are  always  placed  - 
in  the  x-y  plane  and  the  extension  from  the  body  (on  the 
y axis)  is  assumed  to  be  61.  0 cm  (24  in. ).  Therefore: 

SABOLG  = 24.0  (9 

and  the  boom  weight  is; 


SABOOM  = 5.0  + (0.213  x’SABOLGx  2.0) 

= 6.89  kg  (15.2  lb)  (9-28) 

If  the  boom  is  oriented,  a drive  mechanism  (SADRIV) 
must  be  added.  Its  weight  is  a-  function  of  the  solar  array 
weights  (SAIWT  and  SA2WT): 


SADRIV  = 0.  166  X (SAIWT  + SA2WT)  (9-29) 


The  solar  array  area  calculated  by  the  electrical  powe.r  subsystem 
model  takes  into  account  the  vehicle  shape  and  whether  the  vehicle 
is  spinning. 
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Finally,  the  system  weight  is  the  sum  of  the  boom  and  the 
drives  * 

SABMWT  = SABOOM  '+  SADRIV  (9-30) 

9.  3.  3 Equipment  Bay 

Several  preliminary  steps  are  necessary  in  order  to  deter- 
mine the  equipment  bay  shape  and  size. 

a.  Subsystem  Weights.  The  weights  and  volumes  of  the 

various  pieces  of  equipment  which  will  be  carried  in  the 
equipment  bay  must  be  read  from  the  data  base.  The  sub- 
system total  weight  is  the  sum  of  the  various  component 
weights. 

Stabilization  + Control  Weight  (STABWT) 

STABWT  = STAIWT  + STA2WT  + . . . (9-31) 

Auxiliary  Propulsion  Inerts  Weight  (ACINWT) 

ACINWT  = ACIIWT  + ACI2WT  . . . (9-32) 

Auxiliary  Propulsion  Propellant  Weight  (ACSWP) 

ACSWP  = ACSIWP  + ACS2WP  + . . . (9-33) 

Communication  Weight  (COMWT) 

COMWT  = COMIWT  + COM2WT  + . . . (9-34) 

Data  Processing  Weight  (DATAWT) 

DATAWT  = DATIWT  + DAT2WT  + . . . (9-35) 

Electrical  Power  Weight  (ELPWT)  ‘ 

ELPWT  = ELPIWT  + ELP2WT  + . . . (9-36) 

Thermal  Control  Weight  (TCWT)’ 

TCWT  = 0. 025  xEQWT  (9-37) 

Equipment  Weight  (EQWT) 

EQWTl  = STABWT  + COMWT  + 

DATAWT  + ELPWT  + TCWT 

EQWT  = EQWTl  + ACINWT  + ACSWP  (9-39) 
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b. 


c. 


Subsystem  Volumes.  The  subsystem  volumes  are  obtained 
by  ,a  summation  of  the  component  volumes  which  are  read 
from  the  data  base. 


STAVOL, 

ACS  VO  I. 
COMVOI4  ■= 
DATVOL.  = 
EL.PVOL  . = 
EQVOL 


STAlVLi  + STA2VL,  + . . . (9-40) 

ACIVL  -i- AC2VL,  (9-41) 

COMIVE  + GGM2VL  + . . . (9-42) 

DATIVL  + DAT2VL  + ' (9-43) 

ELPIVL  + ELP2VL  H-  . . . * (9-44) 

'STAVOL  + ACSVOL  + COM  VOL  + 
DATVOL  + ELPVOL  (9-45) 


Equipment  Bay  Volume.  The  actual  yolume  reqvdred  in 
the  equipment  bay  itself  must  be  determined.  This  volume, 
must  be  greater  than  the  sum  of ‘the  component  volumes  • 
because  the  shapes  of  the  equipment  packages  makes  it 
difficult  to  stack  them  efficiently  and  because  it  is'  not  pos- 
sible to  put  a flat- sided  box  closely  against  a curved  side- 
wall.  In  addition,  room  must  be  left  for  cable  runs  and 
access  to  the  equipment.  The  factor  used  to  obtain  this 
additional  volume  is  the  volume  sizing  factor,  and  a value 
of  4.  95  is  used  as  a representative  value  in  this  program. 
The  factor  of  4.  95  is  based  upon  a nominal  satellite.  If  this 
is  not  acceptable  or  desirable  because  of  thermal  control 
problems,  then  the  value  should  be  raised  as  suggested  in 
Figure  9-2. 

Equipment  Bay  Volume  (EQBVOL)  (ft^)' 


EQBVOL  = EQVOLx-'EQPF  (9-46) 

where 

EQPF  = volume  sizing  factor 

d.  Equipment  Bay  Dimensions.  The  input  data  is  read  to  de- 

termine tbe  desired  shape  of  the  equipment  bay.  In  addition, 
the  maximum  allowable  diameter  (or  diagonal  if  a square- 
ended  box)  must  be  read  from  the  input  data.  With  the 
total  volume,  the  shape,  and  the  maximum  diameter  avail- 
able, the  volume  determination  can  be  made  as  presented 
in  the  following  materials 

It  should  be  noted  that  a length -to -diameter  ratio  of  0.  6 
■vidll  be  used  xmtil  the  maximum  diameter  is  reached.  Then 
the  diameter  will  be  fixed  and  the  length  extended  until  the 
required  volume  is  obtained. 

Do  not  include  solar  array  volume  in  electric  power  volume  (ELPVOL) 
since  it  is  not  carried  in  the  eqtdpment  bay. 
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Note  that  if  the  satellite  attitude  control  reqtdres  that  the 
satellite  Be  a spinning  body,  then  the  shape  must  be  a 
cylinder  and  solar  arrays  are  body-mounted. 

If  body-smounted  solar  arrays  are  used,  the  required  sur- 
face area  (SAAREA)  -will  be  known.'  Therefore,  the  surface 
area  of  the  equipment  bay  (not  counting  the  ends)  must  be 
calculated  based  upon  the  bay  dimensions  obtained  to  suit 
•the  desired  equipment  volume.  If  the  available  area  is 
greater  than  the  required  solar  array  area,  the  bay  size 
is  acceptable.  However,  if  the  solar  array  area  require- 
ment has  not  been  met,  the  equipment  bay  dimensions 
must  be  enlarged  to  supply  the  necessary  area.  If  the 
equipment  bay  is  a cylinder,  the  original  length /diameter 
ratio  is  held  constant,  and  the  diameter  is  increased 
until  the  required  area  is  obtained.  If  the  eqxnpment  bay 
is  a box,  the  original  length/diagongil  ratio  is  maintained, 
and  the  diagonal  (or  side)  dimension  is  increased.  If  the 
equipment  bay  is  a sphere,  the  sphere  diameter  is  in- 
creased to  suit  the  required  area.  In  ihe  first  two  cases, 
if  the  maximum  diameter  is  encountered,  the  program 
will  extend  the  equipment  bay  length  while  holding  the 
cross-sectional  dimensions  at  the  maximum  diameter  or 
diagonal.  In  the  case  of  a sphere,  the  program  will  abort 
if  the  maximum  diameter  is  exceeded. 

The  maximum  allowable  diameter  (DIAMAX)  is  read  from 
the  input  list.  Note  that  the  default  value  for  DIAMAX  is 
3.  05  m (120  in. ). 

The  required  satellite  diameter  (SATDAM)  and  the  equip- 
ment bay  length  (EQBLG)  can  be  determined  as  shown 
below. 


Figure  9-4.  Cylindrically  Shaped  Vehicle 
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SATJDAM  = ■ [(EQBVOLx  1728)/0.471]°*^^^  (9-47) 

EQBLG  = ■ SATDAM  (9-48) 

II  oaTDAM, exceeds  DIAMAX,  change  SATDAM 
toDIAMAx' 

EQBLG  = (EQBVOLx  172 8)/ (0.785  X SATDAM^) 

(-9-49) 

Check  the  solar  array  area  availability  (SURF). 

!tt  x. SATDAM  x EQBLG/144,  spinning  vehicle 

(9-50) 

TT  X SATDAM  X EQBLG/288,  non-spinning  vehicle  . 

If  SURF  is  greater  than  the  required' area  SAAREA,  the 
vehicle  dimensions  are’ acceptable."  If  SURF  is  less  than 
SAAREA,  then: 

f [(SAAREA  X 144)/1.  88]^' spinning,  vehicle 
SATDAM  ={  0 t?  ■ • ■ . (9-51) 

'[(SAAREA  X 144) /O.  942]  * , non- spinning  vehicle  ' 

EQBLG  = 0. 6 X SATDAM  (9-52) 

If  the  new  SATDAM  exceeds  DIAMAX,  change  SATDAM 
to  DIAMAX  and:  ^ . 

{(SAAREA  X 144) /(TT  x SATDAM),  spinning  vehicle 

- .(9^53) 

(SAAREA  X 288)/(ir  x SATDAM),.  non-spinning  vehicle 
2.  Box  Shaped  Vehicle  (Fig.  9-5) 


Figure  9-5.  Box  Shaped  "Vehicle 
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_ For  Length/Side 

- 1.0  (End  = Square) 

EQBLG  = 

(EQBVOL  X 

(9-54) 

EQBSID  = 

EQBLG 

(9-55) 

EQBDIA  = 

1.414  X EQBSID 

(9-56) 

If  EQBDIA  exceeds  DIAMAX,  change  EQBDIA 
■ to  DIAMAX  and 

EQBSID  = 
and 

EQBDIA/ 1.4-14 

(9-57) 

EQBLG 

(EQBVOL  X 1728) /EQBSID 

^’(k-58) 

Check  the  solar  ar 

ray  area  availability  (SURF)'. 

SURF  = 

EQBSID  X EQBLG/ 144 

(9-59) 

If  SURF  is  greater  than  the  required  area  SAAREA, 
the  vehicle  dimensions  are  acceptable.  If  SURF  is 
less  than  SAAREA,  then: 

EQBLG 

(SAAREA  X 144)®'^ 

(9-69) 

EQBSID  = 

EQBLG 

(9-61) 

EQBDIA  = 

1.  414  X EQBSID 

(9-62) 

If  EQBDIA  exceeds  DIAMAX,  change  EQBDIA 
to  DIAMAX  and: 

EQBSID  ■ = 

EQBDIA/ 1.414 

(9-63) 

EQBLG 

(SAAREA  X 144) /EQBSID 

(9-64) 

spherically  Shaped  Vehicle  (Fig.  9-6) 


Figure  9-6. 


Spherically  Shaped  Vehicle 
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SURF  = 


SATDAM  = 


4. 


SATDAM  = [(EQBVOL  x 1728)/0. 5236]^*^^_^5j 

If  SATDAM  exceeds  DIAMAX,  the  model  aborts 
this  configuration  and  goes  on  to  the  next  case. 

Check  the  solar  array  area  availability  (SURF). 

2 

TT  X SATDAM  /144,  spinning  vehicle 

2 (9-66) 

n X. SATDAM  /288,  non- spinning  vehicle 

If  SURF  is  greater  than  the  required  area  SAAREA, 
the  vehicle  dimensions  are  acceptable.  If  SURF  is 
less  than  SAAREA,  then: 


[(SAAREA  X 144)/  TT  sjanning  vehicle 

[(SAAREA  X 288)/  tt  non-s|»nning  vehicle 

If  the  new  SATDAM  exceeds  DIAMAX,  the  model 
aborts  this  configuration  and  goes  on  to  the  next 
case. 


(9-67) 


Equipment  Bay  Length.  The  satellite  length  (inches) 
is  the  summation  of  the  equipment  bay  length  (EQBLG) 
plus  the  mission  bay  lengths  (EMIXLG  and  EM2XLG). 

SATLG  = EQBLG  + EQMIXL  + EQM2XL 

(9-68) 


9.3.4  Equipment  Bay  Structural  Weight 


With  the  equipment  weight  (EQWT)  and  the  length  to  diameter  ' 
ratio  (EQBLG/SATDAM)  known,  the  equipment  bay  structure  can  be  cal- 
culated. Note  that  different  multipliers  are  used  when  body-moTinted  solar 
arrays  are  used  instead  of  paddle -mounted  solar  arrays. 

a.  Body-Motinted  Solar  Arrays 

0 9 0 24 

EQBST  = 0.218  X [(EQWT)  * ^ X (EQBLG/SATDAM)  ] (9-69) 

b.  Paddle-Mounted  Solar  Arrays 

0 9 0 2.4-  096 

EQBST  = 0. 129  x [(EQWT)  * ^ x (EQBLG/SATDAM)  * ^ ] (9-70) 


A ten-percent  factor  is  added  to  account  for  the  equipment 
mounts  and  supports.  Therefore,  the  final  equipment  structured  weight  is: 

EQBSTR  = EQBST  + (0.  10  x EQWT)  (9-71) 
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9.3.5 


Total  Equipment  Bay  Weight 


.The  total  equipment  bay  weight  (EQBWT)  is  the  sum  of 
the  equipment  weight  (EQWT)'  and  the  structural  weight  (EQBSTR). 

E<5BWT  = EQWT  + EQBSTR  (9-72) 

9.3.6  Wiring  Harness  Weight 

The  electrical  harness  weight  (HARNWT)  is  a function  of 
the  power  consuming  equipment  weight  (not  including  batteries)  and  the  ' 
equipment  bay  volumes  in  units  of  cubic  feet. (Ref.  9-1). 

HARNWT  = 0.  013  x (EQWT  - ACSWP  - BATTWT  + 0.  5 x EQMWT 

+ 0.  5 X EEQTWT)^*  x EQBVOL®’  (9-73) 

where 

ACSWP  ' = APS  propellant  weight 

BATTWT  = total' battery  weight 

9.3.7  Thermal  Control  Weight 

The  structural  thermal  protection  system  (STTPS)  is  a 
function  of  the  equipment  bay  structural  weight  (EQBSTR). 

STTPS  = 0. 025  X EQBSTR  . (9-74) 

9. .3.  8 Spacecraft  Gross  Weight 

The  subsystem  weights  are  listed  in  two  parts.  The  external 
equipment  weights  are  shown  first  as  SUBWT2. 

SUBWTl  = EQMWT  + SAIWT  + SA2WT  + SA3WT  + EEQIWT  . . . 

+ EEQ9WT  + SABMWT  (9-75) 

SUBWT2  = SUBWTl  + EQWT  + HARNWT  + STTPS  + EQBSTR  (9-76) 

The  satellite  gross  weight  (SATWT)  is  equivalent  to  the 
system  weight  (SUBWT2). 

SATWT  = SUBWT2  (9-77) 
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9.3.  9 


Adapter  Weight 

The  adapter  weight  (SATADP)  is  a function  of  the  satellite 
gross  weight  (SATWT). 

SATADP  = 0.  012  X SATWT  (9-78) 

9.3.10  Spacecraft  Launch  Weight 

Finally,  the  satellite  launch  weight  (SATTWT)  is  the  sum 
of  the  satellite  gross  weight  (SATWT)  and  the  adapter  weight  (SATADP). 

SATTWT  = SATWT  + SATADP  (9-79) 

9.3.11  Center -of- Gravity  Location 

The  model  determines  the  inertial  characteristics  of  the 
satellite,  such  as  center  of  gravity  (c.  g. ),  individual  component  inertias 
about  their  own  c.  g.  's  (called  incremental  inertias)  for  the  three  axes 
(x,  y,  z),  and  the  total  inertia  of  the  vehicle  (about  the  three  axes). 

a.  Mission  Equipment.  Several  rules  must  be  observed  in 
locating  the  mission  equipment  bays.  Two  locations  are 
available: 

Ntimber  1 - Forward  of  the  equipment  bay  on 

the  equipment  bay  centerline. 

Number  2 = Behind  the  equipment  bay  on  the 

equipment  bay  centerline. 

These  locations  are  .shown  in  Figure  9-7-. 


X c 

MISSION 

EQUIMENT 

EQUIPMENT 

MISSION 

EQUIPMENT 

BAY  No.  1 

BAY 

BAY  No.  2 

-Z 


+ z 


Figure  9-7.  Mission  Equipment  Locations 
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The  forward  mission  equipment  bay  (No.  1)  "x"  c.  g.  is  de- 
termined by  combining  the  station  at  the  aft  end  of  the  equipment 
bay  (500)  plus  the  equipment  bay  length  (EQBLG)  and  half  the 
length  of  mission  equipment  bay  length  (EQMlXL/2). 

Again  the  c.  g.  is  assumed  to  be  at  the  midpoint  of  the  bay. 

EMIXCG  = 500  + EQBLG  + (EQM1XL.-/2) 

EMIYCG  = Input  - 0 . 0 Default  value  (9-80) 

EMIZCG  = Input  = 0.  0 Default  value 


b. 


•EM2XCG  = Input  = 500  - (EQM2XL/2) 

EM2YCG  = Input  = 0.  0 Default  value  (9-81) 

EM2ZCG  = Input  = 0,  0 Default  value 


Equipment  Bay.  The  equipment  bay  ”x"  c.g,  is  assumed 
to  be  at  the  midpoint  of  the  equipment  bay.  Since  the  aft 
end  of  the  equipment  bay  is  always  station  500,  the  equip- 
ment bay  "x”  c.  g.  is  500  plus  half  the  equipment  bay  length 
(EQBLG).  ■ . 

EBXCG  = 500  + (EQBLG/2)  (9-82) 

The  equipment  bay  .”y"  apd  "z"  c.g!  's  are  assumed  to  be 
on  the  equipment  bay  centerline  which  is  station  zero. 


EBYCG  = 0 

EBZCG  = 0 


(9-83) 


Equipment  Bay  Structure.  The  main  equipment  bay  structure 
and  equipment  c.  g.  is  assumed  to  be  at  the  midpoint  of  the 
bay  and  the  aft  end  of  the  bay  is  x station  500.  The  y and 
z coordinates  are  zero  at  the  centerline. 

Therefore: 

STRXCG 

STRYCG 

STRZCG 

External  Equipment.  The  external  equipment  packages  are 
assumed  to  be  cubes  and  the  volume  of  each  (in.  ^)  is; 

EEIVL  = (EEQIWT/DENS)  x 1728  (9-86) 

where  DENS  = 0. 24  g/cm^  (15  Ib/ft^) 

Note;  DENS  may  be  a variable. 


= 500  + (EQBLG/2) 

= 0 (9-84) 

= 0 
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(9-86) 


Since  each  package  is  a cube,  the  length  of  the  side  (in 
inches) is:  ^ 

EEISID  = EEIVL^'^^^ 

Then,  the  "x”  location  (and  c.g.  ) is  selected  as  follows: 


If  forward,  EEIXCG  = 500  + EQBLG 

If  center,  EEIXCG  = EQBLG/2'+  500 

If  aft,  EEIXCG  = 500 


(9-87) 


The  external  equipment  packages  are  located  either  on  top 
(-  z)  on  the  right  side  (+y)  on  bottom  (+ z)  or  on  the  left  side 
( -y ) of  the  equipment  bay. 

On  the  right  side:  , . 

EEIYCG  = SATDAM/2  + EEISID /2  (9-88) 

On  the  left  side: 

EEIYCG  = SATDAM/2  - EElSID/2 

EEIZCG  = 0 


|(9-89)’ 


If  the  package  is  to  be  located  on  the  top  or  bottom: 


EEIYCG 

= 0 

(9-90) 

On  the  top: 

• EEIZCG 

= - SATDAM/2  - EElSIp/2 

(9-91) 

On  the  bottom: 

- 

EEIZCG 

= SATDAM/2  + EElSID/2 

(9-92) 

If  the  package  is  to  be 

located  on  either  side: 

EEIZCG 

= 0 

(9-93) 

C.  G.  's  for  the  other  external  equipment  packages  are 
handled  in  a similar  manner. 
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e.  Solar  Array.  ^ The  splar  arra^rs,  are  lo.cated  in.  the  xy  plane. 
Each  solar  array  boom  lies  on  the  Y -asd's  and  is  61.  cm 
(24  in.  ) long,  llie  number  one  solar  array  is  bn. the  right  side 
(+y)  of  the  vehicle  and  the  number  two  solar  array  is  on  the 
left  side  ( -y  ) . 

Therefore: 

SAIXCG  is  computed  as  in  the  external  equipment  case. 

* • 

SATYGG  •'  = ■ SATDAM/2  + 24  + SA1YL./2 

SAIZCG.  =0 

and: 

SA2XCG  ■ = SAIXCG 

SA2-YCG  =■  . SATDAM/2  - 24  - SA2YL/21  (9-95) 

SA2ZCG  =0 

The  body-mounted  array  c.  g.  's  are: 

SA3XCG  is  computed  as  in  the  external  equipment  case. 

SA3YCG  ■ = 0 

SA3ZCG  = 0 


(9-96) 


(9-94) 


f-  -Solar  Array  Boom.  The  solar  array  boom  c.  g.  in  the  x 
•direction  is  the  same  as  the  solar  array  "x”  c.  g. : 

* , 

SABXCG  = SAIXCG  , (9-97) 

-The.”y"  c.  g.  is  zero,  since  they  are  symmetrical  about  the 
. centerline: 

SABYCG  . . = 0 (9-98) 

The  "z”  c.g'..  is  ze,ro,  since  the  solar  arrays  lie  in  the 
xy  plane: 

' . SABZCG  . = 0 (9-99) 


The  user  should  not  locate  both  a solar  array  and  an  external  equip- 
ment package  at  the  same  location  (i.  e. , ' 1,  2,  or  3).  Locate  the 
solar  arrays  first  and,  if  an  external  equipment  package  is  called 
out  at  the  same  location,  move  the  external  equipment  package  to 
the  next  location. 
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Satellite  Center  of  Gravity  Calculations,  The  ”x,  " "y, 

■ and  ”z"  center  of  gravity  of  the  entire  satellite'  can  rio-w  be 
determined: 

SATXCG  = [(EQBSTR  x STRXCG) 

, +’{EQ-WT  X EBXCG) 

+ (EQMIST  + EQMIWT)  x EMlXCG  . 

+ (EQM2ST  + EQM2WT).x  EM2XCG 

+ (SAIWT  X SAIXCG) 

+ (SA2WT  x SA2XCG)  (9-100) 

+ (SA3WT  X SA3XCG)  . 

+ (SABMWT  X SABXCG) 

+ (EEQIWT  X EEIXCG)  + 

+ (EEQ9WT  X EE9XCG) 

+ (HARNWT  X EBXCG) 

+ (STTPS  X EBXCG)]/  SATWT 

SATYCG  = [(EQBSTR  x STRYCG) 

. + (EQWT  X-  EBY.CG)  , . 

+ (EQMIST  + EQMIWT), X EMlYCG 

] 

+ (EQM2ST  + EQM2WT)  x EMZvr.r:  • 

+ (SAIWT  X SAIYCG) 

+ (SA2WT  X SA2YCG)  (9-  101) 

+ (SA3WT  X SA3YCG) 

+ (SABMWT  X SABYCG)  . 

+ (EEQIWT  X EEIYCG)  + . . . 

+ (EEQ9WT  X EE9YCG) 

+ (HARNWT  X EBYCG) 

+ (STPPS  X EBYCG)]/  SATWT 
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SATZCG  = . [(EQBSTR  x STRZCG) 

+ (EQWT  X EBZCG) 

+ (EQMIS-T  + EQMIWT)  x EMlZCG 
+ (EQM2ST  + EQM2WT)  x EM2ZCG 

+ (SAIWT  X SAIZCG) 

* L 

+ (SA2WT  X SA2ZCG)  (9-102) 

+ (SA3WT  X SA3ZCG)- 
+ (SABMWT  X SABZCG) 

+ (EEQIWT  X EEIZCG)  + . : . 

+ (EEQ9WT  X EE9ZCG) 

+ (HARNWT  X EBZCG) 

■+  (STTPS  X EBYCG)]/  SATWT 

9.  3.  12  Incremental  Moments  of  Inertia 

'The  next  step  is  to  calculate  the  incremental  moments  of 
inertia  of  the  various  components,  i.  e.  , equipment  bay,  mission 
equipment  bays,  solar  arrays,  and  external  equipment.  In  order  to 
do  this,  the  dimensions  of  the  various  shapes  must  be  read  from  the 
input  data  or  (in  the  case  of  the  equipment  bay)  from  the  earlier  por- 
tion of  the  model. 

The  incremental  or  individual  moments  of  inertia  may  now 
be  calculated  for  the  various  components.  These  inertias  are  calcu- 
lated about  the  c.  g.  of  the  component  and  later  are  transferred  to  the 
c.g.  of  the  satellite.  As  an  example,  STRINX  is  tiie  inertia  of  the 
equipment  bay  structure  about  the  x axis,  STRINY  about  the  y 
axis,  and  STRINZ  about  the  z axis. 
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a. 


Equipment  Bay  Structure 


1.  Cylindrical  Shell 

EQBSTI  ■=  EQBSTR  + STTPS 

SATRAD  = Satellite  radius 
= SATDAM/2 

STRINX  = EQBSTI  x SATRAD^ 

STRINY  = EQBSTl/2  X (SATRAD^  + EQBEG^/6) 
STRINZ  = STRINY. 

2.  Box-Shaped  Shell 

STRINX  = EQBSTR/12  x (2  x EQBSID)^ 

STRINY  = EQBSTR/12  x (EQBSID^  + EQBLG^)  + 

(EQBSTR  X EQBSID  x EQBSID^) 

6 X (EQBSID  + EQBSID) 

STRINZ  = STRINY 

3.  Spherical  Shell 

STRINX  = 0.667  X EQBSTR  x (SATDA3/2)^ 
STRINY  = STRINX 
STRINZ  = STRINX 

b.  Equipment  Bay 

1.  Cylindrical  Vehicle 

EQINX  = (EQWT/2)  x SATRAD^ 

EQINY  = (EQWT/12)x.[(3  x SATRAD^)  + EQBLG^  ] 
EQINZ  = EQINY 


(9-103) 

(9-104) 

(9-105) 

(9-106) 

(9-107) 

(9-108) 
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2.  Box -Shaped  Vehicle 

EQINX'  = EQWT/12  x (2  x EQBSID^)  ] 

- - (9-109) 

EQINY  ■ = EQIVT/12  x (EQBSID  + EQBLG  ) I 

EQINZ  = EQINY 

3.  Spherical  Vehicle 

EQINX  = 0.  40  X EQWT  x (SATDAM/2)^ 

EQINY  = EQINX  (9-110) 

EQINZ  = EQINX. 

c.  External  Equipment 

EEQIWT  = External  Equipment  Niimber  1 - Weight 

EEQIXL  = External  Equipment  Number  1 - Bength  in  x ‘ direction 

EEQIYL  = External  Equipment  Number  1 - Length  in  y direction 

EEQIZL  = External  Equipment  Number  1 - Length  in  z direction 

EEIINX  = -EEQlWT/12  X (EEQ-lYL^  + EEQIZL^)  ' ] 

EEIINY  = EEQlWT/12  X (EEQIXL^  + EEQIZL^)  > (9-111) 

EEIINZ  =.  EEQlWT/12  x (EEQIXL^  + EEQIYL^)  ) 

to  EE9INZ 

NOTE:  Total  external  equipment  (EEQTWT)  is  sum  of  EEQIWT  + 

EEQ2WT  + EEQ3WT  ...  etc. 


d.  Solar  Arrays.  Arrays  must  be  oriented  with  side  parallel 
to  axes.  If  oriented  (movable),  inertia  calculations  are  for 
parallel  position. 

SAIINX-  = (SAlWT/12)  X (SAIYL^  + SAIZL^) 

SAIINY  ■=  (SA1WT/I2)'x  (SAIXL^  + SAIZL^)  (9-112) 

SAIINZ  = (SAlWT/12)  x (SAIXL^  + SAlYL^) 
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SA2INX  = (SA2WT/12)  x (SA2YL^  + SA2ZL^) 

SA2INY  = (SA2WT/12)  x (SA2XL^  + SA2ZL^) 

SA2INZ  = (SA2WT/12)  x (SA2XL^  + SA2YL^) 

SA3INX  = SA3WT  X SATRAD^ 

SA3INY  = (SA3WT/2)  xfSATRAD^  +(SA3XL^/6)] 

SA3INZ  = SA3INY 

e.  Mission  Equipment 

1.  Cylindrical  Shape 
EQMIST  = Mission  Equipment  Bay  Structural  Weight 
EQMIWT  = Mission  Equipment  Bay  Equipment  Weight 
EMIRAD  = EQMlYL/2  (^9-115) 

EMIINX  = [(EQMIST  + EQMlWT)/2]  X EMIRAD^ 

EMIINY  = [(EQMIST  + EQM1WT)-/12]  [(3xEMlRAD^) +EQM1XL^  (9-116) 
EMIINZ  = EMIINY 

EM2INX  = [(EQM2ST  + EQM2WT)/2]  X EM2RAD^ 

EM2INY  = [(EQM2ST  + EQM2WT)/l2]x[3xEM2RAD^) +EQM2XI/^]  (9-117) 
EM2INZ  = EM2INY 

* 

2.  Box- Shaped 

EQMlXLi  = Length  of  Mission  Equipment  Bay  in  x direction 


(9-113) 


(9-114) 


EQMIYL  = Length  of  Mission  Equipment  Bay  in  y direction 
EQMIZL  = Length  of  Mission  Equipment  Bay  in  z direction 

EMIINX  = [(EQMIST  + EQMIWT) / 12]  x (EQMlYL^  + EQMIZL^) 

EMIINY  = [(EQMIST  + EQMlWT)/12]x(EQMlZL^  + EQMIXL^)  (9-118) 

EMIINZ  = [(EQMIST  + EQMIWT)/ 12]  X (EQMIYL^  + EQMIXL^) 

EM2INX  = [(EQM2ST  + EQM2WT)/I2]  x (EQM2YL^  + EQM2ZL^.) 

EM2INY  = [(EQM2ST  + EQM2WT)/12]x(EQM2ZL^  + EQM2XL^)  (9-119) 

EM2INZ  = [(EQM2ST  + EQM2WT)./12]x(EQM2YL^  + EQM2XL^) 
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9.3. 13 


Moments  of  Inertia 


After  the  incremental  inertias  (I^)  about  the  component  c.  g.  's 
have  been  determined,  the  total,  inertia  of  the  satellite  is  calculated  about 
the  complete  satellite  c.  g.  The  equations  take  the  form: 


I ■=  I + WY^  + WZ^ 
X ox 

ly  = + WZ^  + WX^ 

I + I - + WY^  + WX^ 
z oz 


(9-120) 


a.  Satellite  Total  Inertia  about  X Axis 

SATINX  = STRINX  + EQBSTR  x[(SATYCG-STRYCG)^+(SATZCG-STRZCG)^] 
•+  EMIINX  + EQM1TO  x[(SATYCG-EMlYCG)^+(SATZCG-EMlZCG)^] 

+ EM2INX  + EQM2TO  x[(SATYCG-EM2YCG)^+(SATZCG-EM2ZCG)^] 

. + EQINX  + EQWT  x [(SATYCG  - EQYCG)^  + (SATZCG  - EQZCG)^] 

+ SAIINX  + SAIWT  X [{SATYCG  - SA1YCG)^+(SATZCG  - SAIZCG)^] 

+ SA2INX  + SA2WT  x [(SATYCG  - SA2YCG)^+(SATZCG.  - SA2ZCG)^] 

+ SA3INX  + SA2WT  x [(SATYCG  - SA3YCG)^+(SATZCG  - SA2ZCG)^] 

+ EEIINX  + EEQIWT  x [(SATYCG-EE1YCG)^+(SATZCG-EE1ZCG)'^] 


+ EE2INX  + + EE9INX 

+ SABMWT  X [(SATYCG  - SABYCG)^  + (SATZCG  - SABZCG)^] 


(9-121) 


where: 


EQMITO  = EQMIWT  + EQMIST 
EQM2TO  = EQM2WT  + EQM2ST 


(9-122) 


b. 


Satellite  Total  Inertia  about  Y Axis 


SATINY  = STRINY  + EQBSTR  i [(SATZCY  - STRZCG)  +{SATXCG-STRXCG)^] 
+ EMINY  + EQMITO  x [(SATZCG  -EMIZCG)^  + (SATXCG-EMIXCG)^] 

+ EM2NY  + EQM2TO  x [(SATZCG  -EM2ZCG)^  + (SATXCG-EM2XCG)^] 

+ EQINY  + EQWT  x [(SATZCG  - EQZCG)^  + (SATXCG  - EQXCG)^] 
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+ SAIINY  + SAIWT  X [(SATZCG  - SAIZCG)^  + (SATXCG  - SAIXCG)^] 

+ SA2INY  + SA2WT  x [(SATZCG  - SA2ZCG)^  + (SATXCG  - SA2XCG)^] 

+ SA3INY  + SA3WT  x [(SATZCG  - SA3ZCG)^  + (SATXCG  - SA3XCG)^] 

+ EEIINY  + EEQIWT  x [(SATZCG-EE1ZCG)^+(SATXCG-EE1XCG)^] 

+ EE2INY  + EE9INY 

+ SABMWT  X [(SATZCG  - SABZCG)^  + (SATXCG  - SABXCG)^]  (9-123) 

c.  Satellite  Total  Inertia  about  Z Axis 

SATINZ  = STRINZ  + EQBSTR  x [(SATYCG  - STRYCG)^+ (SATXCG-STRXCG)^] 
+ EMIINZ  + EQMITO  x [(SATYCG  - EMIYCG)^  + (SATXCG  - EMIXCG)^] 
+ EM2INZ  + EQM2TC)  x [(SATYCG  - EM2YCG)  ^ + (SATXCG  - EM2XCG)^  ] 
+ EQINZ  + EQWT  x [(SATYCG  - EQYCG)^  + (SATXCG  - EQXCG)^] 

+ SAIINZ  + SAIWT  X [(SATYCG  - SAIYCG)^  + (SATXCG  - SAIXCG)^] 

+ SA2INZ  + SA2WT  x [(SATYCG  - SA2YCG)^  + (SATXCG  - SA2XCG)^] 

+ SA3INZ  + SA3WT  x [(SATYCG  - SA3YCG)^  + (SATXCG  - SA3XCG)^] 

+ EElINZ+EEQlWTx[(SATYCG-EElYCG)^-+(SATXCG-EElXCG)^] 

+ EE2INZ  EE9INZ 

+ SABMWT  X [(SATYCG  - SABYCG)^  + (SATXCG  - SABXCG)^]  (9-124) 
9.4  DESIGN  LOGIC 

The  sequence  followed  in  implementing,  the  design  algorithm 
is  as  follows: 

a.  Determine  mission  equipment  bay,  booms,  mechanisms, 

• and  solar  array  descriptions. 

b.  Determine  total  weight  and  volume  of  equipment  in  the 
equipment  bay  by  summation  of  individual  subsystem  weights 
aiid  volumes. 

c.  Use  shape  specified,  solar  array  area  requirement,  plus  maxi- 
mum diameter  to  determine  equipment  bay  dimensions. 

d.  Use  equipment  bay  weight  of  equipment  and  length /diameter 
ratio  to  determine  equipment  bay  structural  weight. 

e.  Calculate  harness  and  thermal  control  weight. 

f.  Determine  satellite  gross  weight. 
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g.  . Calculate  adapter  weight. 

h.  , Determine  satellite  launch  weight  (gross  weight  plus  adapter) 

i.  Calcxilate  center  of  gravity. 

j.  Calculate  moments  of  inertia. 
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10.  STRUCTURE 


10.  1 GENERAL' 

10.  1.  1 . Subsystem  Description 

Satellite  equipment  can  be  classified  into  two  general  categories, 
viz.,  mission  equipment  and  support  equiprcient.  Mission  equipment  en- 
compasses all  equipment  which  performs  a specific  function  related  to 
the  satellite  purpose.  Cameras,  heat  sensing  devices,  and  telescopes 
are  examples  of -mission  equipment.  Support  systems  equipment  includes 
all  equipment  which  perform  supporting  functions  within  the  satellite. 
Examples  are:  stabilization  and  control,  .auxiliary  propulsion,  commu- 
nication and  instrumentation,  data  processing,  electrical  power,  and 
thermal  control.  - 

For  purposes  of  the  model,  the  structure  containing  the  mission 
equipment  is  considered  separate  from  the  structure  containing  the  support 
systems  equipment.  The  two  structures  will  be  referred  to  as  the  mission 
equipment  bay  and  the  systems  equipment  bay,  respectively.  Satellites 
considered  in  the  model  will  be  constructed  as.  a single  cylindrical  or  box 
type  equipment  bay  with  externally  attached  mission  equipment  bays  as  shown 
in  Figure  10-1.  A maximum  number  of  eleven  mission  equipment  bays  are 
allowed  including  the  possibility  for  one  at  the  forward  end  and  one  at  the 
aft  end  on  the  center  line  of  the  systems  equipment  bay.  The  remaining 
mission  equipment  (or  external  equipment)  bays  are  laterally  positioned 
at  the  forward  and  aft  ends  as  well  as  in  the  middle  of  the  systems  equip- 
ment bay  sidewall. 

The  location  of  most  support  systems  equipment  will  not  be 
specified  with  sufficient  accuracy  to  be  considered  in  the  structural  design 
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MISSION  EQUIPMENT  BAY 
OR  SOLAR  ARRAY 


MISSION  EQUIPMENT  BAY 


-SYSTEMS  EQUIPMENT  BAY 


process.  The  exception  is  the  location  of  paddle-mounted  solar,  arrays. 

These  may  be  located  laterally  with  respect  to  the  systems  equipment 
bay  structure,  at  the  forward,  aft,  or  middle  of  the  sidewall. 

Due  to  the  individuality  of  the  mission  equipment  bays,  only 
the  systems  equipment  bay  structure  is  considered  in  the  model.  How- 
ever, the  mission  equipment  bay  and  solar  array  attachment  booms  will 
be  included. 

10.1.2  Subsystem  Configurations 

There  are  three  types  (configurations)  of  construction  appropriate 
for  the  systems  equipment  bay  structure.  These  include  the  monocoque 
shell,  the  stringer  and  frame-stiffened  semi-m.onocoque  shell,  and  the 
truss  structure.  Due  to  the  interest  expressed  by  NASA  in  the  semi- 
monocoque  structure,  the  Systems  Cost/Performance  Model  includes 
this  configuration  or  type  of  construction.  Both  ends  of  the  systems  equip- 
ment bay  structure  are  closed'-with  the  use  of  thin  plate  end  covers. 

* 

The  semi -monocoque  structure  is  a thin  shell  stiffened  with  beam- 
like longitudinal  stiffeners  and  ring-like  frames  as<shown  in  Figure  10-2. 
Both  the  stringers  and  frames  are  assumed  to  have  rectangtilar  cross 
sections. 

The  lateral  location  of  a mission  equipment  bay  in  the  middle 
of  the  systems  equipment  bay  thin- shell  sidewall  requires  a structural 
member  to  transmit  loads  to  other  parts  of  the  systems  equipment  bay 
structure.  For  this  purpose,  a stiff  ring  or  rib-like  plate  (henceforth 
called  a midsection  bulkhead)  will  be  sized  and  located  in  the  middle  of 
the  system  equipment  bay. 

The  mission  equipment  bay  and  solar  array  attachment  booms 
are  designed  as  thin-walled  tubes.  These  tubes  are  assumed  to  have  cir- 
cular cross  sections. 
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10- 


Figure  10-2.  Satellite  Structural  Idealization 


Configuration  Compatibility 

The  structural  configuration  must  be  consistent  with  the 
vehicle  shape.  Table  10-1  summarizes  the  compatibility  requirements. 
The  only  special  reqilirement  is  that  a spherically  shaped  vehicle  is 
generally  constructed  using  a truss- structure. ' 


Table  10-1.  Structural  Configuration  Compatibility 


Structural 

Configuration 

Vehicle  Shape 

Cylinder 

Sphere 

Box 

Monocoque 

Yes 

No 

Yes 

Semi-monocoque 

Yes 

No 

Yes 

Truss 

Yes 

Yes 

Yes 

Legend;  Yes  - Compatible 
No  - Incompatible 

10.1.4  Equipment  Types 


A design,  algorithm  for  a semi-monocoque  circular  cylinder; 
or  box-like  satellite  equipment  bay  structure  has  been  developed.  The 
design  algorithm  includes  methods  for  sizing  the  elements  of  a stringer - 
frame  stiffened  shell  with  plate-like  end  covers  and  thin-walled  tubular 
mission  equipment  bay  and  splar  array  extension  boonas.  In  particular, 
the  following  quantities  are  determined: 

a.  Systems  equipment  bay  structure 

1.  Skin  thickness,  t 

2.  Stringer  width,  t 

s 
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3.  Stringer  height,  b- 

s 

4.  Number  of  stringers,  n 

5. -  Frame  width,  t^ 

6.  Frame  height,  b£  . 

7.  Number  of  frames,  m 

8.  Forward  cover  thickness,  t 

e 

9.  Aft  cover  thickness,  t 

a 

10.  Midsection  bulkhead  thickness,  t. 

(when  required) 

b.  Mission  equipment  bay  and  solar  array  extension  booms 

1.  Nominal  tubular  radius,  r 

2.  Tubular  wall  thickness,  t™ 

W 

With  this  information,  the  preliminary  design  of  the  satellite  equipment 
bay  structure  is  adequately  defined  for  the  purposes  of  the  model. 

10.1.5  Design  Criteria 

The  design  of  semi-monocoque  structures  requires  considera- 
tion of  three  different  failure  modes.  These  failure  modes  are: 

a.  Material  failure . 

b.  Local  buckling  between  frames . 

c.  General  instability  of  the  total  structure. 

In  general,  the  latter  two  modes  are  critical  for  compression  loaded 
shell  structures. 

The  first  type  of  failure  can  be  avoided  by  designing  the 
structure  such  that  under  no  circumstances  will  a limiting  parameter  des- 
cribing Hie  material  failure  be  exceeded.  Such"  a parameter  could,  for 
example,  be  the  yield  stress  or  ulHmate  stress  of  the  material  used  in 
the  design.  In  the  following  design  algorithm,  the  limiting  material 
parameter  is  the  yield  stress. 
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Designing  the  structure  to  support  a given  load  without  the 
occurrence  of  a stability  failure  as  categorized  in  failure  modes  (b)  and 
(c)  above  is  not  a simple  task.  Type  (b)  failure  modes  may  be  subdivided 
into  subclas  ses.  of  failure.  For  example,'  the  sheet  .forming  the  skin  be- 
tween the  stringers  and  frames  may  buckle  as  an  edge- stiffened  plate,  or 
the  stringer  itself  may  buckle  as  a consequence  of  colinnn  instability,  or 
finally,  the  skin-stringer  combination  ma-jr  buckle  between  frames  as  a 
result  of  longitudinally  stiffened  panel  instability  as  shown  in  Figure  10-3.  Of 
course,  the  general  instability,  mode  (c)  above,  is  characterized  by 
buckling  of  the-.skin-stringer-frame  combination  (Fig.  10-3.). 

For  design  purposes,  each  .type  of  instability  (edge- stiffened 
plate,  column,  longitudinally  stiffened  panel,  or  general  instability)  may 
be  characterized  by  a quantity  termed  critical  stress.  The  critical  stress 
is  defined  to  be  that  stress  level  above  which  the  structural  element  being 
analyzed  ■will  buckle.  Since  the  structure  is  limited  to  function  in  an 
elastic  manner,  the  critical  stress  describing  each  mode  of  stability 
failure  must  be  less  than  or  equal  to  the  elastic  limit  of  the  structural 
material. 

There  is  no  real  problem  in  designing  a semi -mono  coque 
structure  capable  .of  carrying  a given  load  without  material  yield  or 
undergoing  a stability  failure.  Since  a satellite  structure  is  of  interest 
here,  the  problem  is  to  design  a structure  of  minimum  w.eight.  Using 
the  constraint  that  all  modes  of  instability  are  avoided,  a minimum  weight 

t , 

structure  can  be  achieved  if  the  structure  is  designed  in  such  a way  that 
all  modes  of  instability  occur  simultaneously  and  that  the  resulting 
critical  stress  be  less  than  or  equal  to  the  material  yield  strength  but 
greater  than  the  design  stress  resulting  from  the  structural  loads. 

The  factor  of  safety  selected  for  the  model  is  1.  25„  a value 
commonly  used  in  design  of  satellite  structures.  This  factor  accounts 
for  uncertainties  in  material  properties,  fabrication,  loads,  analysis,  etc. 

The  satellite'  structure  is  also-  assumed  to  be  constructed  of  a 
single  isotropic,  homogeneous  mate.rial  such  as  alumin\mi.  For  design 
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SPRING  BEHAVIOR  OF  FRAMES 


PANEL  INSTABILITY 


GENERAL  INSTABILITY 


Figure  10-3.  Semi-Monocoque  Cylinder  Failure  Modes 
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the  material  is  completely  determined  by  the  specification  of 
Young's  modulus  (E),  Poisson's  ratio  (u),  weight  density  (P),  and  yield 
stress  (a  ). 

y 

10.2  INPUT  DATA 

The  information  required  from  the  user  to  design  the  structure 
is  identified  in  Table  10-2,  Table  10-3  lists  the  parameters  which  are  fixed 
(hardwired)  within  the  model.  In  addition  to  the  user  supplied  data,  the  data 
outlined  in  Table  10-4  must  be  supplied  by  the  vehicle  sizing  model. 


Table  10-2.  Input  Data  Supplied  by  User 


Symbol 

Name 

Representative 

Value 

Location  of  mission  equipment 
Location  of  external  equipment 
Location  of  solar  arrays 

W 

e 

Mission  equipment  weight  (lb) 

C 

a 

Axial  number  of  gravity  accelerations 

10 

C 

e 

Lateral  number  of  gravity  accelerations 

5 

Table  10-3.  Parameters  Fixed  in  the  Model'*' 


Symbol 

Parameter  Description 

Value 

Z 

e 

Solar  array  extensions  (in.  ) 

24 

E 

Young's  modulus  (psi) 

10^ 

u 

Poisson's  ratio 

0.  33 

P 

Weight  density  (Ib/in^) 

0.  10 

CT 

V 

Yield  stress  (psi) 

4 

3 X 10 

'■'These  parameters  are  in  general,  variable.  For  present  con- 
siderations, however,  their  values  are  fixed.  Changes  to  this 
program  can  consider  values  other  than  those  listed. 
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Table  10-4.  Input  Data  Supplied  by  Vehicle  Sizing 


Symbol 

Name 

■Vehicle'  shape 

- 

Solar  array  (electrical  power)  configuration 

''  w 

Total  satellite  weight  (lb) 

^b 

Equipment  bay  weight  (lb) 

L 

Equipment  bay  length  (in. ) 

R 

Cylindrical  equipment  bay  radius  (in. ) 

Box-shaped  equipment  bay  width  (in. ) 

R 

Spherical'  equipment  bay  radius  (in. ) 

W 

e 

Solar  array  weight  (lb) 

10.3  SEMI-MONOCOQUE  CYLINDRICAL  STRUCTURE 

10.  3.  1 Structural  Loads 

The  loads  applied  to  the  satellite  structure  result  from  axial 
and  lateral  accelerations  induced  by  the  booster  or  kick  stages  during 
the  ascent  conditions.  The  maximum  g-loading  in  the  eixial  and  lateral 
directions  is  denoted  by  c and  c , respectively. 

In  computing  the  design  loads  for  the  semi-monbcoque 
structure,  the  satellite  is  represented  as  a cantilevered  shell  with  con- 
centrated masses.  Therefore,  the  design  loads  will  be  limited  to  axial 
loads  due  to  the  aixial  acceleration  coupled  with  the  bending  and  shear 
loads  caused  by  the  lateral  acceleration. 

When  the  midsection  bulkhead  is  not  required,  the  total  satellite 
weight  (W)  is  located  on  the  forward  end  of  the  systems  equipment  bay. 

For  this  case,  the  design  load  (P)  in  the  axial  direction  is: 

P = 1.25  c W (10-1) 
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The  lateral  shear  load.  (T)  and  bending  moment  (M)  are; 

T = 1.25  c^W  (10-2) 

and 


M = 1.25  c L.W  , (10-3) 

respectively,  where  JLi  denotes  the  total  systems  equipment  bay  length, 
and  1.  25  is  the  safety  factor. 

For  cases  requiring  the  midsection  bulkhead,  the  total  satellite 
weight  is  divided  into  two  parts;  one-half  at  the  midsection  location  and 
one -half  at  the  forward  end  of  the  systems  equipment  bay.  For  this  case, 
the  maximum  axial  and  lateral  shear  loads  are  unchanged  from  those  given 
in  Equations  (10-1)  and  (10-2),  but  the  bending  moment  is; 


M = 1.25 


c UW 
e 


(10-4) 


For  the  circular  cylinder  of  radius  (JR),  the  maximum  com- 
pressive stress  (0")  due  to  the  combined  axial  load  and  bending  moment  is; 

■ P . M 


0 = 


2TTRt 

where  t,  the  equivalent  thickness,  is; 


TTR^t 


(10-5) 


(10-6) 


with  t,  Ag,  and  b denoting  the  skinthickness,  stringer  cross-section 
area,  and  stringer  spacing,  respectively.  Since  the  stress  can  also  be 
defined  in  terms  of  the  stress  resultant  (N)  and  equivalent  thickness  (T)  as: 


0 = 


N 


Equation  (10-5)  may  be  rewritten  as: 

P . M 


N = 


2ttR 


TTR 


(10-7) 


(10-8) 
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10.  3.  2 


Design  Equations 
10.  3.  2.  1 Interframe  Stiffened  Panel 


, The  first  step  in  the  design  of  the  semi-monocoque  cylinder,  is  to 
size  the  elements  of  the  interframe  stiffened  panel.  Assuming  the  interframe 
distance  to  be  small  in  comparison  to  the  cylinder  radius,  the  effects  of  cur- 
vature can  be  ignored,  and  the  stability  criteria  for  flat  wide  compression 
columns  is  used.  This  type  of  structure  experiences  a flexural  type  of  in- 
stability for  which  the  critical  stress  (^p)  is: 


2 ^ 

a = TT  E 
P 


_e_ 


(10-9) 


where  a and  P denote  the  distance  between  frames  and  the  radius  of 

P 

gyration  per  unit  width  of  the  stiffened  plate,  respectively.  For  the  pre- 
sent study,  the  longitudinal  stiffeners  are  assumed  to  have  a rectangular 
cross  section  with  thickness  ^t^^  and  height  ^b^  j,.and  they  are  spaced  close 
enough  together  to  model  the  skin  between  stringers- as  a long  thin  plate. 
Denoting  the  stringer  spacing  by  b,  the  plate  buckling  stress  is: 


a 


TI 


cr 


(i  - 


E 


(10-10) 


where  t denotes  the  plate  thickness  and  b the  stringer  spacing.  Also, 
the  stringers  may  collapse  imde 
Almroth  and  Burns  (Ref.  10-1): 


the  stringers  may  collapse  imder  load  if  the  critical  stress  (or^)  used  by 


is  exceeded. 


(10-11) 


Using  the  same  techniques  of  dimensional  analysis  used  by 
Zahorski  (Refs,  10-2  and  10-3)  or  Gerard  (Ref.  10-4),  the  following 
combination  of  stresses  given  by  Equation  (10-7)  along  with  Equations 
(10-9)  and  (10-10)  can  be  derived: 


10-12 


a a a 

P cr 


For  optimtim.  design,  all  critical  stresses  are  equal  to  each 
other  and  to  the  applied  stress.  Denoting  the  optimum  stress  by  cr  , 
Equation  (10-12)  implies  the  result: 


Fne  1 


where  Q?  denotes  the  efficiency  coefficient  of  the  panel  and  is  defined  as: 


1 - V‘ 


^ t 


For  minimum  weight,  the  optimum  stress  should  be  as  large 
as  possible  without  exceeding  the  material  failure  limit.'  However,  for  a 
given  panel  geometry  which  limits  the  value- of  cv  , the  wide  column  struc- 
ture can  only  support  some  fixed  value  of  load  (N)  without  an  instability 
failure.  The  corresponding  stress  value  is  generally  much  less  than  that 
associated  with  material  failure.  Therefore,  in  order  to  optimize  the 
design,  the  panel  efficiency  coefficient  (Q^)  is  to  be  maximized  within  the 
limitations  imposed  by  the  geometrical  constraints  of  the  panel  structure. 

A plate  stiffened  with  rectangular  section  stringers  has  an 
equivalent  thickness  and  efficiency  coefficient  given  by: 

t = t (1  + r^r^)  (10-: 


where: 


12  1 


+ r.  r, 
t b 


(10-17) 


(10-18) 
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Again  noting  that  for  optimum  design  all  critical  stresses  for 
instability  are  equal,  the  use  of  Equations  (10-10)  and  (10-11)  gives  the 
following  result: 

r^  = ^^[T  r^  (10-19) 

Substituting  Equation  (10-19)  into  Equation  (10-14)  and  maximiz- 
ing a with  respect  to  r^,  the  results  are: 

r^  = 0.671  (10-20) 

. -1/4 

a = 0.  745  (1  - V^)  (10-21) 

Substituting  Equation  (10-20)  into  (10-19), 

= 1-  90  (10-22) 

Using  Equations  (10-11),  (10-15),  (10-17),  (10-18),  (10-20)  and 
(1*^~22),  the  optimum  dimensions  for  the  rectangular  section  stringer -stif- 
fened plate -like  wide  column  are  given  as  follows: 

t = 0.44t  (10-23) 

^ l-90t  (10-24) 


(10-25) 

(10-26) 


It  is  observed  that  given  the  load  (N)  and  the  equivalent  thickness  (t), 
the  dimensions  for  the  elements  composing  the  stiffened  panel 
are  completely  determined. 

For  subsequent  use.  Equation  (10-7)  combined  with  (10-13) 
gives  the  result: 


t = 


Na 

2 

a E 


-ll/2 


The  equivalent  thickness  (t)is  related  to  the  frame 
panel  cross-sectional  geometry  represented  by  the 
coefficient  (a). 


(10-27) 


spacing  (a)  and  the 
panel  efficiency 


10-14 


10.3.2.2  Frame  Stiffener  ... 

Having  developed  the  sizing  methods  for  the  interframe 
stiffened  panel  sidewall,  the  second  step  in  the  cylinder  design  is  to 
size  the  frame  stiffeners.  The  controlling  criterion  for  the  frame  design 
is  the  avoidance  of  general  instability  of  the  total  cylinder  structure. 

By  evaluating  the  results  of  a large  number  of  bending  tests  of  stringer - 
frame  stiffened  cylinders,  Shanley  (Ref.  10-5)  developed  a stiffness 
criteria,  (EI)^, for  the  frames  given  by  the  relation: 

C.MD^ 

• (EI)^  = (10-28) 

c 

where  M,  D and  a^  are  the  applied  bending  moment,  diameter  and  frame 
spacing  of  the  stiffened  cylinder,  respectively.  In  order  to  avoid  the  occurrence 
of  general  instability,  the  constant  (C£)  was  empirically  determined' to  require 
a value  greater  than  6.  25  x 10  By  transforming  the  bending  moment 
into  an  equivalent  resultant  membrane  load  per  unit  distance  of  cylinder 
circumference,  the  frame  stiffness  criteria  can  be  rewritten  as: 


(EI)£  = 


4tt  C£  R H 


(10-29) 


It  is  interesting  to  note  Gerard  (Ref.  10-6)  re'presented  the  stiffened 
cylinder  as  a compressed  elastic  column  beam  supported  at  discrete 
points  by  elastic  springs,  and  analytically  found  the  minimum  value  of 
to  be  6.  84  X 10 

As  a means  of  obtaining  an  optimum  design  for  the  stiffened 
cylinder,  a quantity  called  solidity  is  defined.  Solidity  (2^  is  the  ratio  of 
the  voliime  occupied  by  the  structure  to  the  volume  enclosed  by  the  struc- 

2^Rta  +2TTRA, 

(10-30) 


S = 
c 


t,2 

TT  R a 
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where  is  the  frame  cross-sectional  area.  Note  that  solidity  is 
directly  proportional  to  structural  weight. 

Equation  (10-29), can  be. rewritten  as: 


A r P r 

f £c 


4 tt  r’]M 
Ea 


(10-31) 


Using  Equations  (10-27),  (10-30)  and  (10-31),  the  solidity 
can  be  rewritten  as  ^ ■ 


2 

R 


Na 

c 

2 T- 

a E 


-I  1/2 


4tt.C^R^N 
Ea^  P? 

C 1C 


(10-32) 


Assuming  the  only  open  dimension  in  Equation  (10-32)  to  be. 
the  frame  spacing  (a^.),  the  solidity  can  be  minimized  with  respect  to  this 
quantity.'  This  minimization  gives  the  following  results; 


a. 


b. 


Frame  weight  is  one  fourth  the  stringer- stiffened 
panel  weight,  i.  e.  , 


(10-33) 


4 c 


(10-34) 


•Equations  (10-27)  and  (10-33)  can  be.  written  as; 


(10-35)' 


.(10-36) 
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(10-37) 


For  the  rectangular  frame  cross  section,  the  height 


IS  given  as; 


b,  = 3.464P  - 
fc  fc 


while  the  width  ( is  given  by: 

A, 


■'fc 


fc 


(10-38) 


Observe,  for  a given  load  (N)  and  with  the  use  of  Equations 
(10-23)  through  (10-26)  along  with  Equations  (10-34)  through  (10-38), 
the  stringer-frame  stiffened  circular  cylindrical  shell  is  completely 
specified  once  the  equivalent  thickness  (t)  is  determined. 

10,3.2.3  Stiffened  Cylinder  Equivalent  Thickness 


The  method  for  determining  the  equivalent  thickness  is  based 
upon  a comparison  of  the  weight  efficiencies  of  stiffened  and  unstiffened 
cylinders  having  the  same  length  and  diameter,  and  required  to  carry  the 
same  cornpre s si ve  loads.  Based  upon  past  design  data,  the  stiffened 
cylinder  is  conservatively  found  to  be  at  least  three  times  as  efficient  as 
an  unstiffened  cylinder  and  by  comparing  weights,  the  stiffened  cylinder 
thickness  can  be  determined. 

- The  critical  compressive  stress  defining  instability 

of  the  unstiffened  cylinder  is  given  by: 


TT^  k E 
c 


me 


12 


(V)‘ 


(10-39) 


where  k^  is  a coefficient  describing  the  relationship  between  the  stress 
found  by  theory  and  those  determined  experimentally  and  t^^  denotes 
the  monocoque  shell  thickness.  By  defining  the  curvature  parameter 
(Zj^)  as:  . . ' , 


1 - 


Rt 


(10-40) 


me 
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and  -using  the  procedure  developed  b-y  Batdorf  et  al,  -which  is  described 
in  Gerard  (Ref.  10-6)  or  Gerard  and  Becker  (Ref.  10-7),  the 
coefficient  is  conservatively  determined  as  follows: 

For  ^ 31, 

k = 4 (10-41) 

c 


and  for  > 31, 

k = 0.  16Z^  (10-42) 

From  Equations  (10-39)  through  (10-42),  the  thickness 
of  the  unstiffened  cylinder  is  determined  to  be  the  folio-wing: 


For  Zj^  ^ 31, 
and  for  ^ 31, 


where: 


N = a t . 

me  me 

Comparing  the  weights  of  the  stiffened  and  unstiffened 
cylinders,  the  following  relationship  can  be  derived: 


(10-43) 


(10-44) 

(10-45) 


t 

c 


t 

me 


(10-46) 


c 

Substituting  Equations  (10-34)  into  (10-46),  the  equivalent 
thickness  (t^  ) of  the  stiffened  cylinder  is  related  to  that  of  the  unstiffened 
cylinder  by: 


t = t (10-47) 

c 15  me  ' ' 

Using  Equations  (10-43)  or  (10-44)  to  determine  the  unstiffened 
cylinder  thickness,  followed  by  the  determination  of  the  equivalent  stif- 
fened cylinder  thickness  given  by  Equation  (10-47),  the  design  of  the 
stringer-frame  stiffened  cylinder  is  completed  with  the  use  of  Equations 
(10-23)  through  (10-26)  coupled  with  Equations  (10-35)  through  (10-38). 
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10.  3.  3 


The  design  sequence  for  the  stringer-frame  stiffened  circular 
cylinder  is  developed  in  three  steps.  First,  assuming  the  inter  frame 
distance  to  be  small  in  comparison  with  the  cylinder  radius,  effects  of 
curvature  are  ignored  and  the  flat  wide  compression  column  stability  criterion 
is  used  for  the  design  of  the  longitudinally  stiffened  panel  between  frames. 
Using  techniques  applicable  to  the  optimum  design  of  flat  wide  compression 
columns,  the  dimensions  of  the  stiffened  panel  elements  are  determined 
in  terms  of  the  equivalent  panel  thickness  (T). 

The  second  step  in  the  cylinder  design  is  to  size  the  frame 
stiffeners.  By  application  of  a criterion  for  avoidance  of  general  insta- 
bility coupled  with  optimum  design  procedures,  the  frame  dimensions  are 
determined.  Analogous  to  the  stiffened  panel  "dimensions,  the  frame  dimen- 
sions are  also  found  to  be  functions  of  the  equivalent  panel  thickness. 

Since  the  longitudinally  stiffened  panel  dimensions  and  the 
frame  dimensions  are  observed  to  be  dependent  only  on  the  equivalent  • 
panel  thickness,  the  stiffened  cylinder  design  is  complete  once  this  quan- 
tity is  determined.  The  equivalent  panel  thickness  is  found  by  first  sizing 
the  thickness  of  a inonocoque„ shell  having  the  same  length  and  diameter 
as  the  semi-monocoque  shell  and,  based  on  past  design  data,  sizing  the 
equivalent  panel  thickness  by  assuming  the- semi-monocoque  structure  to 
be  at  least  three  times  as  weight-efficient  as  the  monocoque  shell. 

The  detailed  sequence  followed  in  implementing  the  design 
algorithm  is  as  follows: 


a.  Input  data, 

b.  Compute  axial  load  and  bending  moment, 

c.  Compute  equivalent  axial  load  . 

d.  Size  equivalent  monocoque  cylinder  . 

1.  Assume  short  cylinder  and  compute  shell  thickness. 

2.  Compute  curvature  parameter  and  test  short 
cylinder  assumption . •* 

3.  If  assumption  fails  test,  assume  long  cylinder  and 
recompute  shell  thickness. 
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e.  Compute  equivalent  thickness  of  stiffened  cylinder. 


f. 

Size 

skin-stringer  assembly. 

1. 

Skin  thickness 

2. 

Stringer  thickness 

3. 

Stringe  r height 

4. 

Stringer  spacing 

5. 

Panel  efficiency 

g‘ 

Size  cylinder  frames. 

1. 

Frame  spacing 

2. 

Frame  radius  of  gyration 

3. 

Frame  area 

4. 

Frame  height 

5. 

Frame  thickness 

10.4 

SEMI-MONOCOQUE  BOX  STRUCTURE 

10.4.  1 

Structural  Loads 

For  the  box  shaped  structural  configuration,  the  critical 
applied  compressive  stress  is: 


(7  = 


+ 


4 wt 


3M 

4w^t 


(10-48) 


Analogous  to  the  circular  cylinder,  the  resultant  load  per 
unit  length  of  the  cross-section  perimeter  is: 

P . 3M 


N = 


4w 


4w 


(10-49) 


10.4.2  Design  Equations 
10.4.2.  1 Inte rframe  Stiffened  Panel 


Assuming  the  box  structure  to  be  constructed  of  four  stringer- 
frame  stiffened  flat  panels  attached  along  their  edges,  plate  theory  can  be 
used  to  develop  the  design  process  for  the  box.  For  conservatism,  the 
common  edges  of  each  panel  are  assumed  to  be  simply  supported.'  As  for  the 
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circular  cylinder,  the  skin-stringer  structure  between  frames  .is  sized 
using  wide  column  criteria.  Therefore,  Equations  (10-23)  through  (10-27) 
also  apply  to  the  design  of  the  inter  frame  stiffened  panel  of  the  box  structure. 

10.4.2.2  Frame  Stiffener 

Using  beam  theory,  Langhaar  (Ref.  10-8)  analytically 
showed  the  minimum  frame  stiffness  (EI)^  required  to  ensure  against  the 
occurrence  of  general  instability  of  flat  stringer -frame  stiffened  panels 
with  simply  supported  edges- is  given  by; 

(EI)f  = ^ . (10-50) 

TT  b 

In  this  equation,  w and  a^  represent  the  panel  width  and 
frame  distance,  respectively.  Applying  the  definition  for  radius  of 
gyration.  Equation  (10-50)  can  be  rewritten  as; 


4^, 
w N 


TT 


(10-51) 


Assuming  the  frames  to  have  a rectangular  cross  section  of 
height  and  thickness  solidity  is  given  by;. 

wta^  -f  A^w 

b f b 

Substituting  into  Equation  (10-52)  the  panel  effective  thickness 
and  the  frame  area  given  by  Equations  (10-27)  and  (10-51),  respectively, 
and  minimizing  with  respect  to  the  frame  spacing,  the  following  results 
are  obtained: 


(10-53) 

(10-54) 


10-21 


Therefore,  frame  weight  is  one-fourth  the  stringer  stiffened  panel  weight 
between  frames. 


Equations  (10-27)  and  (10-53)  can  be  rewritten  as; 

-2 

^b  ■ N ^b 


(10-55) 


fb 


1/4 


(10.-56) 


TT  “ \ "b 

With  the  specification  of  a rectangular  section  frame,  the 
height  is  given  by: 


bfb  “ 3.464P^^ 


(10-57) 


and  the  width  is  given  by: 


fb 


’fb 


(10-58) 


As  with  the  stiffened  cylinder,  for  a given  load  (N)  and  with 
the  use  of  Equations  (10-23)  through  (10-26)  along  with  Equations  (10-54) 
through  (10-58),  the  stringer -frame  stiffened  panel  is  completely  specified 
once  the  equivalent  thickness  ^t^j  is  determined.  The  design  of  the  box 
structure  is  complete  with  the  sizing  of  each  of  the  panels  as  specified. 

10.4.2.3  Stiffened  Panel  Equivalent  Thickness 

Analogous  to  the  determination  of  the  circular  cylinder  equiva- 
lent thickness,  the  flat  panel  equivalent  thickness  is  determined  by  com- 
parison of  the  structural  weights  of  stiffened  and  unstiffened  panels.  In 
the  elastic  region  of  material  capability,  the  analysis  of  panel  efficiencies 
discussed  in  Gerard  (Ref  . 10-9)  shows  the  stiffened  panel  to  be  con- 
servatively three  times  as  weight-efficient  as  an  unstiffened  panel. 

-The  critical  compressive  stress  defining  instability  of  the 
unstiffened  panel  is  given  by: 

7. 
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where  is  a coefficient  describing  the  mode  of  instability  experienced 

by  the  panel. 


For  L/w  ^ 0. 5:  . .2' 

kc  (10-60) 

and  for  L/w  > 0.  5: 

k^  = 4 (10-61) 

Using  Equations  (10-57),  (l0-60j  and  (10-61),  the  thickness 
of  an  unstiffened  panel  is  determined  by  the  following: 

For  L/w  ^ 0,  5; 


'mb 
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and  for  L/w>  0.  5; 
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whereas,  for  the  cylinder; 

N = CT 


(10-62) 
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Comparing  the  weights  of  the  stiffened  and  unstiffened  panels, 
the  following  relationship  can  be  derived: 


t 


b 


+ 


(10-65) 


Substituting  Equation  (10-54)  into  (10-65),  the  equivalent  thickness  of 
the  stiffened  panel  is  related  to  the  unstiffened  panel  by; 


15  mb 


(10-66) 


Using  Equation  (10-62)  or  (10-63)  to  determine  the  unstiffened 
panel  thickness  followed  by  the  determination  of  the  equivalent  stiffened 
panel  thickness  given  by  Equation  (10-66),  the  design  of  the  stringer -frame 
stiffened  box  structure  is  completed  with  the  use  of  Equations  (10-23) 
through  (10-26)  coupled  with  Equations  (10-54)  through  (10-58). 
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10.4.  3 


The  procedure  for  sizing  the  box  type  semi-mono coque  struc- 
ture is  exactly  analogous  to  the  stiffened  circular  cylinder.  The  side 
panels  between  frames  are  sized  as  longitudinally  stiffened  wide  columns 
while  the  frames  are  sized  to  avoid  general  collapse  of  the  stiffened 
structure.  The  dimensions  for  the  structural  elements  are  again  deter- 
mined in  terms  of  the  equivalent  panel  thickness.  As  for  the  stiffened 
cylinder,  the  equivalent  panel  thickness  is  found  by  comparing  the  relative 
weight-efficiencies  of  stiffened  and  unstiffened  structures. 

The  detailed  sequence  followed  in  implementing  the  design 
algorithm  is  as  follows: 


a.  Input  data. 

b.  Compute  axial  load  and  bending  moment . 

c.  Compute  equivalent  axial  load. 

d.  Compute  equivalent  monocoque  box  shell  thickness  based  on 
the  length/ width  ratio. 

e.  Compute  equivalent  thickness  of  stiffened  box. 

f.  Size  skin- stringer  assembly. 

1.  Skin  thickness 

2.  Stringer  thickness 

3.  Stringer  height 

4.  Stringer  spacing 

5.  Panel  efficiency 

g.  Size  frames. 

1.  Frame  spacing 

2.  Frame  radius  of  gyration 

3.  Frame  area 

4.  Frame  height 

5.  Frame  thickness 
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10.  5 


END  COVERS  AND  MIDSECTION  BULKHEAD 


10.5.1  Structural  Loads 

The  actual  loads  applied  to  the  end  covers  and  midsecjtion 

' V 

bulkhead  cannot  be  specifically  determined  since  location  and  attachment 
of  support  systems  equipment  are  hot  specified.  For  this  reason,  a portion 
of  total  satellite  weight  (W)  is  assumed  to  be  uniformly  distributed  over  the 
surface  of  the  forward  and  aft  end  covers  as  well  as  the  midsection  bulkhead. 
■ In  general,  the  uniform  applied  load  (tu)  for  these  structural  elements  is 
written  in  the  form; 


01 


1.25fc  W 
a 

. A 


(10-67) 


where  f and  A denote  the  fractional  .portion  of  the  total  satellite  weight 
and  the'  area  of  each  of  the  above  elements,  respectively.  The  safety 
factor  is  1,25.  The  quantity  (f)  is  assumed  as  follows; 


a.  Forward  end  cover;  f = 0.25, 

b.  ■ Midsection  bulkhead;  f = 0.50 

c.  Aft  end  cover;  f = 0.25 


10.5.2  Design  Equations 

Basically,  the  forward  and  aft  equipment  bay  end  covers  are 
assumed  to  be  flat  plate -like  elements  which  extend  across  the  ends  of  the 
stiffened  cylinder  or  box-type  structure.  Thus,  the  lateral  dimensions  are 
fixed  and  the  thickness  is  to  be  determined.  The  boundary  conditions  for 
the  covers  are  assumed  to  be  simple  support. 

First,  consider  the  circular  cylindrical  systems  equipment  bay 
structure.  For  a uniformly  loaded  circular  flat  plate  with  simply  supported 
edge,  the  maximum  tensile  stress  is  given  by  Roark  (Ref.  10-10) 

as: 


a 


max 


3F 
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where  t and  F denote  the  plate  thickness  and  total  applied  load,  respec- 
tively. Since  plate  thickness  is  the  quantity  of  interest.  Equation  (10-68)  can 
be  inverted  to  give: 


3F 


8 ncr 


(3  + V) 
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(10-69) 


max 


Recalling  Equation  (10-67),  the  total  applied  load  on  the  forward 


cover  is: 


F = 1.25  c 


W 
a 4 


(10-70) 


and  similarly  for  the  aft  cover: 


= 1.25  c W/4 
a 


(10-71) 


where  W denotes  the  total  satellite  weight. 


Since  the  maximum  allowable  stress  is  the  material  yield  stress 
(Oy),  the  forward  end  cover  thickness  (t^  ) is: 


15c  W 
a 
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Since  the  applied  load  on  the  aft  cover  is  identical  to  that  of 
the  forward  cover,  the  aft  end  cover  thickness  (t  ) is: 

Si- 

t = t (10-73) 


F or  the  box-type  systems  equipment  bay  structure,  the  maximum 
tensile  stress  in  a uniformly  loaded  square  plate  with  simply  supported 
edges  is  given  in  Roark  (Ref.  10-10)  by: 
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max 


^^.0^20^  (1  + v) 
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(10-74) 


By  inverting  this  formula,  substituting  for  F with  Equation 
(10-70)  and  limiting  stress  to  the  yield  value,  the  plate  thickness  of  the 
forward  end  cover  is  foiind  to  be: 
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Analogously,  using  Equations  (10-71)  and  (10,-74),  the  aft  end 
cover  thickness  is  found  to  be: 


= ^c 

The  midsection  bulkhead  is  arbitrarily  chosen  to  be  an  annular- 
like  shape  having  a centrally  located  hole  of  three -fourths  the  systems 
equipment  bay  lateral  dimension  in  size.  For  simplicity,  both  the  circular 
cylinder  and  box-like  structure  midsection  bulkheads  will  be  sized  as  uni- 
formly loaded  annular  plates.  For  the  box  structure,  the  radius  is  assumed 
to  be: 

R ■=  (10-77) 

The  maximum  stress  induced  in  a uniformly  loaded  annular  ring 
with  simply  supported  edges  from  Roark  (Ref.  10-10^  is: 


1.  72  w R ' 
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Inverting  Equation  (10-78)  and  substituting  the  material  yield 
stress  as  the  maximum  allowable  stress,  the  midsection  bulkhead  thick- 


ness (t . ) is: 
1 


t.  = 
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The  design  of  the  midsection  bulkhead  is  completed. 
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10.  5.  3 


After  the  side  wall  structure  of  the  satellite  systems  equipment 
bay  has  been  sized,  the  end  covers  and  midsection  bulkhead  are  designed. 
These  elements  are  sized  as  thin  flat  plates  with  simply  supported  boundary 
edges.  The  material  yield  stress  is  used  as  the  maximum  allowable  design 
stress. 

The  sequence  followed  in  implementing  the  design  algorithm 
is  as  follows: 


a.  Input  data. 

b.  Compute  forward  .cover  thickness. 

c.  Compute  aft  cover  thickness. 

d.  Determine  if  midsection  bulkhead  is  required  (external  equip- 
ment or  solar  array  paddles  mounted  on  the  midsection). 

1.  Compute  applied  load 

2.  Compute  midsection  bulkhead  thickness 


10.6  ' MISSION  EQUIPMENT  AND  SOLAR  ARRAY  EXTENSIONS 

10.6.1  Structural  Loads 

The  loading  condition  for  the  mission  equipment  bay  and  solar 
array  extension  booms  is  dependent  upon  their  location.  For  mission 
equipment  bays  located  on  the  ends  of  the  systems  equipment  bay  along 
the  satellite  centerline,  the  applied  load  has  an  axial  force  component 
given  by: 

• = 1.25c^W^  (10-81) 

and  a lateral  bending  moment  component  given  by: 

= 1.25CgX^W^  (10-82) 

where  and  are  the  mission  bay  total  weight  and  the  extension 

boom  length,  respectively.  For  mission  equipment  bays  or  solar  arrays 
positioned  laterally  with  respect  to  the  systems  equipment  bay  sidewall 
structure,  the  critical  applied  load  has  two  bending  moment  components: 
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one  due  to  the  axial  acceleration  and  one  due  to  the  lateral  acceleration. 
Theee  two  bending  moments  combine  to  form  a single  bending  moment  of 
the  following  magnitude: 


Again,  note  the  1.  25 


1.25X 

e 


2 

a 


safety  factor. 


(10-83) 


10.6.2 


Design  Equations 


The  mission  equipment  bay  and  solar,  array  extensions  are  - 
designed  as  thin-walled  circular  tubes.  The  length  of  each  extension ^ 
is  assumed  fixed  by  geometrical  constraints  imposed  by  location  and  size  • 
of  the  mission  equipment  bay,  or  solar  array  with  respect  to  the  system 
equipment  bay.  The  quantities  to  be  sized  are  the  tube  radius  ^r^  and  the 
wall  thickness  The  design  algorithm  uses  appropriate  considerations 

for  structural  stability  and  material  failure. 

For  mission  equipment  bays  located  at  the  forward  or  aft  end 
along  the  satellite. centerline,  the  applied  loads  are  the  axial  force  and 
bending  moment  given  by  Equation  (10-81)  and  (10-82),  respectively.  For 
mission  equipment  bay  or  solar  arrays  positioned  laterally  with  respect 
to  the  systems  equipment  bay,  applied  load  is  the  single  equivalent  bending 
moment  given  by  Equation  (10-83). 

For  a thin-walled  tube,  the  tube  column  flexural' instability 
critical  stress  (a^)  is  given  by; 


(10-84) 


while  the  local  critical  buckling  stress 


(O' -yi^)  of  the  thin  wall  is  given  by: 


(10-85) 
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The' applied  stress  is: 


2 TT  r t 


(10-86) 
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where  F is  the  equivalent  axial  load.  For  the  mission  equipment  bays 
located  at  the  forward  or  aft  end  along  the  satellite  centerline: 


2M 


= P + 
a 


(10-87) 


where  P and  M are  given  by  Equations  (10-81)  and  (10-82),  respectively. 

3.  3 

For  mission  bays  or  solar  arrays  positioned  laterally  with  respect  to  the 
systems  equipment  bay,  the  equivalent  axial  load  is: 

2M 

F = (10-88) 


Using  techniques  of  optimum  design,  Gerard  (Ref.  10-6) 
deduced  the  following  optimum  dimensions  for  compression  loaded  thin 
walled  circular  tubes: 
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The  optimum  stress  ) is  found  to  be: 
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(10-91) 


For  the  satellite  centerline  mission  bay  location.  Equations 
(10-87),  (10-89),  and  (10-90)  can  be  combined  to  give: 
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Of  the  seven  roots  of  Equation  (10-92),  only  one  is  real  and  positive  and 
corresponds  to  the  desired  tube  radius.  For  laterally  located  mission 
equipment  bays  or  solar  arrays,  Equations  (10-88),  (10-89)  and  (10-90) 
can  be  combined  to  give: 
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Substituting  the  solutions  of  Equations  (10-92)  and  (10-93)  or 
(10-9.4)  and  (10-95)  into  Equation  (10-91),  the  optimum  stress  is  computed. 
By  comparing  the  optimum  stress  with  the  material  yield  stress,  the 
validity  of  using  Euler  column  instability  can  be  verified.  If  a is  less 
than  a^.,  the  use  of  Equations  (10-89),  (10-90),  and  (10-91)  is  valid.  If 
cr^  exceeds  ^se  of  Euler  column  instability  and  therefore  Equations 

(10-89),  (10-90)  and  (10-91)  is  not  valid;  however,  the  local  buckling  of  the 
tube  wall  is  still  an  applicable  criterion. 

If  Euler  column  instability  is  not  valid,  the  maximum  applied 
stress  as  well  as  the  critical  buckling  stress  of  the  tube  wall  is  limited 
by  the  material  yield  stress.  Using  the  yield  stress  |a^^and  Equations 
(10-85)  and  (10-86),  the  tube  dimensions  for  the  mission  equipment  bay 
extension  located  on  the  satellite  centerline  are  found  using  the  following: 
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Note  that  Equation  (10-96)  has  only  one  real  positive  root 
corresponding  to  the  tube  wall  thickness^  Analogously,  using  the  yield 
stress  and  Equations  (10-85)  and  (10-86),  the  tube  dimensions  for  the 
mission  equipment  bay  or  solar  array  extensions  laterally  located  with 
respect  to  the  systems  equipment  bay  are  found  from  the  following: 
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Since  the  length  is  assumed  specified,  the  design  of  the 
mission  bay  or  solar  array  extension  is  complete  once  the  nominal  tube 
radius  ^rj  and  wall  thickness  ^t^jare  determined. 


10.6.3  Design  Logic 


The  design  of  the  thin-walled  cylindrical  tubes  used  for  the 
mission  equipment  bay  and  solar  array  extension  booms  is  accomplished 
in  two  steps.  The  procedure  will  start  with  the  assumption  that  the  design 
is  governed  by  Euler  column  flexural  instability  coupled  with  local  side 
wall  instability  criteria.  If  the  critical  instability  stress  found  with  this 
assumption  exceeds  the  material  yield  stress,  Euler  column  stability  no 
longer  applies.  The  design  procedure  will  then  be  based  on  flexure  of 
the  tube  as  a simple  beam  coupled  with  local  side  wall  instability.  The 
maximum  allowable  stress  specified  for  this  condition  is  the  material 
yield  stress. 
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The  detailed  sequence  followed  in  implementing  the  design 
algorithm  is  as  follows:  ^ 

a.  Input  data.. 

b.  Compute  axial  load  (if  located  on  vehicle  centerline.)  and 
bending  moment. 

c.  Assume  applicability  of  Euler  column  stability. 

d.  Compute  nominal  tube  radius . 

e.  Compute  tube  wall  thickness. 

f.  Check  for  applicability  ,of  Euler  column  stability. 

g.  If  Euler  column  stability  not  applicable,  recompute  tube  wall 
thickness  and  nominal  tube  radius. 
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li.  RELIABILITY 


11.  1 GENERAL  . 

The  reliability  model  improves  the  reliability  of  the  spacecraft 
design  through  redundancy  by  optimum  allocation  of  weight  or  cost  reserves 
between  redundant  hardware  and  expendables,  subject  to  constraints  on 
total  satellite  weight  or  cost.  The  principle  of  operation  is  to  increase  the 
level  of  redundancy  of  a single  module,  and  then  to  update  the  system  mean 
mission  duration  (MMD)  or  system  reliability  calculations  to  de.termine  the 
change  per  unit  of  weight  or  cost.  This  is  repeated  for  each  module,  and 
the  "most  profitable"  redundancy  is  implemented.  This  process  is  repeated 
until  requirements  are  met,  resources  are  exhausted,  or  returns  are  no 
longer  sufficiently  profitable. 

A sketch  of  the  program  data  flow  is  shown  in  Figure  li-1. 

The  input  data  is  read,  and  an  initial  calculation  of  spacecraft  expense, 
reliability  at  truncation  time  [R(TRUNC)],  and  mean  mission  .duration 
is  made.  The  term  "expense"  means  cost  or  weight,  whichever  is  selected 
as  appropriate.  R(TRUNC)  represents  the  resultant  spacecraft  reliability 
functions,  with  consideration  given  to  redundancy.  The  MMD  represents 
the  expected  duration  of  the  mission  before  failure  and  is  given  by 

TRUNC 

MMD  = f R(t)dt  (11-1) 

0 

where  R(t)  is  the  spacecraft  reliability  function  at  time(t)  and  0 £ t < TRUNC. 

These  initial  calculated  values  are  printed,  and  the  computer 
then  adds  a single  redundant  element  to  one  of  the  online  modules  and 
calculates  a new  spacecraft  reliability  function  and  a new  spacecraft 


il-1 


Figure  11-1.  Reliability  Model 
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expense.  This  is  repeated  for  each  module  where  redundancy  is  available, 
and  the  spacecraft  MMDs  and  .expenses  are  calculated  in  each  case.  The 
single  redundant  module  offering  the  greatest  payoff  (RHO)  as  defined 
by: 


RHO  = AR^TRUNC) 

A cost . ' 


RHO  = 


AMMD 
A cost' 


or 


or 


'RHO  = ■ . or 

weight 

RHO  = 

A weight 

is  selected.  Then.three  tests  are  applied; 


> (11-2) 


a.  Is  RHO  large  enough?  The  threshold  for  RHO  is  preselected 

b.  Is  the  MMD  or  R(TRUNC)  still  short  of’ the  requirement? 

c.  Is' system  weight  less  than  the  maximum  allowable? 

If  these  tests  are  passed,  the  new  results  [expense,  R{TRUNC)  and  MMD] 
are  printed  and  the  computer  begins  the  selection  process  again.  This 
loop  is  retraced  until  one  or  more  .of  the  tests  Is  failed.  Then  the  final  • 
configuration  is  printed  out,  including  expense,  R(TRUNC),  MMD,  and 
a module -by -module  description  of  the  level  of  redundancy  selected. 

This  configuration  is  recognized  as  optimum  subject  to  the  MMD  and 
weight  or  cost  constraints  imposed  in  the  input./" 


It 'is  recognized  that  the  approach  does  not  consider  all  possible  con- 
figurations. In  the  model,  cross -strapping  is  not  a variable.  Nor  is  it 
possible  to  increment  redundancy  in  more  than  one  mode  within  a given 
module.  However,  within  the  constraints  and  assumptions  of  the  present 
general  programming  effort,  the  model  is., sufficiently  accurate. 
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For, modular  redundancy  to  be  effective  and  implementable, 
an  equipment- status  monitoring  system  must  be  included  in  system  design. 
This  monitoring  system  must  have  two  characteristics: 

a.  It  must  be  comprehensive,  i.e.  , the  monitoring  system  must 
be  sufficiently  complete  to  provide  a high  probability  of 
detecting  any  failure  in  the  operating  equipment. 

b.  It  must  be  fairly  reliable  to  minimize  the  probability  of 
false  alarm  and  unnecessary  corrective  action. 

The  probability  of  detection  (P-q)  of  a-  system  module 
failure,  which  is  the  probability  of  detection  of  an  out-of-specification 
condition  of  any  functional  parameter,  is  determined  as 


P(X)  P{M)  (11-3) 

whe  re 

P(X)  = probability  that  the  out-of-specification  parameter 
was  monitored  by  the  failure' detection  system  sub- 
sequent to  the  failure. 

P(M)  = probability  that  the  monitoring  system  is  fxmction- 
ing  properly  at  the  time  of  the  failure. 


The  concept  is  shown  in  Figure  11-2. 

P(X)  is  determined  by  system  design  and  may  be  represented 


as: 


P(X) 


_ failure  rate  of  failures  detectable  by  monitoring  system 

total  failure  rate 


.(11-4) 


P(M)  is  the  reliability  of  the  monitoring  system.  • In  general, 
there  will  be  more  than  one  monitoring  subsystem,  each  designed  to 
monitor  different  parameters  (e.g, , voltage,  pressure,,  tempterature). 
P(M^)  is  the  reliability  of  that  portion  of  the  monitoring  system  that 
monitors  a given  parameter  X.  Then,  as  in  Figure  11-2: 
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Figure  11-2,  Failure  Detection  System 


(11-5) 


P(M^)  - - exp 


and 


where 


®M<‘> 


n 


= J*,  ®M, 


X=1  "''"X 


(11-6) 


failure  rate  of  that  portion  of  the  monitoring  system 
assigned  to  parameter  X,  one  of  n parameters 
monitored 

reliability  (probability  of  successful  operation  to 
time  t)  of  the  entire  monitoring  system. 


Then,  the  probability  of  detection  P^(t)  of  any  failure  in  the  system  to 
time  (t)  is  given  by 


X. 


PD(t)  = 


exp  - 


^ Xm  t 
X=1  / 


(11-7) 


A reliability  diagram  for  this  system  is  shown  in  Figure  11-3. 


The  false  alarm  rate  refers  to  the  frequency  of  failures 

a.  in  the  sensor/signal  processor,  which  make  up  the  monitor- 
ing subsystem,  resulting  in  a command  to  the  switch  to 
change  state. 

b.  in  the  system  selection  switch,  which  results  in  a state 
change  without  a command. 

The  result  of  such  a failure,  in  either  mode  (a)  or  (b),  is 
that  an  active,  properly  functioning  unit  is  switched  off-line..  (In  the 
single- string  case,  no  switching  would  be. done,  but  erroneous  status 
reports  would  go  to  the  user;  sacrifice  of  mission  objectives  would 
result.)  If  redundancy  is  available,  then  this  situation  will  not  degrade 
performance  immediately,  but  will  likely  result  in  a shortened  mission 
duration.  However,  if  redundancy  has  been  invalidated  through  previous 
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System  Reliability  Model 


real  failures,  this  inadvertent  switching  will  degrade  mission  performance. 
In  this  latter  case,  the  use  of  a "locked  in"  switch  is  to  be  recommended, 
i.e.,  a switch  that  cannot  change  state  if  no  redundancy  is  present. 

This  approach  does  not  consider  false  alarms  resulting  from  a 
spurious  output  of  the  operating  equipment  into  the  monitoring  system, 
such  as  an  out-of-specification  electrical  spike  caused  by  noise.  Here, 
only  hard  failures  of  the  monitor  or  switching  subsystems  are  considered. 

As  a typical  example  of  how  the  false  alarm  probability  would 
be  calculated,  consider  the  model  shown  in  Figure  11-4.  For  this  case, 
the  probability  of  a false  alarm  is  given  by 

P^(t)  = 1 - exp[(-Xj^  +Xg  )t]  (11-8) 

F F 

where  Xsp’  is  the  portion  of  the  switch  failure  rate  that  is  linked  to  a 
change  of  state  without  a command  from  the  monitor  subsystem  and 
Xmf  is  that  portion  of  the  monitoring  system  failure  rate  which  is- linked 
to  a false  indication  of  failure  being  generated  by  the  sensor. 

The  failure  detection  probabilities  and  false  alaim  proba- 
bilities are  not  calculated  explicitly  in  the  reliability  models,  since 
monitoring  and  switching  equipment  have  not  been  defined  in  detail. 

Rather,  the  total  sense/switch  failure  rate  is  utilized  in  the  standby 
mode  only  (see  Table  11-4).  Further  refinements  can  be  made;  how- 
ever, this  is  a second- order  refinement  from  the  standpoint  of  accuracy. 

11.2  INPUT  DATA 

The  system  must  be  described  on  a module -by-module  basis, 
where  a module  is  taken  as  the  lowest  subdivision  of  equipment  which  is 
a candidate  for  redundancy.  The  general  model  inputs  provided  by  the 
user  are  defined  in  Table  11-1.  If  the  user  sets  the  subsystem  require- 
ments option  and  does  not  specify  the  subsystem  reliability  requirements. 
Section  11.2.1  describes  how  the  model  calculates  these  requirements 
for  the  user.  Data  for  each  piece  of  equipment  selected  from  the  data 
base  is  summarized  in  Table  11-2.  Table  11-3  stimmarizes  the  data 
required  from  each  subsystem.  Table  11-4  lists  the  parameters  which 
are  fixed  (hardwired)  in  the  model. 
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Figure  11-4,  Reliability  Model  for  Active  Unit  with 
Switched  Standby  Unit 


Table  11-1.  Input  Data  Supplied  by  User 


Parameter  Description 

Option 

Expense  option 

Weight  or  cost 

Initial  expense 

Could  be  zero 

Initial  reliability 
Maximum  weight  permitted 

Could  be  1.  ,0 

Mission  length 

Truncation  time 

Requirements  option 

No  single- point-  failures 
allowed  or  single -string 

start 

System  requirements- 

R(TRUNC),  MMD 

Subsystem  requirements  option 

i : yes;  2 : no 

Subsystem  requirements 

R(TRUNC), 

Table  11  2.  Data  Supplied'by  Data  Base 


• Name 

MODE 

Failure  model 

X 

Module  failure  rate 

U 

Module  mean  life 

a 

Standard  deviation  -of 
module  life 

q 

Dormancy  factor  ■ 

M 

Total  number  of  redundant 
elements  in  module" 

EXPM 

Module  expense  (weight  or 
cost) 

— 
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Table  11-3.  Data  Supplied  by  Subsystem  Models 


Subsystem 

Symbol 

Name 

All 

DC- 

Duty  cycle 

All 

N 

Number  of  active  elements  (initial) 

All 

‘ M 

Number  of  standby  elements  (initial) 

All 

R 

Number  of  required  elements 

EP 

Battery  operating  temperature 

EP 

D 

Battery  depth  of  discharge* 

EP 

C 

Battery  cycle  rate 

EP 

N 

c 

Number  of  cells  per  battery 

EP 

R 

c 

Number  of  cells  required  per  battery 

S&C 

N 

o 

Orbital  mean  motion 

S&C 

e 

ax 

Roll  control  deadband 

S&C 

DT 

Thruster  on-time 

VS 

J 

X 

Roll  moment  of  inertia 

VS 

D 

X 

Roll  moment  arm 

APS 

F 

Low-level  thruster  force 

APS 

F 

c 

Thruster  cycles  per  hour 

APS 

Mean  depletion- time  of  expendables 

APS 

<^e 

Standard  deviation  of  expendables  depletion 
time 

APS 

D 

e 

Expendables  expense  increment 

The  battery  depth  of  discharge  is  inversely  proportional  to  the  number 
of  batteries  selected  by  the  reliability  model. 
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Table  11-4.  Parameters  Fixed  in  the  ModeP' 


Symbol 

Parameter  Description 

Value 

X 

s 

Sense  / switch  failure  rate 

120  failures /lo"^  hr 

Payoff  threshold,  MMD 

0.  2 hr /kg 

RHOTH 

1 Payoff  threshold,  R(TRUNC) 

2.2  X 10"  /kg 

V 

Expendables  life  increment 

2190  hr 

Expendables  life  standard  dev. 
increment 

365  hr 

^C 

Number  of  cells  required  per  battery 

^C  “ ^C 

Subsystem  Reliabilities 

Certain  reliability  parameters  within  the  model  can  be  specified 
or  not  as  the  user  desires.  The  subsystem  reliability  time  requirements 
are  such  parameters.  In  the  case  that  the  user  elects  not  to  specify  these 
reliability  values,  then  representative  values  are  required  which  are  re- 
lated in  a logical  fashion  to  the  system-level  reliability  parameters  that  the 
user  has  specified.  A method  for  determining  the  representative  values  is 
described  below. 

There  are  two  possible  cases  in  which  the  user  can  exercise  the 
model  without  specifying  subsystem  reliabilities:  by  specifying  system 
reliability  at  a given  time  and  leaving  MMD  unspecified,  or  by  specifying 
both  system  reliability  (at  a given  time)  and  MMD.  These  will  be  con- 
sidered separately. 

* These  parameters  are,  in  general,  variable.  For  present  considerations, 
however,  their  values  are  fixed.  Changes  to  this  program  can  consider 
values  other  than  those  listed. 
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R(T)  Specified. 

This  means  that  R(T)  and  T are  both  given.  Then, 

1.  Fit  a-Weibull  function  to  this  single  point  by  letting 

■ E(T) 

where  P = 1.  6 (based  on  available  data). 

2.  Determine  the  value  of  «as 

T 

m '■ 


(11-9)- 


& - 


[-In  R(T)] 
R(T)  and  MMD  Specified 
In  this  case,  at  is  determined  as 
a = max 


(11-10) 


MMD 


[-In  R(T)] 


(11-1.1). 


In  practice,  this  maximiim  will  usually  be  the  first  expression 
in  the  braces,  coinciding  with  the  previous  case.  For  generality,  the  other 
possibility  is  included. 

Once  a is  determined,  the  subsystem  reliability  values  can  be 
determined  as  follows: 


«gC  = 3.00-  and  Rg^  = 


«AP  = 5.  3a  and  R^p  = 


®DPI  ~ ^DPI  " 


P 


3.0a  and  R^  = 


e 


(11-12) 


“eP  ""  ^EP  = 


P 


®ME  = ^ME  = 


P 


where  P = 1.6,  as  before. 
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Here,  R.  is  the  allocated  subsystem  reliability.  The  pro- 
portionality factors  relating  the  system  a to  the  subsystem  are  taken 
from  actual  data  on  the  NATO  III,  DNSS  and  DSCS-II  programs. 

11.3  FUNCTIONAL  DESCRIPTION 

When  the  baseline  (starting  point)  system  has  been  defined, 
the  initial  MMD  determination  is  made  as  follows: 

For  module  I,  the  appropriate  mathematical  model  is  exercised. 
The  value  of  the  reliability  function  for  this  module  is  calculated  for  one 
value  of  time,  T(I).  This  process  is  repeated  for  each  module  in  the  system, 
and  for  each  of  31  time  values  ranging  uniformly  from  t = 0 to  TRUNC. 
These  reliability-time- values  are  stored  in  an  array  of  dimension  31 
by  NM,  where  NM  is  the  number  of  modules  in  the  system.  Call 
this  array  RARRAY  (Figure  11-5).  Then  3 1 • system  (spacecraft) 
reliability  values  are  formed  by  taking  the  product  of  the  NM  values  asso- 
ciated with  each  time  value  (the  rows  of  RARRAY).  This  gives  the  system 
reliability-time  curve  which  is  then  integrated  (using  a Simpson  integration 
scheme)  to  give  the  MMD. 

The  value  of  system  reliability  at  the  time  of  truncation, 
R(TRUNC),  is  simply  the  product  of  NM  module  reliability  values  at  the 
largest  time  point. 

In  the  case  where  a system  requirement  exists  on  R(TRUNC) 
but  not  on  MMD,  the  array  RARRAY  would  be  of  dimension  one  by  NM,  - 
with  the  single  time  point  being  the  time  of  truncation. 

The  initial  system  expense  (cost  or  weight)  is  merely  the  sum 
of  the  initial  expenses  of  each  module  and  of  the  fixed  expense  (e.  g.,  cost 
or  weight  of  the  mission  equipment). 

The  incremented  MMD  and  R(TRUNC)  values,  i.e.,  the  new 
values  resulting  from  the  addition  of  redundancy,  are  determined  as 
follows : 
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/ R[1.T(0)] 
/ R[1,T{1)] 

/ R[1,T(2)] 


R[l,  T(29)] 
R[l,  T(30)] 


31  Rows,  NM  Columns 

T(30)  = Truncation  Time  (TRUNC) 

NM  = Number  of  Modules 


Figure  11-5,  Reliability  Array 
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The  level  of  redundancy  of  mod\ile  I is  increased  by  adding 
one  element' in  the  appropriate  .mode  (active,  standby).  The  appropriate 
mathematical  model  is  then  exercised  and  new  reliability  values  are  cal- 
culated for  module  I at  31  time  points.  The  31  values  in  RARRAY  which 
correspond  tO  module  I are  replaced  by  the  new  set  of  31  values  and 
system  MMD  and/or  R(TRUNC)  values  are  calculated.  The  increments 
in  MMD  and/or  R(TRUNC)  resulting  from  the  addition  of  redundancy  to 
module  1 are  then  calculated  and  stored  in  another  array  (RDELT).  Then  the 
original  31  reliability  values  are  replaced  in  RARRAY  for  module  I and 
the  process  is-  repeated  for  rnodule  1+1  until  all  NM  modules  have  been  ' 
modified  in  this  way,  and  RDELT  has  NM-  values.  "When  one  module  (e.  g. 
module  J)  is  selected  as.  the  most  profitable  niodule  to  be  made  redundant,  the 
31  reliability  values- in  RARRAY  for  module  J are  replaced  by  the  31  new  values 
with  the  level  of  redundancy  for  module  J increnriented  by  one  element. 

The  new  RARRAY  thus  defined  is  the  starting  point  for  the  next  iteration. 

The  system  expense  increment  for  each  redundant  element 
added  is  simply -the  expense  of  the  redundant  element.'  ,E'ach.  value , in 
RDELT  is  divided  by  the  expense  of  the  appropriate  redundant  element. 

Then  RDELT  is  a collection  of  payoff  values,  the  largest  of  which  de- 
termines the  most  profitable  module  for  redundancy. 

In  the  case  where  R(TRUNC)  requirements  exist  for 
subsystems,  the  same  redundancy  allocation  procedure  will  be 
followed  for  each  subsystem  separately.  For  example,  in.  subsystem 
K,  there  will  be  NM(K)  modules.  Then  R/^RAY'  (K)-  will  contain  NM{K) 
columns  of  the  system  RARRAY,  each  with  31  rows.  Similarly  RDELT 
(K)  will  contain  payoff  values  for  subsystem  K.  'W'hen  subsystem  K and 
all  other  subsystems  have  been  optimized  with  respect  to  redundancy, 
the  system  RARRAY  will  be  formed  and  the  system  re  liability -time  curve 
generated  and  integrated  as  before  to  arrive  at  system-level' R(TRUNC) 
and  MMD. 
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If  system  MM D and/or  R(TRUNC)  requirements  are  speci- 
fied by  the  user,  and  if  redundancy  implementation  proceeds  to  the  point 
that  the  requirements  are  met,  the  program  stops. 

A payoff  threshold  value,  RHOTH,  can  be  specified  by  the 
user.  This  means  that  the  optimization  process  would  stop  if  the 
payoff  values  were  less  than  a predetermined  amount  (the  threshold). 

For  example,  if  system  expense  is  measured  in  weight  and  the  system 
reliability  parameter  of  interest  is  MMD,  then  the  payoff  threshold  value 
would  be  measured  in' hours  per  kilogram.  This  would  correspond  to  the 
units  of  UDELt.  If  redundancy  implementation  proceeds  to- the  point 
where  none  of  the  values  of  RDEET  exceed  RHOTH,  the  program  stops.* 

For  module  I,  a maximum  allowable  nuihber.of  elenients. 
Initial  plus  redundant,  is  specified.  When  this  limit  is  reached,  no 
further  redundancy  is  possible  for  module  I.  The  maximum  number  of 
elements  allowable  in.the  system  is  the  sum  of  the  modular  maxima. 

When  the  system  maximum  has  been  reached,  the  program  stops. 

When  one  .or  more  of  the  above  tests  results  in  program 
stoppage,  the  filial  configuration  is  printed  out,  including  the  number  of 
elements  of  each  module,  modular  and  system  expense,  system  MMD, 

and  the  system  reliability-time  curve.  See  Figure  il-6  for ’typical 
flow. 

11.4  MATHEMATICAL  MODELS 

The  mathematical  models  or  algorithms  mentioned  in 
Paragraph  11.3  are  described  in  the  following  paragraphs.  The  selection 
of  a particular  model  for  a given  module  depends  on  the  nature  of  the 


It  is  conceivable  that  the  initial  slope  could  be  less  than  the  threshold. 
To  avoid  the  "can't  get,  started"  situation,  the  slope  threshold  check 
could  be  suspended  until  some  redundancy- has  been  implemented,  say 
20  percent  of  the  available  expense  (or  some  appropriate  nuihber),  and 
then  the  slope  can  be  checked  at  the  last  step.  Or,  alternatively,  the 
slope  can  be  tested  at  the  5th  (or  10th  or  20th)  increment. 
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hardware  in  the  module,  and  on  the  operating  mode  for  redundant  elements 
within  the  module.  The  parameters  used  in  the  exercising  of  the  models 
(failure  rates,  duty-cycles,  etc.)  are  described  in  ' Tables  11-1  through  11-4, 
The  reliability-time  function  of  a given  module  can  normaUy 
be  calculated  assuming  uniform  operation  with  a given  duty  cycle  through- 
out the  system  mission.  There  are  some  equipments,  however,  which 
are  required  to  operate  only  during  the  first  few  hours  or  days  of  a mis- 
sion and  are  not  used  thereafter.  In  this  "pulse  operation"  case,  the 
31  reliability  values  will  be  determined  as  follows; 


R[I,  T{6)]  = 1.0 

R[I,  T(L)]  = R(Tp),  L = 1,  2, 


(11-13) 


where 

Tp  is  the  pulse  width  (duration  of  operation)  and  the  R-values 
are  determined  from  the  appropriate  mathematical  models  as  defined 
below. 


11.4.1  Model  1 

Model  1 is  a general  algorithm  for  calculating  the  reliability 
of  a module  with  N elements  active,  M standby,  R required,  with 
duty  cycling.  It  is  applicable  to  elements  with  exponential  reliability 
distributions.  Model  1 considers,  for  constant  failure  rate  devices,  equip- 
ments with 


3--  N units  active,  of  which  R are  required; 

b.  M units  in  standby,  with  0 q ^ 1. 

c.  Duty  cycling  of  active  units  as 

^effective  = ^active  (11-14) 

d.  Sensing/switching  equipment,  considered  to  be  in  the  standby 
mode  and  in  series  with  each  standby  unit  (this  is  an  approxi- 
mation to  reality). 
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e.  The  implementation  philosophy  is  to. switch-on  (activate)- a 

standby  unit  immediately  upon  failure  of  an  active  unit,  (i,  e. , 
maintain  hot  spares)  rather  than  to  allow  N to  shrink  to  R 
before  activation  of  standby  unit.  - 

This  model  could  be  made  more  accurate  and  complete  by  a more  compre- 
hensive consideration  of  switching  implementation;  however,  this. is  a 
second-order  refinement  from  the  standpoint  of  accuracy. 

When  Model  1 is  used  in  implementing  redundancy,  a test  is 
made  on  q (the  dormancy  factor).  If  q = 1.0,  redundancy  is  implemented 

in  the  active  mode.  If  q 1.0,  redundancy  is  implemented  in  the  standby 
mode. 


R-1‘ 


R[L 

, T(D]  = 1 - E ^^0^) 

(11-15) 

k = 0 

•(< 

+ 

III 

a 

(11-16) 

X = ,x  [DC  + (1  “ DC)  q] 

(11-17) 

For  Q>  0 
• Pr(k) 

, N 

~ j 

, -NXt  ^ 

1 (11-18) 

where 


\ = (-1)^  ^ [{N  + Q)(N  + 2Q)  • (N  + MQ)]  (11-19) 

B..  = (-1)^  (i  - k)  ! (N  - i)  ! [{N  - i + Q)(N  - i + 2Q)  • • • (N  - i -f  MQ)]  (11-20) 

Cj  - = (-1)^  J j ! (M  . j)  ! Q^[(jQ  + l)(jQ  + 2)  ---(jQ  + N - k)  (11-21) 


For  Q = 0 

Pr(k)  = A 


N-k 

E B e 

i = 1 " 


•(N-i)  ^t  ^ e 


-N^t 


hi 


C.  r 

Jl 


j-1 


M+1 

jit 
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(11-23) 


B. 

1 


N - k M 
= (-1)^^  N N I 

i ^ i ! (N  - k - i)  I 


, N - k 


( -1) 


- 1 


je=  1 (N-k-X)  I (J&-1)  1 


(11-24) 

(11-25) 


where 


R [Li,  T(I)  ] = reliability  of  module  L at  time  T (I) 

Pr  (k)  = probability  that  module  Li  is  in  the  k^  operability  state 
Q - effective  dormancy  factor 

A = effective  active  failure  rate,  when  duty  cycled 
11.4.2  Model  2 

This  model  is  used  to  calculate  the  reliability  of  a module 
with  N elements  active  and  R required.  It  is  applicable  to  elements  with 
normally  distributed  lifetimes,  with  mean  M and  variance  a^. 

N 

# 4\i  % V rvi  “v 

(11-26) 


JN  / \ 

R[L,T(D]  = ^ (RN)^  (1  -RN)^ 


where 


RN  is  the  elemental  reliability  function,  given  by 

''  T (I)  - la  1 
L ^ J 


RN 


1 - P 


(11-27) 


P (z)  is  the  cumulative  notmal  disttibution  function  given  by 

1 ^ 

=r_  / e dy  (11-28) 

TT 


p (a)  = 


Note  that 


where 


P (z)  2!?  0.  5 + 


2 +16  V®)  ^^2 


1. 18145 


V 


1.  57926  + 0.  0594375  7?  + 0.  00390625  7^ 


(11-29) 


(11-30) 
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ii.4.  3 


Model  3 ■ 


Model  3 is  applicable  to  a binomial  battery  module,  where  there 
are  N batteries  active  with  R required.  The  battery  cell  reliability  func- 
tion is  derived  empirically  in  Reference  11-1. 


N 


R[L,T(D]  = ^ (RB)^  {1  - RB) 


N-K 


(11-31) 


N=R 


where 


RB  = the  reliability  of  a single  battery,  with  R out  of  N ' 
” . . — ...  c c 


RB  = 


cells  required;  RB  is  given  by: 
■ N 

\x) 

I X=R.  ^ 
c 


, 87660 

^ ^ V — n532 — , 


(11-32 


Here,  RW  is  the  cell  reliability  given  by: 

RW  = EXP  [-  (C  ' T(I)  / AB)^^]  (11-33) 

where 

AB  = EXP  [-  11.380958  + 0.23896921  - 0.  54986583D 

B 

- 0.  00050646174  + 0.  019307737  - 0.  0002374105D^]  (11-34 

BB  = EXP[-  138.  10332  + 0.  95927099  - 0.  19804227  D 


- 0.  0016717786  - 0.  0019619976 

Jd 

+ 0.  0011242688  T^D] 


> (11-35) 


C = TRUNC 


N 

o 

2ir 


D w 0,  50 


_R 

N 


and  P(Z)  = 


Z 

y 2tt  f 


-y  /2 


dy  as  before. 
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11.4.4 


Model  4 


This  model  is  applicable  to  a module  whose  life  is  normally 
distributed.  It  is  distinct  from  Model  2 because  redundancy  is,  added  by 
extending  the  mean  life  and  the  variance.  This  condition  is  applicable 
when  expendables  are  incremented; 


R [L,  T (I)  ] = 1 - P 


T(I)  - M ^ 

of 

e J 


(11-37) 


where 


P (Z) 


(11-38) 


Redundancy  Is  implemented  by  adjusting  U and  CT  as  follows: 

0 0 

is  replaced  by U +k  • A,, 
e ^ ^ e M 

CT  ^ is  replaced  by  + (k  • )^  ] 

where  k is  the  number  of  increments  added. 


11.4.5  Models 


This  model  is  an  extension  of  Model  1.  for  those  equipments 
whose  failure  rate  is  based  on  the  number  of  operational  cycles,  rather 
than  the  number  of  operational  hours.  A conversion  factor  (number  of 
cycles  per  hour),  which  is  derived  from  the  design  considerations  of  the 
hardware  subsystems,  is  used  to  convert  from  the  cycle  base  to  the  time 
base.  Then  Model  1 is  exercised  to  determine  the  reliability-time ’function. 


This  model  translates  the  failure  rate; 


X 


X . 

c • 


F 

c 


(11-39) 


where 


X is  in  units  of  failures  per  10^  cycles 

9 9 

F^  is  in  units  of  10  cycles  per  10^  hour. 

, then,  is  in  units  of  failures  per  10^  hours. 

The  algorithm  for  this  model  is  that  of  Model  1,  using  X,  the  trans- 
lated failure  rate.  For  thrusters,  F^  is  given  by 
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F = N./TRUNC 

c I 


(11-40) 


where  = ntomber  of  thruster  cycles  during  the  period  TRUNC 
11.4.6  Model  100 

It  maybe  desirable  to  optimize  the  redundancy  of  a system 
as  described  above,  and  then  determine  the  reliability  or  MMD  values  when 
the  entire  system  is  made  redundant  in  an  active  mode.  Model  100  re- 
sponds to  a program'  executive  command  to  calculate  reliability  and  MMD 
for  such  redundant  systems  where  one  is  required  and  one  or  two  are 
present. 

R [T  (I)  ] =■  1 - [l  - [T  (I)  (11_, 

where 

R [T  (I)  ] = reliability  of  single  system  at  time  T (I) 
s 

It  may  be,  that  a requirement  exists  for  the  elimination  of  all 
single -point  failures,  i.  e.  , the  requirement  may  be  that  every  functional 
element  in  the  system  have  at  least  one  backup  element.  This  require- 
ment could  be  satisfied  by  requiring  redundancy  in  all  modules  at  the 
start.  A user  option  permits  selection  of  initial  redundancy  or  bare 
bones  system. 
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12,  COST=K 


12.  1 BACKGROUND 

Previous  cost  models  that  use  parametric  estimating  methods 
usually  have  been  subsystem  oriented.  A deficiency  to  such  estimating' 
methods  is  that  independent  variables  in  a cost-estimating  relationship 
(CER)  always  influence  cost  in  the  same  way  regardless  of  the  makeup  or 
numbers  of  detail  components  in  a subsystem.  Thus,  if  weight  is  -the  in- 
dependent variable,  which  is  frequently  the  case,  each  additional  pound  added 
or  subtracted  always  changes  cost  by  a fixed  amount  despite  the  fact  that 
the  individual  components  that  are  changed  may  vary  considerably  in>  their 
cost  per  pound.  An  estimating  system  that  relies  on  a finer  grain  of  detail, 
i.  e.,  on  major  assemblies,  or  components,  should  help  to  alleviate  the  prob- 
lem. The  cost  model  described  in  this  section  is  part  of  an  overall  tnodel 
designed  fo  meet  the  requirements  for  such  an  estimating  system.' 

12.2  ' COST  DATA  BASE  ' 

A substantial  amount  of  cost  and  related  technical  data  has  been 
collected,  analyzed,  and  used  in  numerous  studies  for  NASA  over  the  past 
several  years.  Such  studies,  commencing  with  the  STS,  have  required  the 
development  of  cost  models  for  launch  vehicles  and  satellite  systems. 
Satellite  data,  covering  both  NASA  and  DOD  satellite  programs,  were  orig- 
inally oriented  to  produce  subsystem  cost  information;  however,  during  the 
course  of  data  collection,  it  was  apparent  that  for  many  programs  compon- 
ent information  could  also  be  obtained  with  little  additional  effort.  More- 
over, certain  studies  for  DOD  required  an  examination  of’ component  cost, 
quantity  and  related  technical  data.  As  a consequence,  the  satellite  cost 
data  base  at  Aerospace  grew  to  include  considerable  amounts  of  component 
information.  Such  information,  forms- the  raw  data  base  used  for  the 
Systems  Cost/Performanc.e  Model, 

*^The  term  “component'*  as  used  in  this  section  refers  to  subsystem 
components,  i.  e. , assemblies. 
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The  raw  cost  data  referred  to  above  are  run  through  a computer 
model  to  guarantee  comiTarability  with  respect  to  (1)  adjustments  for  yearly- 
price  changes,  (2)  allocations  to  components  of  program  management,  sys- 
tem engineering  and  integration  costs,  (3)  separation  of  recurring  and  non- 
recurring costs,  and  (4)  cost-quantity  adjustments  based  on  total  numbers 

•i^»  . 

of  full  prototype  and  flight  vehicles.'^  After  application  of  the  computer  pro- 
grami,  each  identifiable  component  is  shown  in  terms  of  weight,  quantity  per 
satellite,  and  estimates  of  engineering  design  and  development  cost  and 
average  unit  cost  (normalized  to  cumulative  average  for  the  first  5 units  in- 
cluding prototypes).  An  example  of  the  computer  program  output  covering 
a selected  sample  of  components  is  contained  in  Table  12-1.  Finally,  the 
computer  cost  figures  are  adjusted  manually  to  eliminate  average  amounts 
of  program 'management,  system  engineering,  integration  and  quality  con- 
trol costs  prior  to  use  in  CER  derivation.  Each  of  the  .steps  mentioned  - 
above  are  elaborated  upon. in  the  next  section  on  data  adjustment. 

12.  3 COST  DATA  ADJUSTMENTS 

To  maintain  comparability,  certain  adjustments  are  routinely 
performed  on  raw  cost  data.  In  many  instances,  these  adjustments  have 
been  performed  with  the  aid  of  computer  programs;  in  other  cases,  -manual 
computations  are  used. 

12.3.1  Yearly  Price  Changes 

Actual  cost  data  come  from  numerous  programs  that  have 

occurred  at  various  times  in  the  past.  Price  indexes  constitute  the  prin-. 

cipal  means  of  adjusting  data  to  a common  base;  for  this  study  the  base  year 

is  1971.  Thus,  all  basic  cost  that  is  used  either  directly  within  the  model 

or  in  CERs  that  support  the  cost  model  is  input  in  terms  of  constant  1971 

dollars.  Of  course,  the  output.of  the  model  can  be  expressed  in  other,  base 

^ ' 

Three  satellite  programs,  Tiros-’M,  DSP  and  DSCS-II,  currently  are 

fully  converted  to  a component  cost  data  output  system.  Portions  of  the 
data  output  on  five  satellite  programs  will  pro-vide  partial  component  infor- 
mation; Nimbus,  OGO,  Vela,  .Vasp,  Pioneer.  Four  other  programs,  OAO, 
Lunar  Orbiter,  ATS  and  Program  191  require  substantial  analysis  and  re- 
coding to  produce  component  data.. 
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Table  12-1.  Example  of  Computer  Output  for 
Selected  Components  ■ 


Control 
Elec.  , 

Hours 


Des.  Eng. 

34580 

Dev.  Test 

28292 

Unit  Eng. 

8179 

Unit  Prod. 

17644 

Cost  (1971  Dollars) 

Des.  Eng. 

705480 

Dev.  Test 

385797 

Dev.  Matl. 

78158 

Total  Devel.  Cost 

1169435 

Unit  Eng. 

166878 

Unit  Prod. 

239524 

Unit  Matl. 

109178 

Total  Unit  Cost 

515580 

Unit  Cost/ Pound 

42965 

Component  Wt. 

12 

Qt.  Per  Sat. 

1 

Reaction 

APT 

AVCS 

Damper 

Wheel 

Camera 

Caniera 

2324. 

- 9437 

5956 

9962 

1099 

13254 

11502 

31145 

549 

2232 

1409  ■ 

2356 

3845 

585 

7587 

4009 

44906 

191899 

100461 

179276 

12859 

316289 

134707 

401813 

317 

18662 

32098 

114902 

58082 

526850 

267266 

695991 

10622 

45393 

, 23763 

42407 

52934 

9818 

97355 

57076 

17258 

327. 

49945 

16756 

80814 

55538 

171063 

116239 

5772 

1322 

8772 

7749 

14 

42 

19 

15 

1 

1 

2 

2 
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years  at  the  discretion  of  the -user,  e.,g. , 1975  dollars.  -.The  price  index 
procedures  used  in  all  such  adjustments  are  based  on  the  method  described 
in  Reference  LZ-1,  The  actual  application  of  price  index  factors  is  done 
automatically  with  the  aid  of  a computer  program  that  also  makes  the 
adjustments  described  in  the  next  three  subsections. 

For. the  cost  model,  projections  of  satellite  prices  in  terms  of 
future  years  are  usually  needed,  and  the  same  rate  of  increase  in  price 
adjustments  for.  past  years  is  planned  for  use  in  projecting  the  future.  ' The 
text  table  below  .contains  ,price  index  factors  that  will  be  used  in  the-model 
for  the  years  1971  through  1975. 

Fiscal  Year  Price  Index  Factor 


1971 

1.  000 

1972 

1. 050 

1973 

1.  100 

1974 

■ 1. 176 

1975 

1.  227 

Allocations  to  Component  Cost 

The  raw  data  are  organized  so  that  three  types  of  cost  are  an  in- 
put to  the  computer  program:  (1)  component  identified,  (2)  subsystem  identi- 
fied, and  (3)  other  cost.  Component  identified  cost  refers  to  all  costs,  that 
can  be  directly  related  to  a particular  component  or  assembly  through'  a 
work  breakdown  or  job  order  system  of  cost,.accounting.  Such  accounting  ‘ 
systems  are  used  by  most  contractors  and  identify' varying  proportions  of  • 
cost  from  program  to  program.  Similarly,  certain  other  effort  can  be  iden- 
tified only  by  subsystem.  Examples,  would  be  electrical  power  subsystem 
qualification  testing,  reaction  control  system  design  or  inspection  of  com- 
munications equipment.  Still  other  cost  falls  into  overall  system  cate- 
gories such  as  receiving  inspection,  system  checkout  and  final  assembly, 
or  system  engineering. 
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The  computer  program  makes  two  allocations,  the  first  to  pro- 
rate subsystem  identified  costs  to  components  using  component  identified 
cost  as  a base  and  the  second  to  allocate  other  costs,  such  as  program 
management  and  system  engineering,  to  the  revised  component  base.  Al- 
locations are  made  on  the  basis  of  like  cost  elements,  i,  e. , engineering 
(hours  and  dollars),  development  (hours  and  dollars),  production  (hours  and 
dollars)  and  material  cost. 


Allocations  are  made  so  that  all  costs  are  attributable  to  com- 
ponents or  subsystems  in  a systematic  way.  Differences  in  accoxuiting 
practices  of  various  contractors  are  thereby  minimized  and  comparability 
of  important  cost  influencing  categories  is  improved. 


12.  3.  3 Separation  of  Recurring  and  Nonrecurring  Cost' 


With  the  exception  of  engineering,  many  functional  cost  elements 
lend  themselves  to  categorization  into  nonrecurring  and  recurring  cost  as 
illustrated  by  the  cost  data  format  used  for  inputs  to  the  computer  cost  data 
program,  (see  Fig.  12-1).  For  example,  DEV  cost  includes  all  manufacturing - 
type  cost  associated  with  support  of  development  and  development,  testing 
(nonrecurring)  and  MFG  cost  includes  all  manufacturing-type  cost  for  pro- 
duction of  prototype  and  flight  hardware  (recurring).  Typically, contractor 
job  order  or  work  breakdown  systems  identify  such  costs.  However,  it  is 
difficult  to  segregate  engineering  costs  by  such  categories  because  contrac- 
tors define  DDT&E  (nonrecurring)  and  sustaining  or  production  (recurring) 
engineering -in  diffe rent’ "ways , Moreover,  job  order  or  work  breakdown 
classifications  relating  to  engineering  functions  are  not  applied  or  used  uni- 
formly on  different  satellite  programs.  ‘ ‘ 


To  maintain  consistency  in  the- treatment  of  engineering  cate- 
gorization two  assumptions  have  been  made:  (1)  engineering  costs  increase 
if  a larger  quantity  of  satellites  is  manufactured  and  flown  on  a given  satel- 
lite program,  i.  e.,  costs  are  related  to  quantity  produced,  and  (2)  the  cost- 
quantity  relationship  is  quantifiable  in  terms  of  a log-linear  cumulative 
average  function  with  a b value  of  -0.515,  i.  e. , a 70-percent  curve.  Thus, 
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INPUT  FORM  FOR  COST  DATA.  BASK 
(KEYPUNCH  ALL  UNDERLINED  ITEMS) 


CO 

CT' 


PROJECT  _TASK^ 

CROSS  REFERENCE  TOTAL  COs/’ 


SUBCONTRACT 

<•.6 

CIRCLE  YES  Y 

ONE"  ^ 

• NO  N 

CIRCLE 

ONE- 

DEVELOPMENT  ENG 
PRODUCTION  ENG 
COMBINED  D&P  ENG. 

66 

D 

C5 

P 

6C 

c 

COMBINED  D&P  MFC 
(CIRCLE  IF  APPLICABLE) 

73 

SUBCONTRACT  AND  MATERIAL  BURDEN 


DIR  LAB  $ BURDEN  OV  PR  DIR  CHC  MATL  PURCHASED  SUBCONTRACT  G8.-A 


1 

ENG 

9 

17 

9S 

32 

<11 

49 

sv 

es 

73 

*DEV 

9 

1 7 

26 

33 

4 1 

49 

67 

P3 

73 

\lg 

9 

17 

26 

. ;3 

n 

49 

G7 

66 

73 

^MFG 

9 

17 

26 

33 

4 i 

49 

57 

e<> 

. 73 

1 

QC 

9 

17 

SS 

33 

41 

\9 

S7 

cs 

7J 

1 

CLEH 

\ 

17 

25 

33 

41 

49 

S7 

e*? 

7? 

’other 

9 

xxxxxxxx 

17 

XXXXXXXX 

25 

33 

41 

44 

XXXXXXXX 

67 

C6 

1 73 

1 

TOTAL 

9 

17 

26 

33  ' 

4: 

49 

57 

66 

7J 

Figure  12-1.  Input  Form  for  Cost  Data  Base 


using  such  a function,  the  engineering  required  for  the  first  unit  produced 
can  be  estimated,  which  is  also  a surrogate  for  design  engineering. 
Similarly,  the  engineering  reqmred  for  the  total  quantity  produced  {including 
prototype)  less  design  engineering  will  give  production  engineering.'  Little 
data  exist  to  verify  the  correctness  of  the  70-percent  curve;  however,  gen- 
erally so  few  satellites  are  produced  for  a given  project  that  any  error  in 
assumption  about  the  curve  slope  will  have  negligible  effects  on  cost  esti- 
mates. 

12.3.4  Cost -Quantity  Effects 

A particular  satellite  program  may  have  any  momber  of  flight 
and  prototype  \inits.  For  comparability  costs  must  be  adjusted  to  a common 
base.  The  base  judged  to  be  most  appropriate  is  five  units  because  that 
figure  tends  to  represent  a reasonable  average  of  the  satellite  programs 
analyzed.  (The  theoretical  first  unit  is  often  selected  in  other  cost  analysis 
work;  however,  the  average  cost  for  five  units  is  so  close  to  average  actual 
experience  it  is  deemed  the  most  appropriate  for  satellites. ) 

Manufacturing  effort  typically  follows  a cost-reduction  function 
when  related  to  quantity ’produced.  Because  of  the  relatively  few  satellites 
normally  produced  as  part  of  a given  program,  no  large  body  of  data  exists  . 
that  would  aid  in  accurately  measuring  such  cost- reduction  functions.  A 
90  percent  log-linear  ciomulative  average  curve  (i.  e.,  b = -0. 152)  has  been 
assumed,  based  on  preliminary  data  from  the  OGO  program.  Again,  the 
exactness  of  the  cost-quantity  slope  should  not  materially. affect  any  cost 
estimates  because  the  quantity  of  satellites  on  a program  is  generally  small. 

12.3.5  Adjustments  for  Program  Management  and  System  Engineering 

The  computer  program  allocates  overall  system  cost  categories 
(i.  e.  program  management,  system  engineering  and  integration,  and 
quality  control)  to  components  as  previously  described;  the  purpose  of  the 
allocations  is  to  achieve  comparability  of  total  component  cost  from  various 
programs.  For  the  cost  model,  such  categories  as  program  management. 
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etc.,  are  treated  separately;  thus,  any  component  data  base  must  exclude 
them  when  CERs  are  to  be  developed.  Accordingly,  the  computer-adjusted 
costs  described  above  are  reduced  by  applicable  percentages  that  are  based 
on  an  examination  of  data  from  all  available  satellite  programs.  Engineer- 
ing, development  (test  and  fevaluation),  and  production  costs  are  reduced 
by  34.  2,  30.  5 and  27.  5 percent,  respectively. 

12.4  COST  MODEL  DEVELOPMENT 

After  all  of  the  adjustments  are  made,  the  data  are  ready  for 
use  in  developing  the  CERs  needed  by  the  cost  model.  CERs  are  applied  in 
two  ways;  one  directly  within  the  cost  model  and  the  other  outside  the  model. 
Certain  items  within  the  model  are  basically  a function  of  the  types  of  com- 
ponents that  the  model  identifies  as  requirements.  These  items  are  struc- 
ture, thermal  control,  solar  arrays,  power  control  equipment,  power 
converters,  wiring  harness,  and  attitude  control  propulsion  tankage  and 
feed  systems.  Because  the  requirements  for  these  items  tend  to  be  variable, 
it  is  prudent  to  allow  costs  for  them  to  be  changeable  depending  on  the  inde-  / 
pendent  variables  that  relate  to  cost.  Costs  for  all  other  components  are  an 
input  to  the  program  cost  data  bank  and  the  cost  comes  from  component 
CERs  used  outside  of  the  model.  Further,  the  use  of  CER  generated  cost, 
rather  than  contractor  or  vendor  cost,  serves  to  dispel  any  possible  concern 
over  the  proprietary  aspect  of  the  program  cost  data  base.  For  "convenience, 
components  are  classified  as  CER  or  catalog  within  the  model;  the  former 
denotes  internal  CER  cost  items,  the  latter  are  cost  data  bank  items. 

12,4.1  CER  Categories 

Three  categories  of  cost  are  required  for  CER  items  and  input 
for  catalog  items:  design  engineering,  test  and  evaluation  and  unit  produc- 
tion. (A  fourth  category,  production  engineering,  is  a function  of  design 
engineering  and  is  not  a direct  input  or  CER  requirement.  ) Besides  indi-" 
vidual  component  cost,  the  model  must  generate  the  cost"  of  program  manage- 
ment and  related  categories:  ground  support  equipment,  satellite  launch 
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cost,  and  fee  or  profit.  Factors;  percentages  and  all  of  the  component 
CERs  stored  within'the  model  are  required  for  estimating  such  items. 

Finally,  factors  that  relate  the  effect  of  rediondancy  on  cost  are  required 
as  part  of  the  model. 

a.  Design  Engineering.  Design  engineering  cost  is  defined  as 
the  cost  of  all  engineering  effort  connected  with  the  planning, 
design,  development  and  qualification  of  a particular  compon- 
ent or  assembly.  As  previously  explained,  contractor  ac- 
counting systems  cannot  guarantee  comparability  of  costs; 
thus,  a standard  procedure  is  applied  to  the  cost  of  engineer- 
ing on  past  programs  to  achieve  a split  between  nonrecurring 
{design  engineering)  and  recurring  (production  engineering). 
Even  though  comparability  of  costs  should  be  enhanced  by 
such  a procedure,  variability  must  inevitably  be  expected. 
Factors  that  accovint  for  cost  variability  are  rework,  redesign, 
schedule  alterations,  and  amounts  of  design  inheritance  from 
similar  components  previously  developed.  When  CERs  are 
applied,  such  variability  tends  to  be  normalized. 

b.  Test  and  Evaluation.  Testing  encompasses  all  developmental 
and  qualification  effort  required  as  part  of  DDT&E.  Test 
and  evaluation  cost  includes  all  nonengineerihg  la.bor  and 
materials  connected  with  building  tooling  and  test  equipment, 
manufacturing  parts  for  test  and  conducting  development  and 
qualification  testing. 

c.  Unit  Production.  The  cost  of  all  manufacturing,  labor  and 
materials  used  to  fabricate,  assemble,  checkout  and  accept- 
ance test  full  prototype  and  flight  units  is  defined  as  unit 
production  cost. 


12.4.2  CER  Development  - Generalized  Procedure 

The  procedure  for  developing  CERs  consists  of  examining  all 
pertinent  data  and  determining  if  any  relationship  exists  between  a compon- 
ent's physical  or  performance  characteristics  (explanatory  variables)  and 
its  cost.  The  engineering  portion  of  the  over-all  model  produces  weight, 
quantity  required  per  satellite  and  other  physical  and  performance  data  that 
can  be  used  as  explanatory  variables;  thus,  a first  step  is  to  check  for  re- 
lationships between  the  engineering  model  output  and  cost.  ' Next,  the  re- 
lationship, if  it  appears  useful,  must  be  quantified.  Typically  a formula  of 
the  type  C^=K^  X ^E  is  used  to  quantify  the  relationship  where  C^  is  a 
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cost  category  (e.  g. , design  engineering),  is  a constant  for  design 

engineering,  X is  the  explanatory  variable  (e.  g.  , weight),  and  b^ 
is  the  exponent  of  the  variable.  In  addition,  factors  are  introduced  into 
the  equation  to  give  effect  to  the  selection  of  different  types  of  satellites 
or  subsystems;  for  example,  body-mounted  versus  paddle -mounted  solar 
cells  woTold  require  factors  equal  to  1 and  4,  respectively. 

Because  of  the  relatively  small  size  of  the  sample  of  data  points 
currently  available,  it  is  not  possible  to  apply  rigorous  statistical  proce- 
dures in  the  development  of  CERs.  Accordingly,  manual  plots  on  log-log 
graphs  of  costs  versus  explanatory  variables  have  been  used.  When  the  cost 
data  base  is  augmented,  it  may  be  possible  to  improve  the  CERs  (e.  g. , in- 
crease the  accuracy  or  resort  to  greater  stratification  by  satellite  or  sub- 
system type)  and  it  may  be  possible  to  apply  regression  methods  to  the  data. 

One  way  of  expanding  the  data  base  is  to  convert  existing  detailed 
cost  data. at  Aerospace  to  a component  format  through  the  process  of  recod- 
ing contractor  job  number  or  work  breakdown  identifiers.  Another  method- 
is  to  obtain  cost  data  for  additional  completed  projects.  A third  method  is 
to  use  contractor  estimates  of  cost  for  future  satellite  components.  (Such 
estimates,  however,  are  likely  to  be  vinreliable  if  past  experience  is  a guide. ) 

Within  the  .overall-  model,-  the  program  cost  data  bank  includes  an 
estimated  cost  for  each  component  (or  assembly)  that  is  cataloged.  In  ad- 
dition to  catalog  items,  certain  assemblies  or  subsystems  are  estimated  by 
CERs  that  are  internal  to  the  model,  as  previously  explained.'  All  costs, 
whether -catalog  or  CER-type  estimates,  exclude  system  engineering  and 
integration,  quality  control  and  program  management.  Such  costs  are  cal- 
culated by  means  of  average  percentages  applied  to  the  basic  component 
total  cost  categories.  The  percentages  were  derived  from  an  examination 
of  all  available  satellite  programs.  .Table  12-2  provides  all  percentages, 
and  the  cost  bases  to  which  they  are  applied,  that  are  used  for  estimating 
system-oriented  costs.  , . . . 
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Table  12-2.  Percentage  Allocations  of  System  Engineering, 
Quality  Control  and  Program  Management  ' 


Base 

. System 

Quality 

Program 

Cost'  Category 

Eng.  & Integ. 

Control 

'Management 

Design'  engineering 

32 

1.5 

19 

Test  and  evaluatior 

27 

14 

2 

Production  engineering 

32 

1.5 

19  . 

Production  (mfg.  ) unit 

22 

14 

2 

The  net  effect  is  that  the  original  cost  data  (examples  are 

shown  in  Table 

12-1)  are  adjusted  downward  to  subtract  such  system  costs  prior  to  CER 


development  and  the  model  adds  back  in  the,  costs  by  applying  the  noted 
percentages  to  the  CER  derived  cost  base.  . ' 


12.4.-3  CER  Development 

The  cost  model- CER  items,  currently  made  up  of  structures, 
thermal  control,  solar  array, - power  control  equipment,  ,power  converters, 
wiring  harness  and  propulsion  tankage  and  feed  systems,  are  handled 
internally'by  the- model;  all  other  items,  i,  e. , catalog  items,  are  input  to 
the  model  cost  data  base.  As  previously  explained,  all  of  the  costs  are 
based  on  CERs;  however,  at  this  juncture  either  insufficient  data  exist  or 
no  data  are  available  to  allow  development  of  CERs  .for  certain  components. 
Preliminary  estimates  have  been  made  for  data  base  catalog  items  where 
no  CER  is  currently  available,  thereby  allowing  the  model  to  be  operated. 

■ The  subsections  that  follow  contain  descriptions  of  each  CER 
{or  concludes  that  because  of  insufficient  data  no  CER  can  be  developed  at 
this  time).  Component  CERs  are  grouped  by  major  subsystem  and  include 
the  equation  plus  pertinent  remarks  concerning  factors  that  shoxild  be  ap- 
plied when  different  types  of  satellites  are  being  considered.  Log-log  plots 
of  the  data  for  each  CER  are  contained  in  Figures  12-2  through  12-63  and  are 
located  in  the  back  of  Section  12  for  easy  reference.'  Three  CERs  are 
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needed  for  each  component  - design  engineering,  test  and  evaluation,  and 

production.  All  CERs  are  considered  in  terms  of  constant  1971  dollars. 
The  following  listing  of  CERs  shows  C.p  and  Cp,  (design  engineering, 

test  and  evaluation,  and  unit  production,  respectively).  The  independent 
variable  is  often  component  weight  (denoted  by  W);  otherwise  the  variable 
will  be  mentioned.  When  differences  in  satellite  characteristics  appear  to 
influence  costs,  an  adjustment  factor  F is  used.  Where  information  to  devel- 
op a CER  is  currently  insiifficient,  the  notation  NA  (not  available)  is  given, 
a.  Stabilization  and  Control 

1.  Sun  Sensor  Assemblies  (Figs.  12-2  to  12-4) 

Cg  = 254,  845  W*  (12-1) 

C^  = 160,  000  (12-2) 

Cp=  7,  153W*^^^Fp  (12-3) 

The  plotted  data  (Fig.  12-4)  suggest  that  the  type 
of  control  system  applicable  to  a particular  satel- 
lite can  help  to  identify  cost.  The  factor  Fp  is  used 
to  adjust  cost;  it  is  1.0,  3.3,  or  7.5  for  spin,  3-axis 
or  oriented  solar  paddle  systems,  respectively. 


2.  Control  Electronic  Assemblies  (Figs.  12-5  to  12-7) 

C„  = 183,  910  W*^^^  (12-4) 

C^  = 122,  780  W (12-5) 

C„  = 29,  420  W*^^^  (12-6) 

Jr 

3,  Earth  Sensor  Assemblies  (Figs.  12-8  to  12-10) 

C^  = 36,  000  Fg,  (12-7) 

where  F„  = 13.5  if  satellite  is  3-axis  controlled 
or  has  paddle -mounted  solar  arrays;  F^  =1.0  for 
spin- stabilized  satellites. 

C,^  = 43,  440  W*  Trj,,  (12-8) 

where  F,^,  = 1.0  for  spin  satellites,  or  2.4  for  , 

3 -axis  or  oriented  paddle  arrays. 

Cp  = 11,  550  Fp  (12-9) 


where  Fp  =1.0  for  spin,  2.  2 for  3-axis  and 
5.  0 for  oriented  paddle  arrays. 
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b. 


4.  Rate  Gyro  Assemblies  (Figs.  12-11  to  12-13) 

= 134,  780  W 

710 

C„  = 51,  420 

^ 707 

Cp  = 22,  420  W*'^' 

5,  Reaction  Wheel  Assemblies  (Figs.  12-14  to  12-16) 


74*1 

C„  = 16,  730  W * 

■4'  sc;  c; 

= 9,  350  W • 

Cp=  7,  690  W*^^^ 

Control  Moment  Gyros 

NA 

Star  Sensors 

NA 

Nutation  Dampers 

NA 

Auxiliary  Propulsion 

1.  Thrusters  (Figs.  12-17  to  12-19) 

748 

C„  = 150,  000  W • ' ® 

748 

= 150,  000  W * 

Frj,  = 1.  00  when  thrust  is  greater  than  or 
equal  to  thruster  weight 


(12-10) 

(12-11) 

(12-12) 

(12-13) 

(12-14) 

(12-15) 


(12-16) 

(12-17) 


= 0.  25  when  thrust  is  less  than  thruster 
> weight 

Cp=  11,490  W (12-18) 

2.  Tanks  (includes  fill  and  drain  valves  and  relief 
valves)  (Figs.  12-20  to  12-22) 

7 17 

Cg  = 129,200  TWW  Fp  (dual-spin  satellites)  (12-19) 
Fp  = 0.  507 

TWW  = total  reaction  control  system  wet 
weight 

Cp  = 545,  640  TWW  F„  (for  all  other  (12-20) 

satellites) 

Fp  =0.268 

= 24,  160  TDW^^^  F^  (12-21) 

F,p  = 0.  325  for  dual  spin  satellites 

F,p  = 0.619  for  all  other  satellites 

TDW  = total  reaction  control  system  dry 
weight 
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(12-22) 


Cp  = 14,000  TDW*^^®  Fp  . 

Fp  = 0.615  for  dual  spin  satellites 
Fp  = 0,  840  for  all  other  satellites 

Detail  cost  data  concerning  reaction  control  tankage 
(including  fill,  drain  and  relief  valves)  is  currently 
available  'from  only  two  .satellite  programs . In  order 
to  broaden  the  data  base,  cost  and  weight  information 
for  total  reaction  control  system  was  used  as  a reference. 
Ratios  of  tank  costs  to  total  system  costs  for  the  two 
satellites  were  calculated  and  in  turn  were  applied  to 
total  reaction  control  costs  to  derive  the  tank  CERs. 

This  procedure  allowed  the  use  of  data  from  eight  pro- 
grams. 

c.  Data  Processing 

1.  Digital  Telemetry  Units  (Figs.  12-23  to  12-25) 

= 43,  170  W*^“"Fp  (12-23) 

F„  =1,0  for  low  data  rates 

jL 

E = 2.  7 for  high  data  rates 

*^T  = 28,780  W F^ 

• Fp  =1.0  for  comsats 
Fp  = 1.  9 for  all  other  satellites 

Cp  = 6,  894  W * Fp 

F„  =1.0  for  comsats 

Jr 

= 4,3  for  planetary  satellites 

Sr 

Fp  = 3.  0 for  other  satellites 

2.  Tape  Rec'brders  (Figs.  12-26  to  12-28) 

C„  = 77,720  W * 

557 

C_  = 71,  690  W ' 

548 

Cp  = 15,730  W 

3.  General  Purpose  Processors  NA 


(12-26) 

(12-27) 

(12-28) 


(12-24) 

(12-25) 
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d.  Electrical  Distribution 

1.  Command  Decoding  and  Distribution  Units 
(Figs-.  12-29  to  12-31) 

Cg  = 140,  390  (12-29) 

= 71,540  W ' (12-30) 

Cp  = 43,914  (12-31) 

2.  Wiring  Harness  (Figs.  12-32  to  12-34) 

= 3,920  (12-32) 

F^  =1.0  for  pnre-spin  satellites 
Fg  =5,0  for  all  other  satellites 
= 6,000  W*^®^F^  ■ (12-33) 

F^  = 1,  0 for  pure-spin  satellites 
Fp  = '5,  0 for  all  other  satellites 
= 2,050  W Fp  (12-34) 

' Fp'  =1.0  for  pure-spin  satellites 

Fp  = 3.  0 for  all  other  satellites 

e.  Communications 

1.  Antenna  (Figs.  12-35  to  12-37) 


= 

67,  970  W * ‘ 

(12-35) 

Cp  = 

49,850  W 

(12-36) 

S = 

12,  000  W • 

(12-37) 

Receivers 

(Figs.  12-38  to  12-40) 

*=E  = 

39,  500  W*^^^ 

(12-38) 

69,060  W 

(12-39) 

S = 

22,  190  W 

(12-40) 

Diplexers 

(Figs.  12-41  to  12-43) 

10,  940  . 

(12-41) 

Ct  = 

6,  680  W 

(12-42) 

Cp  = 

7,820  W * 

(12-43) 
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4.  Baseband  Assembly  Units  NA 

5.  Transmitters  NA 

6.  Command  Signal  Conditioners  NA 

f.  Electrical  Power 

1.  Batteries  (Figs.  12-44  to  12-46) 

Cj,  = 31,  000  AMPH  • for  battery  systems  (12-44) 

with  capacities  ^15  amp -hr 

AMPH  = amp-hr  of  total  battery  system 
in  satellite 

C^  = 42,  250  AMPH  * for  batteries  with  (12-45) 

capacities  > 15  amp-hr 

C^  = 99,  900  AMPH  * for  3 -axis  controlled  (12-46) 

and  oriented  paddle  satellites 

• C^  = 32,480  W F^  (12-47) 

F^  =6,0  for  3-axis  controlled  or  oriented 

paddle  satellites 

F^  = 1.0  for  all  other  satellites 

Cp  = 11,  470  W * Fp  '(12-48) 

Fp  = 4,  0 for  3 -axis  and  oriented  paddle 
satellites 

Fp  =1.0  for  all  other  satellites 

2.  Power  Control  Equipment  (Figs.  12-47  to  12-49) 

Cp  = 51,  383  W^®^Fp  (12-49) 

Fp  = 3.  2 for  3 -axis  and  oriented  paddle 
satellites 

Fp  =1.0  for  all  other  satellites 

Cp  = 87,  500  W Fp  (12-50) 

Fp  = 3.  1 for  3 -axis  and  oriented  paddle 
satellites 

Fp  =1,0  for  all  other  satellites 
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Cp  =-36,-660  W • Fp  (12-51) 

,=  4.0  for  3-axis  and  oriented  paddle  satellites 
Fp  = 1.0  for  all  other  satellites 

■3.  Solar  Array  (Figs.  12-50  to  12-52)  - . 

•C^=  41,  500  SF  - 34,  100- W ^°F.j.  (12-52) 

Fg'  = 4.  0 . for  deep  space  or  lunar  satellites 

F_  =1.0  for  all  other  satellites 

F - . 

SF  = square  feet  of  solar  array 
•^0 

Cp  = 34-,  100  W*  F,^  (12-53) 

Fp  = 4.  0 for  deep  space  or  lunar  satellites 


g- 


Fp  =1.0  for  all  other  satellites 
Cp  = 42.  678  SF  * Fp  (12-54) 

F„  = 2.  0 for  oriented  paddle  satellites 

Jr 

Fp  = r.  0.  for  all  other  satellites 

4.  Power  Converters  (Figs.  12-53  to  12-55) 

Cp  = 82,  800  (12-55) 

Cp  = 48,  640  W (12-56) 

Cp  =.  14,  870  W * (12-57) 

5.  Shunt  Regulator's  NA 

Total  Structure 


1.  Structure  (Figs.  12-56  to  12r58) 

Cp  = (13‘9,  000  W *^^^)  (Fp)  (STF)  (12-58) 

F„'=  2,5  for  3-axis  and  oriented  paddle  satellites 

hj  ' . . 

. F_-=  1.0  for  all  other  satellites 

hi  ■ ‘ , 

STF  = 1 + [ STRF  - (structure  weight/total  satellite 
weight )]/STRF,  if  STRF  > structure  weight/ 
total  satellite  weight;  otherwise 

STF=  1 - [(structure  weight/total  satellite  weight)  - 
STRf]  / (structure  weight/total  satellite 
weight)  _ lAR 

STRF  = . 5054  (total  satellite  weight)  * 
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= (48,  900  W (F^)  (STF)  (12-59) 

F^  =3.0  for  3-axis  and  oriented  paddle  satellites 

F^  =1.0  for  all  other  satellites 

Cp  = 53,  545  Fp  (12-60) 

Fp  = 4.  0 for  3-axis  and  oriented  paddle  satellites 

Ft3  = 1.0  for  all  other  satellites 
Jr 

2.  Thermal  Control  (Figs.  12-59  to  12-61) 

Cp  = 91,  287  W • Fp  (12-61) 

Ft-  = 2.  0 for  3-axis  satellites 
Fp  =1.0  for  all  other  satellites 
= 69,  338  W • . (12-62) 

Cp  = 9,  400  W Fp  (12-63) 

Fp  = 2.  0 for  3-axis  and  oriented  paddle  satellites 
Ft-  = 0»4  for  pure-spin  satellites 

ir 

Ft-  =1.0  for  all  other  satellites 
12.4.4  . Other  CERs 

Costs  for  ground  support  equipment  and  launch  ope  rations::  aice- satellite 
oriented.  The  CERs  developed  for  these  items  are  related  to  spacecraft 
total  design  engineering  costs  (SATp)  or  average  unit  costs  (SAT^)  for 
five  spacecraft. 

a.  Ground  Support  Equipment  (Fig.  12-62) 

Cq  = 49.  72  SATp  * F^-  (12-64) 

Fq  = 2.  121  for  '3-axis  and  oriented  paddle  satellites 
F^  = 0.409  for  communication  satellites 
F^  = 1.  000  all  other  satellites 

b.  Lla^mch  Operations  (Fig,  12-63) 


•.  588 
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Cost  Factors  for  Redundancy 

The  question  of  redundancy  and  its  relation  to  cost  is  handled 
in  two  ways  depending  on  whether  or  not  the  component  affected  is  a CER 
or  catalog  item.  If  a CER  item  is  involved,  no  further  action  is  taken  by 
the  model  because  the  independent  variable  in  the  CER  will  reflect  the  ef- 
fects of  redundancy.  For  catalog  items,  the  following  procedure  is  applied. 
First,  design  engineering  is  adjusted  to  reflect  the  change  in  development 
test  provided  by  engineering;  this  is  accomplished  by  comparing  the  quan- 
tity of  components  required  (including  redundant  components)  per  satellite 
with  the  base  quantity  per  satellite  and  using  the  results  with  Equation.  (12-66) 
to  develop  a cost  adjustment  factor.  (The  adjusted  design  engineering  will 
also  have  an  effect  on  unit  production  engineering  cost  because  the  two  are 
directly  related.  ) Next,  the  test  and  evaluation  cost  category  is  adjusted 
in  the  same  manner  as  design  engineering,  except  that  the  numerical  con- 
stants in  Equation  (12-67)  are  different.  Finally,  unit  costs  are  affected;  how- 
ever, the  effects  are  indirect.  Unit  engineering  will  be  altered  because  of 
its  relationship  to  design  engineering  and  different  quantities  per  satellite 
will  result  in  associated  learning  curve  changes.  Accordingly,  no’  addi- 
tional factors  are  applied  to  unit  costs.  ’ 

The  formulas  used  for  DDT&E  adjustment  factors  are  as  fol- 
lows: 

Design  Engineering  Factor 

Fj^j  = 0.8875  + 0.  1125  Fq  (12-66) 

where  Fq  = (base  quantity  + redundant  quantity) /base  quantity 

Test  and  Evaluation  Factor  (D.pj^) 

^Ti  = 0,3  -t  0,  7 Fq  (12-67) 
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The  numerical  constants  in  Equations  (12-66)  and  (12-67)  were  derived 
from  the  results  of  a DOD  study  (Ref.  12-2)  that  examined  the  changes  in 
cost  of  DDT&E  and  production  as  redundancy  was  added  to  or  subtracted 
from  a baseline  satellite  configuration.  The  equations  are  applied  in  the 
same  manner  to  all  catalog  items. 

12.  5 COMPUTER  COST  MODEL 

The  purpose  of  the  cost  model  computer  program  is  to  pro- 
vide a method  of  interacting  with  the  engineering  model  output  to  produce 
cost  estimates  rapidly.  The  objective  of  this  section  is  to  outline  the 
major  steps  in  the  program  that  rnake  up  the  cost  model. 

For  each  component  selected  from  a particular  design, 
the  computer  program  directly  accepts  as  inputs  certain  outputs  from  the 
engineering  model  such  as  weight,  performance  and  quantity  information. 
To  produce  cost  estimates,  the  program  first  considers  all  components 
identifiable  as  CER  items  and  applies  internally  stored  CERs.  Next, 
costs  .for  catalog  items  are  obtained  from  a stored  cost  data  base.  The 
effects  of  redundancy  are  then  estimated  through  the  application  of  stored 
factors.  All  component  costs  are  summed  by  major  category  (i.  e.  , 
design  engineering,  test  and  evaluation,  unit  engineering  and  unit 
production)  for  subsystems  and  total  spacecraft.  The  costs  of  system 
engineering  and  integration,  quality  control  and  program  management 
are  calculated  by  applying  the  factors  discussed  in  Paragraph  12.4.2  to 
spacecraft  total  cost  categories.  Finally,  quantity  data  concerning  the 
number  of  full  qualification  units  and  total  number  of  flight  vehicles  are 
used  to  calculate  total  DDT&E,  investment  and  operations  cost.  Other 
costs  such  as  ground  support  equipment  (GSE)  and  launch  support  are 
also  covered  by  the  program.  The  subsections  that  follow  present  a 
detailed  discussion  of  exactly  how  the  program  accomplishes  all  of  the 
above  steps. 
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12. 5.  1 


Program.  Inputs 


Depending  on  the  source,  inputs  can  be  classed  in  three 
ways:  (1)  user,  (2),  program  stored,  and  (3)  engineering  model  (output). 
User  inputs  deal  with  type  of  mission,  cost  of  mission  equipment  (the 
computer  model  treats  only  the  basic  spacecraft),  fee  or  profit  percent- 
ages and  quantities  required  for  calctilating  total  program  cost.  Default 
or  nominal  values  are  provided  in  case  the  user  cannot  ascertain  a par- 
ticular input  value.  The  inputs,  program  acronyms  and  default  values 
are  presented  in  Table  12-3. 


Table  127  3.  Cost  Model  User  Inputs 


Item 

Acronym 

Default  Valu( 

Number  of  Qualification  Satellites 

QV 

r 

Number  of  Flight  Satellites 

FV 

4 . 

Mission  Equipment  DDT&E  Cost 

ME^ 

0 

Mission  Equipment  Average  Unit  Cost 

MEu 

0 

Mission  Equipment  Weight 

ME.^ 

0 

Contractor  Fee  or  Profit  Percentage 

FEE 

.07 

Type  of  Mission 

- Comm\mications 

COM 

NA 

- Earth  Observation 

EO 

NA 

- Lunar 

LUN 

NA 

- Planetary 

PLN 

NA 

There  are  two  types  of  program-stored  inputs;  the  first 
includes  catalog  item  cost  data  and  the  second  covers  factors  that  operate 
on  component  costs.  Outside  of  the  model,  cost  data  are  calculated  for 
each  catalog  component  that  can  be  identified  by  the  engineering  model; 
the  total  information  thus  identified  constitutes  the  program  cost  data 

Must  include  applicable  fee  or  profit 
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base.  The  catalog  item  inputs  and  appropriate  program- acronyms  for 
each  are  listed  below: 


Catalog  Input 


Program  Acronym 


Design  engineering  cost 
Test  and  evaluation  cost 
Unit  production  cost 

(Cumulative  average  for  5) 

Reference  quantity  per  satellite 

The  first  three  items  have  been  defined  and  discussed  in  Paragraph  12.4.  1. 
The  fourth  item  refers  to  the  quantity  per  satellite  nominally  required 
by  satellites  for  a particular  component;  an  example  would  be  batteries 
where  typically  need  for  such  information  arises 

from  a requirement  to  give  effect  to  redxindancy  within  the  cost  model; 
its  use  is  included  as  part  of  the  redundancy  factor  discussion  in 
Paragraph  12.4.5. 

Factors  are  stored  in  the  program  and  are  used  to:  (1)  ad- 
just cost  to  a particular  base  year,  and  (2)  to  treat  redundancy.  Base  year 
costs  are  currently  stated  in  terms  of  1971  dollars;  the  price  index  factor 
is  PI  and  is  applied  to  all  catalog  and  CER  component  costs.  The  effect 
on  component  development  cost  of  redtmdancy  is  calculated  by  applying 
factors  F tp  design  engineering  and  F„,  to  test  and  evaluation. 

Values  for  these  factors  are  derived  within  the  model  by  comparing  the 
quantity  per  satellite  for  each  component  in  a particular  design  with  the 
reference  quantity,  equations  for  these  redundancy  factors 

are  stored  within  the  model. 

The  last  major  set  of  inputs  needed  by  the  cost  model  is 
internally  derived  from  the  engineering  model  output.  The  model  pro- 
duces for  each  component  (i)  in  a particular  design  its  weight  (W^), 
quantity  (NCHOSE^)  and,  ior  selected  CER  items,  physical  or  performance 
variables  such  as  square  footage  of  solar  arrays,  total  APS  subsystem 
dry  and  wet  weight,  and  total  satellite  wet  weight. 


COMPEj^ 

COMPTj^ 


^REF 
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12. 5. 2 


Program 


The  program  first  operates  on  all  CER  items  and  then 
treats  catalog  items.  Eor  CER  items,  the  cost  equation  for  design  en- 
gineering takes  the  general  form; 


where 


COMPE 


COMPE, 


= COMPE^  F^^^PI 


= ^E  V 


^RE2  “ factor  for  type  of  subsystem 

PI  . = price  index 

Kg  = constant  ■ 

Xg  = independent  variable 

bg  = power  term 

F or  test  and  evaluation,  the  general  form  is; 

COMP.T  = ^rT2^^ 


where 


RT2 


= constant 

= independent  variable 
= power  term 

= factor  based  on  subsystem  type 


For  unit  engineering,  the  general  form  of  the  equation  is: 


COMPgg  = COMPE  (Q* 


-1)  PI/Q 


where  Q = QV  + FV. 

The  general  form  for  unit  production  is; 


COMPgp  = Kp  x/  Q "•  FuP2^^/* 
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where 

X. 


UP2 


= constant 

= independent  variable 
= powe  r te  rm 

= factor  based  on  subsystem  type 


The  CER  constants,  independent  variables,  power  factors  and  satellite 
or  subsystem  type  factors  are  presented  in  Tables  12-4  through  12-6. 

For  catalog  items  the  equation  for  design  engineering  is: 


= 1000  COMPEj^  PI 


COMPE 

For  test  and  evaluation,  the  equation  is: 
COMPT  = 1000  COMPT 
For  unit  production,  the  equation  is:  - 


F PI 
R TI 


COMP^  = 1000  PgQp  *®^®PI/.783  Q 


and  the  equation  for  unit  engineering  is: 


.485 


COMP^^  = 1000  COMPE  (Qp  • - 1)/ Q 


(12-73) 


(12-74) 


(12-75) 


(12-76) 


where 


RI 

F 

TI 

Wp 

NCHOSE. 


= 0.8875  + 0.  1125  F, 


Q 


= 0.3  + 0.7  F 


Q 


and  F 


Q 


a. 


= Q (NCHOSE^) 

= - Number  per  satellite  for  component  (i) 

= NCHOSE. (Fq  s 1.0). 

For  each  CER  component  (or  assembly)  the  program 
calculates  COMPE*,  COMPT,  COMP'^p^  COMP^.^ 
using  Equations  (12-68)  through  (12-72),  and 


COMP. 


R 


= COMPE  + COMPT 


(12-77) 


• b. 


*For  solar  arrays  only,  COMPE^^  - Kp  ^ 
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Table  12-4.  Design  Engineering  CER  Data 


CER  Item 

Constant 

(Ke) 

Variable.  Power 
(Xj,)  (b^) 

F actor 
^^RE2^ 

Satellite  or 
Subsystem  Type 

Solar  array 

41,500 

SF 

0..627 

4.0 

Lunar,  planetary  or  paddles 

41,  500 

SF 

0.627 

1.0 

Other 

Wiring  harness 

3,920 

W 

0.  715 

1.  0 

Pure -spin 

3,  920 

W 

0.716 

5.0 

Other 

Thermal 

91,287 

W 

0.  5 

2.0 

3 -axis  controlled 

91,287 

W 

0.5 

1.0 

Other 

Converters 

82,800 

W 

0.  62 

1.0 

Power  control 

51,  383 

W 

0.  587 

3,  2 

3 -axis  plus  paddle  arrays 

equipment 

.51,  383 

W 

0.  587 

1.  0 

Other 

Propellant  feed 

545, 640 

' TWW 

0.222 

0;-268 

■Other 

129,200 

TWW 

0.272 

0.  507 

Dual  spin 

Structure 

139,000 

W 

0.  393 

2.5  STFjj,  3-axis  and  paddle  arrays 

139,000 

W 

0.  393 

1.  0 STF  Other 

* STF  = 1 + (STRF  - RATIO) /STRF,  if  STRF  ^ RATIO 

STF  = 1 - (RATIO  - STRF) /RATIO,  if  STRF  < RATIO 


where  STRF  = 0.  5054  (satellite  wet  weight) 

and  RATIO  = structure  weight/ satellite  wet  weight 
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Table  12-5.  Test  and  Evaluation  CER  Data 


CER  Item. 

Cons  tant 
(K^) 

Variable 

(X^) 

Solar  array 

3'4,  100 

■ w 

34,  100 

w 

Wiring  harness 

6,000 

w 

6,000 

w 

Thermal 

69,  338 

w 

Converters 

48,640 

w 

Power  control 

87, 500 

w 

equipment 

87, 500 

w 

Propellant  feed 

24,  160 

TDW 

24,  160 

TDW 

Structure. 

48,  900 

W 

48, 900 

W 

Power 

Factor 

Satellite  or 

(Frt2) 

Subsystem  Type 

0 . 5 

4.0 

Lunar,  planetary  or  paddles 

0.5 

1.0 

Other 

0.585 

1.0 

Pure -spin 

0.585 

5,0 

Other 

0.  5 

1.0 

All 

0.  62 

1.  0 

All 

0.  301 

3.  1 

3 -axis  plus  oriented  paddles 

0.  301 

1,  0 ' 

Other 

0.675 

0.  325 

Dual  spin 

0.675 

0.619 

Other 

0.41 

* 

3.0  STF.;^  3-axis  plus  oriented  arrays 

0.41  ■ 

1.0  STF 

Other 

see  Table  12-3 
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Table  12-6.  Unit  Production  CER  Data 


CER  item 
Solar  array- 

wiring  harness 

Thermal 

Converters 

Power  control- 
equipment 

Propellant  feed 


Constant 

■ (Kp) 

Variable  , 

(Xp) 

Power 

(bp) 

Factor 

^^UP2^ 

Satellite  or 
Subsystem  Type 

42, 678 

SF 

0 # 444 

2,  0 

Oriented  arrays 

42, 678 

SF 

0,444 

1.0 

Other 

2,  050 

W 

0.745 

1.  0 

1 

Pure -spin 

2, 050  • 

. w 

0,745 

3.0 

Other 

9,400 

w 

0 . 566 

2.  0 

3 -axis  plus  oriented  arrays 

9,  400 

w 

0,566 

0.4 

Pure  - spin 

9,400 

w 

0,566 

1.0 

Other  ■ 

14,872 

w 

0.738 

1.0 

All 

36,  660 

w 

0.  182 

4.  0 

3 -axis  plus  oriented  arrays 

36,  660 , 

w 

0.  182 

1.  0 

Other 

14,  000 

TDW 

0.668 

0,  84 

3-cixis  or  oriented  arrays 

14,  000 

TDW 

0 . 668 

. 0.615 

Other 

53,545 

w 

0.263 

4.0 

3 -axis  plus  oriented  arrays 

53,  545 

w 

0.263 

1.0 

Other 

Structure 


COMPy  ^ 

= COMPGP  + COMPy^ 

(12-78) 

COMPgp 

= 0.  783  COMPyp  Q* 

(12-79) 

COMPgg 

= 0.2365  COMPGP  Q/(Q*^®®  -1) 

(12-80) 

where 


COMPj^. 

COMPy 

COMPgp 

COMPgE 


sum  of  design  engineering  and  test  and  evaluation  • 

sum  of  unit  engineering  and  unit  production 

cirmulative  average  unit  production  cost  for 
first  five  satellites 

cxxmulative  average  unit  engineering  cost  for 
five  satellites 


b.  For  each  catalog. item  (component)  the  program 

calculates  COMPE,  COMPT,  COMP^p,  COMP^^, 

COMPj^,  COMP.JJ,  Equations  (12-78)  through  (12-78), 

and 

COMPgp  = 200  Pg  PI/'  783  (12-81) 

COMPgj,  = 200  COMPE  (Qg*^®^  -1)  (12-82) 


where 

Qg  is  five  times  the  quantity  per  satellite  of  component  (i). 

c.  For  each  subsystem,  summations  are  performed  as 
exemplified  by  the  following  equations: 


SUB^ 

= 

S COMPE 

' 

SUBp 

::: 

S COMPT 

SUB^ 

= 

2 COMPj^ 

SUBD- 

- 

2 COMP^.,^ 

UE 

UE 

SUByp 

— 

2 COMPGP 

- (12 

SUB^ 

2 COMP^ 

SUBgE 

=: 

2 COMPgp 

SUBgp 

= 

2 COMPgp 
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d. 


For  the  basic  spacecraft,  the  following  categories  are 
summed  from  the  subsystem  totals; 


SYS^ 

— 

E SUB^ 

SYS^ 

S SUB^ 

SYS^- 

= 

S SUB„ 

Jx 

SYSue 

= 

E SUB^g 

SYS^ 

ESUB^ 

SYSy 

= 

E SUB^ 

SYSse 

= 

E SUBgp 

SYSgp 

s 

E SUB.T3 
5P 

(12-84) 


System  oriented  costs  are  estimated  using  the  previous 
summations  as  bases  for  calculations.  All  of  the  system 
costs  are  added  to  the  base  after  all  calculations  have 
been  made,  i.  e. , no  system  cost  is  in  a base  used  for 
estimating  any  other  system  cost.  The  equations  for 
quality  control  are: 


QC^  = 0.015  SYSj, -b  O.  14  SYS^ 

QC^  = 0. 015  SYS^^  +.  0. 14  SYS^jp  (12-85) 

QCp  = 0.  015  SYSct:,  + 0.  14  SYSct3  . 

b 5E  5P 

where  QC  is  quality  control  and  the  subscripts  R,  U and  5 

stand  for  DDT&E,  average  unit  cost  and  average  cost  for 

the  first  five  spacecraft,  respectively. 

For  system  engineering  and  integration  (SEI) 

SEIj^  = 0.  32  SYSg  + 0.  27  SYS^ 

SEI^  = 0. 32  SYSyp  + 0. 22  SYS^p  (12-86) 

SEIg  = 0.^32  SYSgg  + 0.  22  SYSgp 

For  program  management  (PM) 


PM^  = 0.  19  SYSp  + 0.  02  SYS^ 

PM^  = 0.  19  SYSyj,  + 0.  02  SYS^p 

PMg  = 0.  19  SYSg^  + 0.  02  SYS^p 


(12-87) 


and  for  tooling  and  test  equipment  (TOOE) 

•TOOL„  = TOOL^t  = TOOLc  = 0 (12-88) 

rC  U D 

because  such  costs  are  subsummed  under  test  and  evaluation. 
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f, 


g. 


Total  spacecraft  (SAT)  cost  is  calctiiated  by  summations 
as  follows:  - ' - 


SATj^  = SYSj^  + TOOLj^  + + SEI^  + 

SAT^  = SYSy  t TOOL^  + QC^  + SEI^  + PM^ 

SATg  . = SYSg  + TOOL^  + QC^  + SEI^  .+  PM^ 

Ground  support  equipment  (GSE)  cost  is  based  on  the 
-equation : 

GSE  = 49.  72  SYS„*^®^ 

iij  G 

Unit  launch  support  (L^.)  cost  is  based  on  the  equation 
= 3.10  SATg*^®® 

Total  launch  support  is: 

Ltot  = 


(12-89) 


(12-90) 

(12-91) 

(12-92) 


h.  Total  program  costs  are  calculated  by  adding  mission 

equipment  cost,  which  is  an  input  by  the  user  (or  is  set 
to  0 if  default  condition  holds). 


PAYj^ 

= SATj^  + MEj^ 

(12-93) 

^^^QUAL 

= QV  (SAT^  -f  ME^) 

(12-94) 

^INV 

= (FV)  MEy 

(12-95) 

= (FV)=SAT^ 

(12-96) 

- SATjj^y  + MEjj^y 

(12-97) 

In  addition. 

fee  or.  profit  must  be  entered  into  the  total 

as  follows  for  total  DDTE: 

FEE,, 

R 

= FEE  [SATj^  + (QV)  SAT^  + GSeJ 

(12-98) 

DDTE 

= PAYj^  + + GSE  + FEEj^ 

(12-99) 

For  total  investment  (NVEST): 

^™INV  ■ 

= FEE  (SATjj^.^^) 

(12-100) 

NVEST 

= PAYjj,^+FEEj^ 

(12-101) 

For  launch 

support  (OPS): 

OPS 

= (1.0  -t  FEE).  . • 

(12-102) 
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Figure  1 
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Figure  12-4.  Sun  Sensor  Assemblies:  Production  Average  Unit  Cost  versus  Weight 
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Figure  12-5 
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Figure  12-6 
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Figure  12-11,  Rate  Gyro  Assemblies:  Design  Engineering  Cost  versus  Weight 
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Figure  12-13,  Rate  Gyro  Assemblies:  Production  Average  Unit-Cost  versus  Weight 
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Figure  12-14.  Reaction  Wheel  Assembly;  Design  Engineering  Cost  versus  Weight 
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Figure  12-16. 
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Figure  12-20.  Total  Reaction  Control  Syatem:  Design  Engineering  Cost  versus 
Weight  (Including  Propellant) 


12-50 


Figure  12-21.  Total  Reaction  Control  System;  Test  and  Ev 


PRODUCTION  AVERAGE  UNIT  COST 
(thousands  of  dollars  - 1971) 


. DESIGN  ENGINEERING  COST 
(thousands  of  dollars  - 1971} 


■ PRODUCTION  AVERAGE  UNIT  COST 
(thousands  of  dollars  - 1971) 


Figure  12-26.  Digital  Telemetry  Units:  Production  Average  Unit  Cost  versus  Weight 
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Figure  12-27.  Tape  E 
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Figure  12~29.  Cormnaad  Decoding  and 
Engineering  Cost  versu 
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Figure  1E-.32,  Wiring  Harness:  Design  Engineering  Cost  versus  Weight 
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■Figure  12-35.  Antenna:  Design  Engineering  Cost  versus  Weight 
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Figure  12-37.  Antenna:  Production  Average  Unit  Cost  versus  Weight 
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Figure  12-44.  Batteries:  Design  Engineering  Cost  versus  Ampere-Hours 
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Figure  12-45.  Batteries;  Test  and  Evaluation  Cost  versus  Weight 
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Figure  12 
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Figure  12-.49.  Pow.er  Control  Equipment:  - Production  Average  Unit  Cost  versus  Weight. 
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■Figure  lE-52,  Solar  Array:  Production  Average  Unit  Cost  versus  Square  Feet 
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Figure  12-56.  Structure;  Design  Engineering  Cost  versus  Weight 
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Figure  12-57,  Structure;  Test  and  Evaluation  Cost  versus  Weight 
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Figure  12-58.  Structure:  Production -Average  Unit  C.qst  versus  Weight 
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Figure  12-59.  Thermal  Control;  Design  Engineering  Cost  versus  Weight. 
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Figure  12-61.  Thermal  Control:  Production  Average  Unit  Cost  versus  Weight 
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Figure  lE-62.  ' 
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13.  SCHEDULE 


13. 1 GENERAL 

The  method  for  determining  nominal  schedules  is  based' upon 
the  fact  that  component  and  subsystem  direct  DDT&E  costs. are  measures 
of  hardware  complexities.  Thus,  it  is  feasible  to  devise  a me^rhod  of 
determining  nominal  schedules  if  direct  DDT&E  costs  are  known  for  the 
components  of  the  various  subsystems  used  in  the  system.  .Once  these 
schedules  are  determined,  total  DDT&E  costs  may  be  determined  by 
adding  those  terms  dependent  directly  and  primarily  upon  schedule  dura- 
tion (e.g.,  project  management).  Figure  13-1  diagrams  the  basic  approach. 

In  order  to  provide  credible  results,  the  output  data  is  limited 
to  the  following  lead  times: 

a.  Component  design  and  development- (for  major  components) 

b.  Subsystem  development  (for  each  subsystem) 

c.  Component  qualification 

d.  Subsystem  qualification 

e.  System  development,  test,  and  flight  readiness 

Because  the  method  is  primarily  emperical  and  has 

not  been  tested  with  adequate  data,  it  must  be  considered  preliminary. 

13.2  SCHEDULE  MODEL 

13.2,1  Definitions 

Activities  not  explicity  stated  in  either  Figure  13-1  or  the  re- 
lationships given  below  are  implicitly  a part  of  the  • functions  which  are 
stated.  The  unstated  activities  include:  (a)  preparation  and  approval  of  test 
plans,  specifications,  schematics,  layouts,  and  installation  drawings; 

(b)  fabrication  of  Hardware,  test  equipment,  checkout  equipment,  and 
mockups;  (c)  simulations;  (d)  special  approvals,  (as  for  phases);  and 
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13- 


Figure  13-1.  Nominal  Schedule/Cost  Computation  Diagram 


(e)  analysis..  Note  that  design  is  not  separated  from  development;  this 
is  an  example  of  where  other  activities  are  implicit,  such  as  detail  speci~ 
fication  preparation  and  fabrication. 

•The  term  "direct  DDT&E  cost"  used  in  this  model  contains 
all  DDT&E  costs  except  those  elements  which  are  directly  proportional 
to  time  such  as  program  management.  Total  DDT&E  cost  is  referred 
to  as  DDT&E  cost. 

The  term  "base"  value  is  used  to  refer  to  schedule  values 
obtained  from  an  actual  component,  subsystem,  or  satellite. 

The  following  activities  are  explicitly  used  in  the  scheduling 

mode: 

a.  Component  Design  and  Development  (Ted)  - The  lead  time 
here  includes,  all  activities  from  the  initiation  of  subsystem 
or  component  design  (whichever  comes  first)  through  com- 
plete development  of  the  component.  This  includes  the 
preparation  of  the  subsystem  specification  and  layout,  tiie 
detailed  component  specification,  any  approvals  in  the  phase, 
and  detailed  component  design. 

Component  Qualification  (Tf.q)  - The  definition  includes 
items  (if  required)  such  as  test  plan  approval  (which 'may  be 
incorporated  in  the  specification  approval)  and  test  report 
preparation  and  approval,  as  well  as  ■the  actual  tests  and 
changes  to  qualify  the  component.  This  lead  time  includes 
redesign  and  shop  time  for  normal  changes  to  pass  test. 

Subsystem  Development  (Tg^)  - This  time  incorporates  all 
■ activities  associated  with  the  development  of  every  subsystem 
from  start  of  development  through  environmental  tests  which 
are  in  the  nature  of  prequalification  tests.  The  start  depends 
upon  availability  of  all  components  in  a condition  where  they 
perform  satisfactorily  at  least  under  laboratory  conditions. 
Thus,  time  for  usual  changes  is  also  a part  of  the  nominal  time. 

, Subsystem  Qualification  (t Qq)  - This  time  is  the  equivalent 
of  component  qualification  for  every  subsystem.  It  also  ends 
at  approval  of  the  qualification  test  report. 

e*'  System  Development,  Test,  and  Flight  Readiness  (Tf)  - System 
development  starts  when  spacecraft  .subsystems  are  ready  for 
assembly  into  a system  and  ends  when  all  physical  and  ftinc- 
tional  interfaces  have  been  checked  and  approvals  given  to 
proceed  into  flight  readiness  test.  It  includes  prequalification 
testing. . 
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Flight  readiness  and  checkout  tests  follow  the  development  and  . 
are  run  with  the  complete  satellite.  This  may  entail  a complete 
qualification  test  of  the  satellite,  including  vibration  tests, 
acoustic  tests,  shock,  space  simulation,  and  check  of  all  -sub- 
systems and  mission  equipment.  Interface  and  performance 
with  checkout  equipment  to  be  used  at  the  launch  site,  EMI 
tests  under  launch  site  conditions,  verification  of  compatibility 
with  all  AGE  and  AVE,  and  finally  countdown  and  countup  checks 
are  typical  of  the  functions  of  this  activity,  ctilminating  in 
first  flight. 


13.2.2  Assumptions 


a.  Component  direct  DDT&E  cost  is  a direct  measure  of  component 
complexity  and  is  proportional  to  the  direct  charge  engineering 
and  technician  manhours  necessary  to  develop  and  qualify  it. 

b.  Lead  time  for  development  of  each  component  and  for  each 
subsystem  varies  from  a rtiinimum  value  as  a direct  exponential 

■ of  the  ratio  of  men  assigned  to  the  men  assigned  in  the  base 
case.  A starting  value  to  be  adjusted  as  data  becomes  available 
■ is  that  the  ratio  of  men  assigned  to  the  men  assigned  in  the  base 
case  varies  directly  as  the  square  roqt  of  the  lead  time  ratio. 

A starting  value  for  the  minim tim  value  is  that  the  minimum 
lead  time  is  70  percent  of  the  base  value. 

c.  Lead  time  for  qualification  of  each  component  and  each  sub- 
system varies  linearly  as  a weak  function  of  complexity  from 
a minimum  value.  It  therefore  varies  directly  with  DDT&E 
cost,  as  a consequence  of  assumption  "a".  A starting  value 
for  the  minimum  lead  time  is  90  percent  of  the  base  value. 

d.  The  state-of-art  directly  affects  the  component  and  subsystem 
development  lead  times.  Each  component  has  a state-of-art 
lead  time  factor.  A,  determined  according  to  Table  13-1. 


Table  13-1.  State- of- Art  Factors 


Description 

A 

Off-the-shelf  unit 

0.  7 

Similar  to  an  existing  vinit 

1.0 

A new  concept  combining  technology 

in  use  on  other  components 

A new  concept  requiring  reasonably 
predictable  technology  advance 

2.0 
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A subsystem.  state-o£-art  factor,  As»  determined  independently 
of  the  values  of  A,  using  the  same,  value  judgment  approach. 

e.  Subsystem  development  lead  time  is  a weak  exponential  hinction 
of  the  number  of  redimdant  components.  A starting  value  for 
the  exponent  of  the  number  of  parallel  components,  whether 
active  or  standby,  is  1/8.  A starting  value  for.  the  minimum 
value  is  that  the  minimum  lead  time  is  70  percent  of  the  base 
value . 

£.  Subsystem  qualification  lead  time  varies  linearly  as  a weak 

function  of  complexity  from  a minimum  value,  having  the  same 
form  as  the  component  qualification  function.  A starting  minimum 
value  is  90  percent  of  the  base  value. 

g.  System  lead  time  is  directly  proportional  to  the  pacing  subsystem 
development  lead  time  and  its  duration  is  a function  of  the  degree 
of  testing  conducted  with  the  entire  spacecraft  and  also  launch 
vehicle.  Its  value-will  range  from  about  four' for  a system  on  - 
which  only  essential  development'and  flight  readin’ess  tests  are 
conducted  to  a value  of  about  five  for  tests  which  include  com- 
plete qualification.  System  development  effectively  starts  when 
all  subsystem  qualification  tests  and  the  system  development 
tests  are  completed. 


13.2.3  Schedule  Equations 


a.  Component  Development 


cd 


= Ak  C‘ 
c 


+ c 


(13-1) 


in  which: 
A 


= state-of-art  factor  for  component 

= constant  starting  value  ?a0,  7 (t^^)  base 

= constant  for  component  type 

C = Direct  DDT&E  charges  allocated  by  component. 

. Effectively  contains  all  direct  charges  (engineers, 
technicians,  shopmen)  with  burden,  materials, 
overhead. 

a = constant,  starting  value  = 2/3 

Equation  (13-1)  is  derived  using  the  assumption  that  men  are 
assigned  according  to  the  relationship: 


base 


- Men 
(Men) 


base 


(13-2) 
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and  the  fundamental; 

Manhours 


T = k' 


(Men)  ^ (13-3) 

(manhours)  ~ C,  (13-4) 

from  which  the  starting  value  for  "a"  emerges, 

b.  Component  Qualification  Test 

’"cq  = (13-5) 

in  which  Cj  and  c^  a.re  constants,  with  a s,tarting  value,  of 
Cj  ■”  0*  9 ("^cq)  base  and  dependent  on  each  equipment  type. 


c.  Subsystem  Development  (t.j) 


sd 


= k n A (C  )“  + c. 


(13-6) 


in  which: 
C 

s 

i = 

d 

A 

s 

n = 


N 

L 

i = 1 


C.  = subsystem  direct  DDT&E  cost. 


= ith  component  of  N components 

= constant,  starting  value  =1/8 

= state -of- art  factor  for  subsystem 

= Average  redundancy  for  subsystem,  active 

plus  standby  strings 

= constant,  starting  value  (:a0.  7 (T^^)  base 

& = constant,  starting  value  = 2/3 

The  form  of  the  equation  follows  from  similarity  with  the  com- 
ponent development  relationship  stated  in  Equation  (13-1). 


d.  Subsystem  Qualification  Test  (t^^) 


sq 


-1 


(13-7) 


in  which  c^  and  c^  are  constants,  with  a starting  value  of 
““  0*  9 (7 sq)  base  and  Cg  dependent  on  each  equipment  type. 
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e. 


System  Testl^  (r^ 

’■f  (13-8) 

in  which: 

constant  which  depends  upon  the-  extent  of 
system  testing  required.  The  range  is  from 
4 to  5. 

13.  2. ^4-  Schedule  Liogic 

Figure  13-2  is  the  schedule  activity  flow  diagram  for  the  program 
Detailed  flow  is  shown  for  the  CDPI  subsystem;  the  flow  for  each  subsystem 
follows  the  same  logic.  There  are  two  main  paths,  the  development  path 
and  the  qualification  pa&.  The  two  converge  at  the -flight  readiness  and 
checkout  block.  Where>mbre  than  one  input  enters  an  activity  block,  it  is 
intended  that  all  preceding  connected  activities  must  be  completed  (i.  e. , for 
subsystem  development  and  for  system  flight  readiness  and  checkout). 

Inputs  to  the  scheduling  activities  enter  for  each  subsystem  at 
the  component  development  lead  times  block.  Principal  inputs  are  selected 
component  costs  by  component  type  and  redundancy;  thus  information 
generated  for  developing  costs  is  used  as  input  for  deriving  schedtiles. 

Other  input  data  are  semi-empirical  or  empirical’  coefficients, 
component  state-of-art  factors,  and  subsystem  state-of-art  factors.  ' 

Observe  that  payload  structure  and  thermal  control  does  not 
appear.  The  assumption  here  is  that  structure  and  thermal  control  do 
not  constitute  a critical  .path,  so  that  no  provision  is  made  for  their 
scheduling. 

Subsystem  qualification  test  starts  upon  cqmpletion  of  the 
subsystem. development  test.'  One  or  more  conriponents  may  not  be 
100  percent  qualified  at  &at  point;  this  is  not  an  unusual  occurrence. 

On  the  other  hand,  a necessary  condition  for  the  start- of-flight  readiness 
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SYSTEM  DEVELOPMENT, 
TEST,  AND 
FLIGHT  READINESS  • 
Tf 


NOTE;  CDPI  dettfiled  flow  is 

typical  for  all  subsystems 


Figure  13-2,  Schedule  Activity  Flow  Diagram 
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test  is  that  all  subsystems  are  qualified  as  well  as  developed.  In  actual 
fact,  it  is  common  to  have  to  waive  successful  completion  of  some  part 
of  qualification  test  before  first  flight.  This  was  not  believed  to  be  a 
desirable  planning  assumption. 

The  last  block,  system  development,  test,  and  flight  readi-  • 
ness,  brings  the  system  to  launch  of  first  flight. 

13.2.5  Representative  Results 

In  order  to  demonstrate  characteristic  results,  coefficients 
are  derived  from  assumed  starting  values,  and  curves  similar  to  those 
representing  behavior  of  the  computer  outputs  are  presented.  The  ex- 
ample is  for  Spacecraft  A (Ref.  13-1),  the  subsystem  (mis|ion  equipment), 
a transponder;  the  component,  a high-level  traveling  wave^^ube  (HL.TWT). 
This  component  is  typical  of  the  components  requiring  a long  qualification 
test  lead  time.  The  component  was  not  actually  the  critical  path  item, 
but  is  treated  as  such  ir^the  example.  In  addition,  average  values  for 
all  components  and  subsystem  lead  times  are  given  in  parentheses. 

The  assumed  quantities  are  as  follows: 


a..  Example  component 


'^cd 

= 8,  7(9.  5)  months 

T 

cq 

= 4.  3 (5.  0)  months 

’ c 

A 

1.0 

c 

o 

= 6.  0 (6.  5)  months 

‘^l 

= 3.0  (3,5)  months 
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b.  Example  subsystem 


n = 

A 

s 

c.  Example  system 


2.7  (2.  8)  months 
1.9  (2,0)  months 

3.0  (3.0)  months 
2. 4 (2.  5)  months 
2 

1.0 


14.  5 months 


Other  starting  values:  a = 2/3, 


O'  = 2/3,  d = 1/8 


Using  the  above  numbers,  the  data  presented  in  Table  13-2  and 
Figures  13-3  and  13-4  were  calculated.  Figures  13-3  and  13-4  show  the 
variation  in  lead  times  with  direct  DDT&E  cost  ratios  from  the  base -value.. 
Table  13-2  compares  the  component  example  and  the  average  component 
cases. 

Figure  13-5  shows  a schedule  for  the  nominal  case  and  a varia- 
tion where  (1)  the  HLTWT  component  (considered  here,  as  the- critical  path 
component  for  illustration)  costs  40  percent  more  than  the  base  case  com- 
ponent but  has  the  same  state-of-art  factor,  and  (2)  the  subsystem  state- 
of-art  factor,  = 1.2,  because  a new  component  requires  more  subsystem 
development. 


13. 2. 6 Discussion 


Schedules  are  usually  dependent  upon  critical  paths,  as  has  long 
been  recognized  and  used  in  such  management  tools  as  PERT.  The  method 
defined  above  recognizes  this  principle  and  adapts  it  in  the  summation  of 
critical  paths. 

Consider  the  bar  chart  examples  of  Figure  13-5.  The  critical 
path  subsystem  development  is  completed  before  the  initiation  of  subsystem 
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Table  13-2.  Comparison  of  Nominal  Schedules  from  Typical  Components 
and  from  Subsystem  Summary  (Transponder) 


Lead  Time 

r ' .1— ni..iM  1 

Months 

Component  Development 

8.  7 

9.5 

Component  Qualification 

(4.3) 

(5.0) 

Subsystem  Development 

, 2.7 

2.8 

Subsystem  Qualification 

3.0. 

3.  0 

Subsystem  Tests 

14.5 

14.5 

DDT&E  Prograni' 

28.9 

29.  8 

MONTHS 


Figure  13-3.  High-Level. Traveling  Wave  Tube 
Development-  and  Qualification 
Lead  Time  • 
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Figure  13-4.  Transponder  Development  and 
Qualification  Lead  Time 
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U CRITICAL  PATH  COMPONENT  40%  MORE  COSTLY,  A,  = 1.2 


Figure  13-5.  . Example  Schedule  Output 


qualification.  The  system  development  is  completed  latex  as  one  woiild. 

expect.  The  systeni  test  time  is  large  compared  with  other  lead  times; 

attempts  to  separate  deyglopment  time  from  flight  readiness  or  system 

qualification  time  have  been  unsuccessful  because  the  differing  approaches 

used  for  different  systems.. make  correlation  of  results  meaningless.  For 

example,  spacecraft  qualification  may  be  done  separately  or  as  part  of  the 

satellite  qualification.  Therefore,  the  end-  of  development  is  a grey  area 

which  depends  upon  the  program  approach  and  it  is  believed  a finer  . 

breakdown  should  not  be  sought. 

» * . ^ 

Next,  on  Figure  13-5,  observe  the  usefulness  of  the  model  in 

response  to  a change  in  input  data.  The  solid  lines  are  for  the  base  value 
case,  and  the  dashed  lines  for  the  variation.  The  critical  path  component 
of  the  variation  has  the  same  function  as  the  base'case,  but  is  more  complex, 
so  that  DDT&E  cost  is  increased  by  40  percent.  Some  technology  advance 
is  introduced  (A^  = l.E).-'  ^The  result  is  that  the  system  should  be  ready  for 
flight  about  three  months  later  ( w 10%  increase  in  total  lead  time)  than 
the  less  expensive  base  value'  system.  . 

Now  refer  to  J^igures  13-3  and  l'3-4,  which  present  example'plots 
of  component  and  subsystem  lead  times  as  functions  of  DDT&E  costs.  The 
rationale  behind  the  shapes  of  the  development  curves  bears'  repeating, 
although  the  actual  shapesmay  eventually  be  developed  empirically.  In 
Paragraph  13.2.  2 it  was  s,tated  that  men  would  be  added  to  the  base  number 
as  the  square  root  of  the  J.ead  time  as  the  effort  required  to. develop  the 
item  increases.  This  simply  recognizes  that' development  lead  time  of  a 
component  or  subsystem  type  cannot  be  maintained  constant  as  complexity 
is  increased  by  merely  adding  manpower.  For  example,  assume  the  base 
value  of  average  men  charging  directly  to  component  design  and  development 
is  four,  and  the  complexity  of  the  component  is  increased  to  1.4  times 
the  DDT&E  cost.  This  will  result  ih'a  corresponding  increase  in  develop-' 
ment  lead  time-unless  manpower  is  increased.  ’ The  average  humber 'o'jf'men 
assigned  to  expedite  the  development  would ^be  4^.5  (rather  than^'O),  wh'irdfei 
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would  result  in  the  development  lead  times  being  2 5 percent  longer,  rather 
than  40  percent  longer.  This  results  from  calculations  following  Equations 
(13-2)  through  (13-4): 


(cost  ratio)^^^ 

= (1.4)^^^ 

1.25 

men  ratio 

= ^1.25 

1.  12 

1.12  X 1.25 

= 1.4 

This  rationale  resiilts.  in  the  trend  shown  in  Figure  13-3.  During  the  test 
phase  for  component  development,  it  is  believed  to  be  representative.  For 
example,  if  an  electromechanical  component  is  the  responsibility  of  a 
development  engineer,  test  technicians,  part-time  supervision,  model 
shop  men,  etc.,  amounting  to  an  average  of  four  men,  the  development  may 
be  expedited  by  adding  some  engineering  assistance  and  working  some 
overtime,  the  manpower  increase  being  about. one  man.  Further  increases 
would  probably  be  quite  inefficient,  for^  even  with  several  test  models, 
only  a limited  n\imber  of  changes  resulting  fr.omtest  can  be  handled  • 
simultaneously. . Thus,  the  increment  seems  compatible  with  .a  nom.inal 
schedule. 

As  data  is  accumulated  from  various  programs,  actual  values' 
of  the  coefficients  for  development  can  be  developed.  Meanwhile,  a method 
has  been  demonstrated  which  can  be  used  with  a very  limited  amotint  of  data. 
The  same  objective  has  been  applied  to  the  other  terms. 

Consider  the  qualification  test  line. for  the  exarriple  component  of 
Figure  13-3.  Note  that  it  is  straight,  and  has  a miniminn  value  (only  .10 
percent  less  than  the  nominal,  or  base  value).  The  minimum  value  is  a 
function  of  the  number  of  tests,  or  environments,  to  which  the  component 
will  be  subjected.  In  the  nominal  case,  it  is  common  practice  to  fabricate 
a fixed  number  of  qualification  test  units  for  each  component  (e.  g.,  six); 
so  that  simultaneous  testing  of  different  environmental  sequences  may  be 
conducted,  and  so  that  changes  may  be  made  when  a failure  occurs  without 
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holding  up  the  entire  test  program.  The  nttmber  of  environments  is 
generally  fixed^  as  well'  as  the  duraticro-of  -a-  suc’ces-sful  test  sequence'.' 
Typically,  a component  fails  to  pass  one  or  more  tests  of  the 
qualification  test  sequences,  requiring  some  changes  to  pass  them.  This 
is  a nominal  occurrence,  but  one  which  normally  requires  nominal  redesign 
of  some  readily  changed  parts  to  achieve  success.  This  is  particularly 
true  if  the  development  test  program  has  adequately  tested  behavior  under 
environmental  extremes  as  has  been  assumed  here.  The  minimum  time 
encompasses  these  effects. 

The  second  part  of  the  component  qualification  test  equation  is 
dependent  upon  component  complexity.  This  is  to  account  for  items  whose 
development  times  depend^upon  complexity,  and  therefore,  the  DDTl&E^eDst 
of  the  component.  One  effect  is  that  more  complex  components  having- 
the  same  function  contain  either  more. parts,  more  precise  par|s, 
require  tighter  perfoimance  tolerances,-  a larger  capacity,  or  .a  higher- 
power,  for  example.  These  complexities  tend  to  make  itrm ore  difficult 
to  stay  within  performance  limits  over  the  range  and  duration  of  environ- 
ments, Another  related  effect  is  inherent  in  the  meaning  of  component 
as  applied  to  the  model.  According  to  the  meaning  usedj  a "component" 
may  be  comprised  of  more  than  one  box  or  subassembly,  each  of  which 
requires  development.  -For  example,  a propulsion  subsystem  "component" 
would  be  a "thruster,  " In -one  satellite,  there  may  be  two  .sizes  of  hydrazine 
thruster;  one  low-thrust.f,uhit  used  for  attitude  control.and  another  somewhat 
higher,  thrust  unit  used  only  for  station- keeping.  The  attitude  control  unit 
may  be  .more  costly  to  develop  because  of  the  much  larger  number  of  cycles 
which  must  be  accumulated  to  meet  the  design  life.  The  lower  thrust  unit 
would  take  longer  to  develop  and  would  therefore  have  a higher  DDT&E  cost. 
It  would  also  take  somewhat  longer  to  qualify  both  because  of  the  longer 
test  tune  needed  and  because  it  is  less  likely  to  meet  requirements  on  the 
first  attempt.  Sunilarly,  a computer  memory  required  to  store  10^  bits  vnll 
take  less  time  to  qualify  than  one  required  to  store  10^  bits,  and  therefore, 
the  lead  time  for  the  more  complex  unit  will  be  longer. 
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;A  linear  variation  with  cost  is  assumed  for  qualification  unless 
data  show  that  an  exponential  is  heeded. 

Next,  note  the  development  curve  for  the  subsystem  in -Figure 
13“4.  - The  wide  variation  in  subsystem  complexity  for  any  function  is  well 
known,  so  that  it  is  to  be  expected  that  the  lead  tirrie  for  development  will 
be  a f\inction  of  subsystem  DDT&E  cost.  By  the  same  reasoning' discussed 
for  component  development,  however,'  time  cannot  be  bought  back  entirely 
by  adding  manpower.  Using  the’ same  reasoning  as  before,  the  variation 
is  expected  to  be  in  the  neighborhood  of  the  2/3  power  of  cost. 

The  computer  program  written  for'this  schedule  model  will 
utilize  computations  for  costs  as  input  data.  This  is  nearly  the  inverse  of 
normal  procedure  for  bottom-up  costing,  where  schedules  are  normally  ' 
made  up  first  (or  simultaneously),  and  manpower  second  to  avoid  the 
problem  of  failure  to  account  for  standby  time  ( e.  g. , time  spent  by 
development  engineers  a-waiting  changes  to  proceed  through  the  shop). 
However,  the- procedure  has  merit  in  'that: 

■a.  It  uses  the  cost  data  base  of  a cost  program. 

b.  It  -requires  schedule  data  which  should  be  available  from  previous 
prpgram  files. 

c;  Component  scheduling  data  need  be  accurate  only  where  lead 
times  form  critical  paths. 

d.  Only  the  more  significant  scheduling  mileposts  are  .computed 
to  avoid' unwarranted  detail. 

Note,  on  Figure  13-2,  that  the  mission  equipment  path  is  sho-wn 
even  though  it  is  not  a part  of  the  current  effort.  The  reasons  for  this 
are: 

a.  Mission  equipment  is  often  pacing. 

b.  The  program  techniques  should.be  similar  for  similar' types. • 
of  mission  equipment  (i.  e.,  it  will  be  necessary  to  gather 
data  on  types  of  mission  equipm'ent,'  because  there  will  be 
types,  just  as  there  are  four  major,  subsystems) . 
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13.  3 


SCHEDULE  DATA 


For  the  purpose  of  this  study,  all  spacecraft  coefficients  have 
been  calculated  with. the  coefficients  of  cost  dependent  terms  normalized 
to  the  base  value* component  and  subsystem  costs,  C.^  and  C^^,  respec- 
tively. Table  13-3  contains  component  data  (Ref.  13-1),  and  Table  13-4 
contains  subsystem  data  (Ref.  13-2).  (The  unit  of  cost,  C,  and  C , , is 

b SD 

millions  of  dollars.  ) The  values  for  the  state-of-art  factors  would  make 
use  of  the  best  opinions  ;pf  the  Spacecraft  A program  engineers  to  estab- 
lish satisfactory  judgmental  values. . 

Insertion  of  the  Table  13-3  and  13-4  inputs  into  a cornputer 
program  with  the  A and  both  set  equal  to  unity  will  mean  that  all  new 
programs  considering  the  use  of  a component  of  the  same  type  or  subsystem 
of  the  same  type  will  give  correct  relative  schedules,  even  though  the 
’•nominal”  base  value  actually  had  a slightly  longer  lead  time  than-  a true 
nominal.  This  is  a satisfactory  assumption  to  te.st  a computer  .program. 

The  major  assumptions  used  in  compiling  data  from  PERT  time 
charts  for  Spacecraft  A follow.  (This  detail  was  found  to  be  necessary 
because  of  inconsistency 'of  terminology  on  the  various  PERT  charts.) 

a.  Component  development  time  is  measured  from  component  ' 
go-ahead  to  completion  of  engineering  model  (or  qualification 
model  where  so  defined)  pre- environmental  functional  tests, 

or  the  last  engineering  model  test,  whichever  is  later.  Bread- 
board tests,  in  general,  are  not  considered  because  development 
is  defined  he  re  as  incomplete  until  the  test  model  is  essentially 
the  same  design  as  the  qualification  test  model.  As  with  all 
rules,  some  judgment  was  necessary'in  exceptional  cases;  for 
example,  where  the  pre -environmental  test  data  was  not  recorded 
and  the  breadboard  test  data  was  available  (the  command 
receivers),  an-estimate  was  made  of  the  probable  development/ 
qualification  ratio  , which  was  applied  against  the  known  sum 
of  development" and  qualification  time. 

b.  Component  qualification  is  measured  from  completion  of  component 
. development  to-completion  of  component  engineering  model  (or 

qualification  model  if  so  defined)  post- environmental  test  (or 
qualification  if  so  defined.) 
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Table  13-3,  Component  Schedule  Coefficient  and  Lead  Time  Summary 


Q O 

^ id 


w 

I 

ro 

o 


SS/COMPONENT 

c ' 
o 

^l. 

Ak  C,Z/3 
c b 

‘^2'^b 

^cd 

T 

cq 

^sd 

’^sq 

REMARKS 

CONTROLS 

, * 

' 

Despin  Mech.  Assy 

7.8^ 

1..2 

3.3' 

.13 

■ 11.  1 

1.3 

7.  0 

11.9 

Tr  here~  -r  + t.. 

Biax  Drive  & Gimbal  Dr,  Elect 

7.5 

3.9 

3.  1 

.43 

10.  7 

4.3 

8.  5 

11 

. 5 

f ^sq  '{ 

Despin  Electronics  Assy 

7.3 

3.8 

• 3.  1 

.42 

10.4 

4.2 

7.  7 

‘ 

11.9 

Control  Timing  Assy 

8.3 

2.6, 

•.  .3.6 

.29 

11.9 

2.9 

7.2 

10 

.8 

Valve  Driver  Assy 

••  4.7 

6.3 

2,  0 

. 70 

6.  7 

7;  0 

11.3 

11 

9 

Earth  Sensor  Assy  (2) 

5.4 

4.3 

2.  9 

.48 

7.  8 

' 4.8 

8.  1 

Sun  Sensor  Assy 

4.6 

3.4 

. '2.9 

. 38 

6,6 

3.8 

8.4 

Propulsion  S.  S-,  (^) 

4,0 

2.2 

2.9 

.25 

5.  7 

2.5 

8.2 

ELECTRICAL 

• 

i 

Solar  Array 

8.7 

1.4 

4.4  . 

'.  16 

12.4 

1.-6 

7.  0 

9 

0 

Shunt  Element  Assy 

9.5 

- 2.5 

’ 4.  1 

.25 

13.6 

2.5 

6 

1 

8 

5 

^sq  ^d  ^q 

Power  Control  Unit(2) 

8.  1 

2.3 

4.6 

.25 

11.6 

2.5 

6 

.3 

9.  1 

Battery  (2)  . ' , 

6.9 

2.  1 

3.5 

.23 

9.8 

2.3 

8 

0 

Converter &Electrical  Integ(2) 

5.3 

2.5, 

2.8 

•,28 

7,5 

2,8 

10 

1 

Reset  Gen.  ^Switching  Logic(2) 

3.5 

1,9 

3.7 

r21 

5.  0 

2.  1 

7 

.2  • 

THERMAL 

NA 

0 

.0 

14. 4(^) 

2 

.9 

12 

9 

See  SS  Summary 

CDPI  (TT&C) 

Dual  Bas eband -Signal  Cond. 

7.3 

1.8 

3.  1 

.20 

10’.4 

2.0 

2.6 

18 

3 

T'.  here  = TA  T 

Encoder  -Multiplier 

6.2 

1.8 

2.8  . 

.20 

8.9 

2.  0 

3.  0 

18 

3 

f f sq 

Command' Receiver s ' 

4.2 

7.  1 

1.8 

.79 

6.  0 

7.9 

5.  7 

18 

3 

Transponder -Converter 

7.3 

1.7 

3.2  . 

. 19 

10.  5 

1.9 

1.2 

18 

1 

Telemetry  Transmitter 

7.3 

1.7 

3.2 

. 19 

10.5 

1.9 

1.2 

18 

1 

Diplexer 

6.0. 

1.5 

2.6 

, 17 

8.6 

1.7 

3.0 

18, 

3 

TRANSPONDER 

Mission  Equip') 

E.C.  Transmit  Ant. 

6".  6 

.45‘ 

2. '8 

. 05 

9.  5 

0.  5 

2.8 

3 

0 

14, 

5 

E.'C.  Receive  Antenna 

6.6 

.63' 

2.8 

.07 

• 9.4 

0,  7 

2,9 

3 

2 

N.C.  Antenna 

6.6 

3.6 

2.8 

.40 

9,4 

4.0 

5.  3 

0 

6 

Transmit  Filter,  Coupler, Sw(2) 

. 3.9 

2,9 

2.9 

.32' 

5.6 

3.2 

. 2.3 

3 

1 

, 

Receive  Filter,  Amplifier,  Sw(2) 

5.6 

4.  5 

2.6 

. 50 

• 8..0 

5.0 

3,  5 

3, 

0 

Dipl  exer  / Equaliz  er 

6.4 

0 

2.8 

0 

9.2 

0 

3.  2 

• . 

Low  Level  TWT{2) 

4.3 

2.6 

'3.0 

.29 

6.  1 

2.  9 

2.2 

High  Level  TWT(2) 

. 5.3 

3.9 

2.6 

.43 

7.6 

4.3 

2.  7 

Mixer  Channel  Combiner (2) 

5.9 

3, 1 

. 3.3 

.35 

8.4 

3.5 

2.4 

Frequency  Generator  (2) 

6.4 

4.5 

2.9 

. 50 

9.2 

. 5..0 

0.  7 

(1)  Includes  Tj,q 


(2)  Started  later  than  contract  go-ahead. 

(3)  All  data  presented  in  units  of  months. 
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Table  13-4.  Subsystem  Schedule  Coefficient  Summary 


S/C  SUBSYSTEM 

^=3 

•=4 

c C , 
5 sb 

mm 

c 

0 

wasam 

•^sd 

n 

S/C  A 

Controls 

5.8^) 

NA 

2.2 

NA 

SEE  COMPONENT  DATA 

8.3 

- 

11.6 

Electrical 

NA  ■ 

6.8 

NA 

0.69 

1.20 

1 1 

- 

7.5 

‘ 9.  0 

Thermal 

10.  i(2> 

2.6 

3.  9^ 

0.27 

II 

14.4* 

2.9 

12.9 

CDPI 

1.8 

■ NA 

0,  70 

NA 

■ .7.0 

♦ 

• 

2.6 

- ’ 

18.2 

Transponder 

2.  0 

0.  76 

0.27 

5.2 

n 

2.8 

3.  0 

14,  5 

S/C  BI 

1.0 

0.41 

0.69 

5.2 

11.2 

9 

4.8 

9 

U5 

B 

5.9 

BIl 

1.0 

0.41 

0.  71 

6,  5 

11.4 

9 

4.9 

9 

1,5 

B 

9.8 

(1)  AU  data  presented  m units  of  months. 

(2)  These  terms  include  component  development. 


c.  Subsystem  development  is  measured  from  end  of  component 
development  to-final  engineering  model  subsystem  test.  In 
some  cases  the  complete  subsystem  was  first  assembled  on 

the  spacecraft,  in  which  case,the  subsystem  test  event  preceding 
start  of  system  qualification, test  was  used  as  completion  of 
subsystem  development  (see  S&C  and  CDPI)'. 

d.  Subsystem  qualification  test  is  in  some  instances  on  the  space- 
c.raft,  in  some  on  a separate  assembly  of  components.  In  one 
instance,  Electrical,the  development  completion  could  not  be 
determined  from  recorded  events,  so  that  only  the  subsystem 
qualification  completion  was  recorded;  here  the  subsystem 
qualification  lead  time  is  defined  as  the  time  from  component 
development  completion  to  the  end  of  subsystem  qualification. 

e.  The  values  of  system  test  lead  time  were  determined  from  a 
memorandum- recorded  end  date  minus  the  earlier  PERT  chart 
dates  for  completion  of  subsystem  qualification  tests. 

As' the  foregoing  is  intended  to  suggest,  judgment  was  necessary 
in  selecting  events  consistent  with  the  definitions.  As  discussed,  the 
separate  pacing  lead  times  which  add  up  to  the  total  DDT&E  time  (i.e., 
for  pacing  items  = T^)  may  be  unprecise  because  of. 

the  need  for  judgment  in  selecting  events  from  a variety  of  terminology; 
however,  the  program  time,  T^,  should  be  quite  representative. 

As  noted  in  Table  13-3,  second  footnote,  some  of  the  components 
were  started  after  contract  go-ahead,  while  many,  were  started  from  the 
program  outset.  This  choice  was  made  by  the  -developer  at  the -beginning 
of  the  program,  and  was,  thereto  re,  a prediction  tempered  by  convenience. 
Thus,  the  component  development  lead  times  are  inexact.  The  items 
started  at  program  go-ahead  are  not  necessarily  pacing;  an  example  is  the- 
thermcil  subsystem..  Analysis  of  the  thermal  problem  and  design  of  the 
thermal  control  starts  with  a best  estimate  at  the  beginning,  and  thereafter, 
the  estimates  are  revised  as  electrical  loads,  structure,  and  mission 
operations  are  refined.  ' It  is,  therefore,  generally  not  pacing,  even  though 
it  is  started  immediately.  In  the  case  of  subcontracted  components,  the 
contractor  may  elect  to  start  work  on  specifications  and  requests  for 
proposal  at  contract  go-ahead-,  even  though  the  items  may  not  be  pacing. 
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No  attempt  was  made  to  identify  these  items,  for  it  would  take  a detailed 
knowledge  of  the  enginee^ring  judgments  made  to  adjust  the  lead  times. 
Some  of  the  items  started  at  contract  go-ahead  may  have  development 
lead  times  somewhat  above  nominal.  The  error  is  therefore  generally 
on  the  conservative  side. 

, Items  started  some  time  after  the  program  go-ahead  will  not 
satisfy  because  of  the  delta  between  program 

start  and  item  start.  Note  that  this  delta  was  not  applied  to  data  presented 
in  Table  13-E,  where  was  measured  from  program  go-ahead  . 
for  every  component  subsystem. 

These  facts  simply  point  out  the  desirability  of  gathering 
data  from  a number  of  programs. 
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14.  DATA  BASE  DESCRIPTION 

Data, on  selected  payload  equipments  (components)  have 
been  collected  for  the  express  purpose  of  exercising  the  Systems  Cost/ 
Performance  Model,  The  reader  should  take  careful  note  that,although 
most  of  the  data  is  accurate,  approximations  based  on  engineering 
judgment  and  experience  are  used  wherever  actual  data  were  unavailable. 
The  approximations  are  justified  by  the  original  purpose  of  the  study 
which  was  to  develop  a cost/performance  model.  Assuming  that  the 
model  is  successfully  completed  and  is  accepted  for  use  by. a body  of 
users,  the  data  base  must  be  expanded  and  approximations  replaced  by 
actual  data.  The  following  paragraphs  are  devoted  to  an  explanation  of 
how  the  data  base  is  organized  and  how  to  interpret  the  information. 

14.  1 GENERAL 

The  model  selects  equipment  for  a specific  design  in  one 

of  three  ways: 


a.  Most  equipment  is  selected  from  the  data  base  on  the  basis 
of  technical  performance. 

b.  Some  equipment  which  cannot  be  differentiated  on  the  basis 
of  technical  performance  is  called  up  from  the  data  base 
on  a first-called  l^asis  in  order  to  provide  a complete  de- 
sign description. 

c.  Certain  equipment  is  not  amenable  to  cataloging  in  the  data 
base.  This  equipment  is  identified  and  specific  parameters 
are  determined.  Examples  include  the  wiring  harness  and 
the  thermal  control  subsystem  compo.nent. 

The  equipments  are  organized  according  to  the  following 
subsystems  which  use  the  specific  components: 


This  category  should  be  eliminated  in  improved  versions  of  the  Systems 
Cost/Performance  Model. 
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a. 


Stabilization  and  control 

b.  Auxiliary  propulsion 

c.  Data  processing 

d.  Communication 

e.  Electrical  power 


Thermal  control  and  structures  do  not  select  equipment  f.rom  the  data 
base,  but  instead,  estirnate  the  parameters  describing,  their  respective 
components 

The  data  base  contains  information  on  the  following  types 
of  equipment  for.  each  subsystem; 


3.  Filters 

4.  Pressure  regulators 
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5. 

Tanks 

6, 

Fill  and  drain  yalyes 

7. 

Relief  yalyes 

c. 

Data  Processing  Subsystem 

1. 

General  purpose  processors 

2. 

Digital  telemetry  units 

3. 

Tape  recorders 

5. 

Command  decoding  and  distribution  units 

d. 

Communication  Subsystem 

1. 

Baseband  assembly  units 

2. 

Antennas 

3. 

T r an  smitte  r s 

4» 

Receiyers 

5. 

Command  signal  conditioners 
« 

6. 

Diplexers 

e. 

Electrical  Power  Subsystem 

1. 

Shunt  regulators 

2. 

Batteries 

3. 

Battery  chargers 

4. 

Discharge  regulators 

5. 

Series  load  regulators 

6. 

Power  control  equipment 

7. 

Power  converters 

An  example  of  an  equipment  description  in  the  data  base 

is  provided  in 

Table 

14-1.  The  data  sheet  for  each  component  states 

which  subsystem  utilizes,  the  component,  which  configurations  require 

the  component 

, which  equipment  type  the  component  is  categorized  as. 

and  the  data  base  identifier  or  code  number  assigned  to  the  component. 
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Table  14-1,  Data  Base  Example 


Subsystem: 

C onf igu  r ation : 
Equipment  Type: 
Performance 


Auxiliary  Propulsion  (0808) 
Monopropellant 
Thruster  (TRW  404620) 


Technical  Characteristics 


1, 

Thrust  Level  (N) 

18 

2. 

Pulse  Life  (cycles) 

93, 000 

3. 

' 2 
Inlet  Pressure  (N/m  ) 

4.14x  10 

4. 

Total  Impulse  (N-sec) 

6.49  X 10 

5. 

ISP  (sec) 

230  ■ 

6. 

7. 

8. 

9. 

10. 

Power 


Average  Power  (watts): 

Maximum  Power  (watts): 

Minimum  Power  (watts):. 

Nominal  Voltage  (volts): 

Maximum  Voltage  (volts): 

Minimum  Voltage  (volts): 

Converter /Inverter  Requirement  (flag): 

Weight  (Kg): 

Volume  (cc): 

Vibration 

Random  (g,  rms): 

Non- random  (g): 

T emperature 

Maximum  (deg  K): 

Minimum  (deg  K): 

2 

Pressure  (N/m  ): 

* Not  applicable 


(hear  zero) 

5.5 

0. 0 ■ 

28.0 

32.6 

26.0' 

N.  A.* 


0.3 

1700 


19.5 

10.5 


322 

278 

(Unknown) 


14-4 


Table  14rl.  Data  Base  Example  (Cpntinued) 

Performance  (continued). 

6dpi 

Power  Switching  Commands  (No.):  0' 

Time  Tagged  Commands  (No.):  . 0 . 

Other  Commands  (No. ):  0 

High  Rate...  Telemetry- 

Number  of  Analog  Points- (No. ):  0 

Niunber  of  Digital  Points  (No.):  0 

Sample  Rate  (sec~^):  0 

Word  Length  (bits):  0 

Low'  Rate 'Telemetry 

Number  of  Analog  Points  (No.):  2 

Number  of  Digital  Points  (No. );  0 

Sample  Rate  (sec-1):  1 

Word  Length  (bits):  8 

SafR-Hr 

Failure  Model  (flag):  5 

Failure  Parameters 

Failure  Rate  or  Mean  (x  10" 9 hr);  1700 

Standard  Deviation  (x  10+9  hr):  N.  A. 

Dormancy  Factor  (N.  D.  ):*  0.  1 

Total  Number  of  Redundant  Elements  (No. ):  12 

Cost 

Design  Engineering  ($1000):  127 

Test  and  Evaluation  ($1000):  150 

Unit  Production  (^1000):  9 

Reference  Quantity  (No. ):  4 

Factor  (N.  D. ):  1 

Schedule 

Development  Lead  Time  Constant  (months):'  3.0 

Development  Lead  Time  Variable  (months):  1.0 

Qualification  Lead  Time.  Constant  (months):  1.5 

Qualification  Lead  Time  Variable  (months):  0.  1 

State-of-Art  Factor  (N.  D.  ):,  • " T,  0 


*Non  - dimensional 
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The  data  describing  the'  component  consist  of  the  following  four  types; 

a.  Performance 

b.  , Safety 

c.  Cost 

d.  Schedule 
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a. 

b. 


c. 

d. 

e. 

f. 

g. 

h. 


PERFORMANCE  DATA 

The  performance  data  are  separated  into  eight  categories: 

Technical  characteristics 

Power 

Weight 

V olume 

Vibration 

Temperature' 

Pressure 

Communication,  data  processing,  and  instrumentation  (CDPI) 


The  technical  characteristics  are  peculiar  to  each  equipment 
type.  Generally  speaking,  the  technical  characteristics  provide  the  data 
required  to  select  or  differentiate  among  the  components  and  additional 
data  for  the  component  which,  if  selected,  provide  infprniation  for  design 
of' the  remainder  of  the  subsystem.  The  technical'  characteristics  required 
by  the  model  for  each  type  of  equipment  are  as  follows:. 


a.  Despin  Mechanical  Assembly 

1.  Bearing  and  motor  friction  (mr'ad,  3 a) 

2.  Bearing  runout  (mrad-.  Sc)  • 

b.  Despin  Electronic  Assembly,  {None,'  this  component  is 

selected  as  a'supplement  to  the  despin  mechanical  assembly.) 

c.  Valve  Drive  Assembly 

1.  Nximber  of  valves 
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d, 


Sun  Sensor  Assembly.  (None) 

e.  Nutation  Damper.  (None) 

f.  Gimbal  Electronic  Assembly 

1.,  Resolver  accuracy  (mrad,  3 a) 

g.  -Biaxial  (Gimbal). Drive  Assembly 

1.  Drive  quantization  (mrad,  3 a) 

2.  Gimbal  drive  error  (mrad,-  3a) 

3.  Biax  droop  error  (mrad,  3a) 

h.  Control  Electronic  Assemblies  (Spinning  Vehicle) 

1.  Pr'bgrammer  sine  wave  (mrad,  3 a) 

2.  Dr^ive  quantization  and  delay  (mrad,  3a) 

3.  Measurement  compensation  (mrad,  3a) 

4.  Pipper  drift  (mrad,  3a) 

5.  Quantization  noise  (mrad,  3a) 

6.  Controller  error  (mrad,,  3a) 

i.  Control  Electronic  Assemblies  (Three- Axis  Controlled  Vehicles') 

1, '  Pitch  horizon  scanner  gain  (sec"^) 

2,  Roll  horizon  scanner  gain  to  roll  axis  (sec”  ^) 

3,  ■ Roll  horizon  scanner  gain  to  yaw  eixis  (sec“^) 

4.. '  Pitch  feedback  gain  (sec"^) 

5.  Roll  feedback  gain  (sec“^) 

6i  Roll  to  yaw  coupling  gain  (sec"^) 

j.  Earth' Sensor  Assembly 

1.  Sensor  noise  (mrad,  3a) 

2.  Radiance  irregularity  (mrad,  3a) 

3.  Quantization  error  (mrad,  3a) 

4.  Sun  interference  (mrad,  ,3  a) 

5.  Moon  interference  (mrad,  3a) 

6.  Threshold  aging  (mrad,  3a) 

7.  Null  or  bias  error  . (mrad,  3.a  )' 

8.  Maximum  output  frequency  (rad/sec) 

k.  . Rate  Gyro  Assembly,  (None) 
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Reaction  Wheel  Assembh 


1.  Nominal  momentum  (M-kg-sec) 

2.  Meiximum  momentum  (M-kg-sec) 

3.  Minimum' momentum  (M-kg-sec). 

4.  Nominal  speed,  (rpm) 

5.  Maximum  speed  (rpm) 

6.  Minimum  speed  (rpm) 

Rate  Integrating  Gyro  Assembly 

1,  G-insensitiye  gyro  drift,  (mrad,  3q)  .. 

2,  Total  misalignment  relative  to  vehicle  (mrad,  3cr) 

3,  Gyro  scale  factor  error  (N;  D. ) 

Single'  Gimbaled  Control  Moment  Gyrp 

1,  CMG  momentum  (M-kg-sec) 

2,  Peak  gimbal  rate  ( rad/'s ec) 

3,  Peak  torquer  torque  (N-m) 

Star  Sensor  Assembl 


q.  Isolation  Valve 

1,  Maximum  pressure  (N/m^] 

2.  Flow  area  (cm^) 

* Applicable  to  monopropellaht’  and  biprbpellant  thrusters, 
**  Applicable  to  bipropellant  thrusters  only:. 
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r. 


t. 


u. 


V. 


w. 


X. 


y* 


Filter 


1,  . Maximum  pressure  (N/m‘ ) 

2.  Flow  resistance  |^N/{kg-m)^J 
Pressure  Regulator 

1,  ' Maximum  pressure  (N/m  ) 


'2 

2.  Flow  area  (cm  ) 

2 

3.  Minimum  set  point  (N/m  ) 

2 

4.  Maximum  set  point  (N/m  ) 


Tank 

1,  Volume  (cm'^) 

. 2 

2.  Maximum  pressure  (N/m  ) 

Fill  and  Drain  Valve 

1,  Maximum  pressure  (N/m^) 

Relief  Valye- 

2 

1,  Mimimum  set  point  (N/m  ) 

-f  2 

2,  Maximum  set  point  (N/m  ) 

r ■ 2 

3,  Maximum  operating  pressure  (N/m 

General  Purpose  Processor  , 

1.  -instruction  rate  (kips) 

2,  Word  length  (bits) 

Digital  Telemetry  Unit 

1,  Bit  rate  (kbps) 

2*  Wo’rd  length  (bits) 

3,  Number  of  mainframe  words 

4.  Number  of  subframes 

6.  Number  of  words  per  subframe 

6,  Digital  m\iltiplexer  (yes /no) 

Command  Decoding  and  Distribution  Units. 


(None) 
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z. 


Baseband  Assembly  Unit 


1 , Compatibility 

2,  First  data  rate  stream  (kbps)^ 

3,  Second  data  rate  stream  (kbps) 

4,  First  subcarrier' frequency  (MHz)*^ 

5,  Second  subcarrier  frequency  (MHz) 

6,  Transmitter  requirement  (T  _ ) 
a.  Antenna 

Frequency,  high  band  max  (MHz) 
Frequency,  high  band  min  (MHz) 
Frequency,  low  band  max  (MHz)' 
Frequency,  low  band  min  (MHz) 
Type  and  equipment. number 
On -axis  gain  (dB) 

Transmitter 

1,  Special  requirement' code  (T_  ^ ) 

2,  Compatibility 

3,  Maximum  frequency  (MHz)  * 

4,  Minimum  frequency  (MHz) 

5,  Power  output  (watts) 

6,  Unified  or  nonunified** 

7,  First  subcarrier  frequency  (MHz) 

8,  Second  subcarrier  frequency  (MHz) 

9,  Input  data  rate"  (Mbps) 

10,  Modulation  type 


1. 

2. 

3. 

4. 

5. 

6. 


The  first  rate  or  frequency  is  the  higher  of  the  two  if  two 
are  provided. 

Nonunified  requires  7.  and  8.  to  be  blank. 

Unified  requires  9,  to  be  blank. 
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Receiver 


1.  Compatibility,  range  and  range  rate 

2.  Maximum  frequency  (MHz) 

3 . l^nimum  frequency  (MHz) , 

4.  Modulation  type 

5.  ifeximum  command  rate  (baud  or  bps) 

6.  Command  output  type 

7.  Fj  (kHz) 

8.  F^  (kHz) 

9.  Fj  (kHz) 

10,  Signal  conditioner  requirement  (SC  ) 

Command  Signal  Conditioner 

1 . Compatibility 

2.  Special  requirement  code-  (SC  ) 

3.  Command  input 

4.  F,^  (kHz) 

5;  F‘2  (kHz) 

6.  F^  (kHz)'  - 

7.  Maximum  command  rate  (baud) 

Diplexer  - 

1 . Compatibility 

2.  Maximum  receive  frequency  (MHz) 

3.  Ivlinimum  receive  frequency  (MHz) 

4.  Maximum  transmit  frequency  (MHz) 

5.  Minimum  transmit  frequency  (MHz) 

6.  Maximum  allowable  transmit  power  (watts) 
Shunt  Regulator 

1.  Maximum  power  capacity  (watts) 

Battery  Cell 

1.  Capacity  (amp-hr) 

2.  Watt/hour  charge  efficiency  (N.  D. ) 
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h.  Battery  Charger 

1.  Current  rating  (amps) 

2.  Efficiency  (N.  D. ) 

i.  Discharge  Regulator 

1.  Power  capability  (watts) 

2.  Efficiency  (N.  D. ) 

j.  Series  Load  Regulator 

1.  Output  power  (watts) 

2.  Efficiency  (N.  D, ) 

k.  Power  Converter 

1.  Special  requirement  code  (C  ) 

It  is  important  for  the  reader  to  note  that  the  fact  that  a'  component  has  no 
listed  technical  characteristic  does  not  imply  that  the  component  has 
no  important  characteristics.  The  missing  technical  characteristics 
will  be  identified  as  the  Systems  Cost/Performance  Model  is  improved. 

The  power  data,  which  is  required  in  order  to  design  the 
electrical  power  subsystem,  includes  three  basic  descriptions:  the 
power  requirements,  the  voltage  requirements,  and  the  conversion  re- 
quirements. The  average  power  is  the  average  power  required  by  the 
component  during  its  active  state.  The  maximum  power  is  the  power 
required  either  during  peak  load  conditions  or  during  any  high  power  tran-? 
sient  periods.  The  minimum  voltage  requirement  exists  during  quiescent 
periods,  powered-down  periods,  or  the  turned-off  condition,  if  allowable. 
The  voltage  requirements  are  the  specifications  for  which  the  equipment 
is  rated,  i.  e. , the  nominal  voltage  and  the  maximum  and  minimum  voltages 
for  which  the  component  will  continue  to  perform  within  specifications. 

If  the  specific  component  is  selected,  the  converter /inverter  requirement 
flag  identifies  any  need  for  special  power  conversion  equipment.  Since 
the  requirement  is  identified  by  a flag,  the  number'used  should  correspond 
to  the  identifier  for  ^e  actual  converter  or  inverter  required. 
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The  component  weight  which  is  required  by  the  vehicle 
sizing  model  includes  all  weight  which  is  essential  to  performing  the 
functions  associated  with  the  component.  Examples  of  additional  functional 
weight  include: 

a*  Tele.l<LI.^UX  y 

b.  Failure  sensing  and  switching 

c.  Interface  equipment  which  is  not  ordinarily  a..separate 

component  as  selected  by  the  Cost/Performance  Model. 

Weight  which  comes  under  different- functional  descriptions  is  not  included. 
Examples  are: 

a.  Wiring  harness 

b.  Structural  mountings 

Vol\ime  is  the  direct  counterpart  of  weight  and  is  deter- 
mined according  to  the  same  rules.  The  summation  of  the  component 
volumes  is  used  by  the  vehicle  sizing  model  to  estimate  the  total  volume 
of  the  payload. 

The  vibration  specification  includes  both  random  and  non- 
random  categories.  Although  vibration  is  not  used  in  the  current  Cost/ 
Performance  Model,  the  intent  is  to  use  the  specification  in  future  models. 

The  maximum  and  minimum  temperature  information  are 
the  temperature  specifications  for  which,  the  equipment  is  qualified.  This 
information  is-used  to  design  the  thermal  control  subsystem. 

The  pressure  information  is  the  ambient  pressure  for 
which  the  component  is  qualified.  This  information  is  also  not  used  by 
the  current  model,  but  can  be  used  in  future  models. 

The  CDPI  information  for  each  component  is  used  for  the 
express  purpose  of  designing  the  data  processing  and  commiinication 
subsystems,  Command'requiremehts  are  divided  into  three  categories: 
power,  time  tagged,  and  other.  The  telemetry  requirements  are  separated 
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into  two  categories,  i.  e. , low  rate  and  high  rate  telemetry  requirements. 

The  telemetry  information  includes: 

a. 

b, 

c, 

d. 

14.3 

the  failure  mode,  the  numerics  describing  the  failure  mode,  the  redun- 
dancy type,  and  the  maximum  amount  of  redundancy.  To  this  end,  the 
failure  model  as  stated  in  the  data  base  indicates  both  the  failure  mode 
and  the  redundancy  type.  If  the  failure  mode  is  modeled  by  an  exponential, 
then  the  failure  rate  must  be  provided.  Both  the  mean  and  standard  de- 
viation are  supplied  in  the  event  of  a normal  (gaussian)  failure  mode. 

The  dormancy  factor  must  be  provided  for  either  failure  mode.  Because 
the  Systems  Cost/ Performance  Model  can  add  an  undesirable  amount  of 
redundancy  (from  an  engineering  point  of  view),  the  total  allowable  number 
of  redundant  elements  is  specified.  This  redundancy  number  includes  both 
the  original  number  of  components  as  well  as  the  components  added  for  the 
purpose  of  increasing  system  reliability. 

T4.  4 COST  DATA 

Component  cost  information  must  be  supplied  for  each  of 
the  following  three  categories: 

a.  Design  engineering 

b.  Test  and  evaluation 

c.  Unit  production 

This  infprmation  is,  entered  into  the  data  base  .from  component  (i.e.,  assembly) 
level  CERs  which  have  been  developed  external  to  the  Systems  Cost/Performance 
Model.  An  additional  piece  of  information  which  must  be  provided  is  the  ref- 
erence quantity  required  to  meet  the  performance  requirements.  Redundancy 


.Number  of  analog  telemetry  points 
Number  of  digital  telemetry  points 
Sample  rate 
Word  length 

SAFETY  DATA 

The  intent  in  supplying  the  safety  information  is  to  indicate 
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is  not  included  in  the  reference  quantity.  A nondimen sional  factor 

has  been  provided  for  use  in  future  models  where  the  effect  of  standard!- 

zation  or  use  of  off-the-shelf  hardware  is  to  be  incorporated, 

•»« 

14.5  • SCHEDUIjE  data 

Component  schedule  data  include  both  the  development 
lead  time  and  the  qualification  lead  time,  Bach  lead  time  is  separated 
into  constant  and  variable  terms.  Normally,  the  constant  lead  times 
will  be  exactly  the  same  for  all  components  of  the  same  type,  hi  addition, 
a state -of-art  factor  is 'provided  based  on  the  component  being  in  a state 
of  development  somewhere  between  off-the-shelf  and  a new  concept  re- 
.qidring  an  advance  in  technology. 
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15.  PROGRAM/USER  INTERFACE 


The  interactions  between  the  Cost/Performance  Computer 
Program  and  the  user  include  the  input  data  and  the  printout.  The 
computer  program  inputs  are  discussed  in  Paragraph  15.  1,  and  the 
printout  is  described  in  Paragraph  15.  2. 

15.  1 COMPUTER  PROGRAM  INPUT 

The  computer  program  input  data  includes  subsystem  per- 
formance requirements,  interface  requirements,  mission  equipment 
description,  and  all  other  data  necessary  to  make  design  decisions.  The 
input  data  list  is  extensive  in  order  to  allow  specialists  to  exercise  a 
great  deal  of  control  over  the  System  Cost/Performance  Model.  On  the 
other  hand,  representative  values  were  established  which  the  model  uses 
in  the  event  that  the  user  does  not  wish  or  cannot  specify  all  of  the  input 
data . 

The  required  input  data  is  separated  into  three  categories; 
required,  desirable,  and  optional.  The  first  category  is  that  list  of  user 
inputs  which  are  essential  to  the  operation  of  the  model  and  which  will 
not  allow  the  use  of  representative  values.  The- second  category  of  user 
inputs  (desirable)  is  that  set  describing  the  mission  equipment  or  mission 
requirements.  The  third  category  includes  all  of. the  optional  inputs  which 
allow  detailed  control  of  the  design  attempts  by  the  program.  Table  15-1 
summarizes  the  input  data  to  be  supplied  by  the  computer  program  user. 

Certain  of  the  input  parameters  have  a more  obvious  effect 
on  the  spacecraft  designs  than  do  the  remaining  inputs.  For  example, 
the  APS  propellant  weight  is  strongly  influenced  by  the  main  engine  total 
impulse  requirement  (i.  e.  , the  product  of  FE  and  TSMAL.L,).  Successful 
design  of  the  dual  spin  configuration  for  the  S&C  subsystem  depends  on 
the  value  used  for  the  time  between  spin  axis  corrections'.  .Suc'cbssful 
design  of  the  data' proces  sing  and  communication  subsystems  is  depen- 
dent on  careful  selection  of  the  mission  eqmpment  data  flow,(ARRAYN). 
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Table  15-1.  Systems  Cost/ Performance  Model  Input  Form 

Required  Input  Data 


FORTRAN 

Name 

Representative 

Value 

Unit 

Description 

MICRO 

0 

Set  to  0 for  macro;  set  to  1,  2,  3,  4,  ox.  5 for  micro. 
If  0,  program  operates  in  macro  mode.  11  1,  2,  3, 
4,  or  5,  program  performs  micro  search  for  S&C, 
AP,  DPI,  COMM,  or  EP  subsystems,  respectively. 
For  micro  search  on  a specific  subsystem,  user 
must  restrict  all  other  subsystems  to  one  config- 
uration each. 

IPRINT 

1 

Set  to  1 for  system  level  printout.  Set  to  2 for 
system  and  subsystem  level  printouts.  Set  to  3 
for  system,  subsystem,  and  assembly  level  print- 
outs. Zero  allows  no  printout. 

T. 

24.0 

mo 

Mission  lifetime 

APOGEE 

500.0 

nmi 

Orbit  apogee 

PERIGE 

500.0 

nmi 

- Orbit  perigee 

SPECIE 

18.0 

mo 

System  mean  mission  duration  requirement. 

SPEC6- 

0.6 

System  reliability  requirement  at  end  of  mission 
life. 

NQV 

1 

Number  of  qualification  vehicles 

NFV 

4 

Number  of  flight  vehicles  - 

EQMIWT 

’ 435.0 

lb 

Mission  equipment  weight  {must  be  zeroed  out  if 
there  is  no  EQMl) 

EQM2WT 

435.0 

lb 

Mission  equipment  weight  (must  be  zeroed  out  if 
there  is  no  EQM2) 

EPME 

200.  0 

watts 

Mission  equipment  power  requirement. 

Either  SPECl  or  SPEC6  can  be  omitted  if'the  other  is  given.  If  SPEC!  £ 0-,  1,  the  requirement  is  ienored' 
thereby  reducing  the  execution  time  of  the  program.  If-SPEG6-£  0.  00001,  this  requirement  is  ienored-  ’ 
however,  the  program  execution 'time  is  not  reduced.  “ ' 


15-2 


Table  15-1.  Systems  Cost/Perfoxmance  Model  Input  Form  (Continued) 

Desirable  Input  Data 


- FORTRAN 
Name 

R epre  sentative 
Value 

Unit 

Description 

lAGNCY 

1 = USAF,  2 = NASA 

IMETYP 

Mission  equipment  type  (1  means  communications. 

2 means  earth  observation,  3 means  lunar, 

4 means  planetary) 

ISATOR 

1 earth  oriented,  2 sun  oriented,  3 inertlally 

oriented  • 

PHIRX 

0.75 

deg  1 

PHIRY 

- 0,75 

Required  attitude  accuracy  about  roll,  pitch,  and 

yaw  axes,  respectively 

PHERZ 

t 0.75 

deg  J 

NMSEQ 

Number  of  mission  equipment  command  and  tele- 

metry  data  arrays  in  ARRAYN  (maximum  of  3) 

Mission  data  for  up  to  three  (3)  equipments*^ 

ARRAYN  (1,  -) 

(0.,  0.,  ,0.) 

Power  switching  commands 

ARRAYN  {2,  -) 

to.,  0.,  0.)  - 

Other  commands 

ARRAYN  {3,  -) 

• (0.,  0.,  .0.) 

Time  tagged  commands 

High  rate  telemetry^i** 

ARRAYN  (4,  -) 

(106.,  0.  , 0.) 

Number  of  analog  points 

ARRAYN  (5.  -) 

(106.,  0.,0.) 

Number  of  digital  points 

ARRAYN  (6,  -) 

(500.,0.,0.) 

sec** 

Sample  rate 

ARRAYN  (7,  -) 

(8.,0.,0;) 

.bits 

Word  length 

Low  rate  telemetry** 

ARRAYN  (8,  -) 

(280.,0.,-0.) 

Number  of  analog  points 

ARRAYN  (9,  -) 

(280.,0.  ,0.) 

Number  of  digital  points 

ARRAYN  (10,  -) 

(i..o.,o,:) 

sec 

Sample  rate 

ARRAYN  (11,  -) 

(8.,0.,  0.) 

bits 

Word  length 

OPSMS 

0.0 

ops /sec 

Number  of  mission  operations 

MB12SH 

Mission  equipment  bay  shape  (1  means  cylinder, 

2 means  boTc) 

EQMIXL 

40.0 

in. 

No.  .1  mission  equipment  bay  length*** 

EQMIYE 

40.0 

in. 

No.  1 mission  equipment  bay  widthv“^= 

EQMIZLi 

40.0 

in. 

No.  1 mission  equipment  bay  heiglit*** 

EQM2XL 

,40.0 

in. 

No,  2 mission  equipment  bay  length*** 

EQM2YL 

40,0 

in. 

No,  2 mission  equipment  bay  width*>*>'**5* 

EQM2ZL 

•40.0 

in. 

No.  2 mission  equipment  bay  height*** 

'••Representative  values  shown  for  ARRAYN  apply  to  the  separate  downlink  configurations.  Designs 
not  using  a separate  downlink  for  the  mission  equipment  should  specify  substantially  smaller  input 
values  than  those  values  suggested  since  the  mission  equipment  data  is  combined  with  the  house-’  * 
keeping  data  for  transmission  purposes. 

--■"For  separate  downlink  desi^s,  nonzero  high  rate  and  low  rate  telemetry  data  must  be  speciiied 
for  at  least  one  mission  equipment.  Designs  not  using  a separate  downlink  for  the  mission  equip- 
ment can  have  ARRAYN  zeroed  out. 

'^**Must'be  zeroed  out  if  not  used. 
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Table  15-1.  Systems  Cost/Performance  Model  Input  Form  (Continued) 

Desirable  Input  Data- 


FORTRAN 

Name 

Representative 

Value 

Unit 

Description 

EMIYCC 

0,0 

in.  *' 

EMIZCG 

0.0 

in. 

Mission  equipment  CGs  relative  to  equipment  bay 

EM2YCG 

0.0 

in. 

inte  rface 

EM2ZCG 

0.0 

. in.  > 

NUMEEQ 

0 

Number  of  external  equipments  (maximum  of  9) 

EEQWT(l) 

0,0 

lb  1 

' 

EEQWT(2) 

0.0 

lb 

EEQWT(3) 

0.0 

lb 

EEQW.T(4) 

0,0 

lb 

EEQWJ(5) 

0.0 

• lb 

» 

External  equipment  weights 

EEQWT(6) 

0.  0 

lb 

EEQWT(7) 

0.  0 

lb 

- 

EEQWT(8) 

0.0 

lb 

EEQWT(9) 

0.0 

lb  J 

EEQVE(l) 

0.0 

^*3  1 

EEQVL(2) 

0.0 

ftl 

EEQVE(3) 

0.0 

^‘3 

EEQVL,(4)  - - 

0.0 

^‘3 

EEQVL(5) 

0.0 

*3 

► 

External  equipment  volumes 

EEQVL(6) 

0.0 

. ft^ 

EEQVL,(7) 

0.0 

EEQVL(8) 

0.0 

EEQVL{9) 

0.0 

J 

CGEEX(l) 

2.0 

CGEEX(2) 

2.0 

CGEEX(3) 

2.0 

CGEEX(4) 

2.0 

L/Ocation  of  external-equipment  (i-means  front/ 

CGEEX(5) 

. - 2.0-  ■ - 

2 means  center,  3 means  aft  end  along  axis  of 

CGEEX{6) 

2.0 

symmetry) 

CGEEX(7) 

2.0 

CGEEX(8) 

2,0 

CGEEX(9) 

2,0 

EELOC(l) 

3.0 

> 

EELOC(2) 

3.0 

EELOC(3) 

EELOCi4) 

3.0 

3.0 

Location  of  external  equipment  (1  means  rijjht. 

EELOC(Sj 

3.0  ' 

2 means  left,  3 means  top,  4 means  bottom  looking 

EEL0C(6) 

3,0 

along  the  axis  of  symmetry  from  the  aft  end) 

EELOC(7) 

3.0 

EELOC(8) 

3.0 

EELOC(9) 

3.0 

J 

RELME 

1.0 

Mission  equipment  reliability  at  end  of  mission  life 

XMER 

0.0 

$ 

Mission  equipment  DDTStE  cost 

XMEU 

.0.0 

? 

Mission  equipment  average  unit  cost  ,, 

PI 

1.  0 

Price  index  factor 

Schedule  data  for  up  to  three  mission  equipments: 

SKDMEU,  -) 

(0.,0,.  0.)  , 

$1000 

Design  engineering  cost 

SKDME(2,  -) 

(0.,  0.,  0.) 

$1000 

Test  and  evaluation  cost 

SKDME(3,  -) 

(0.,  0.,  0.) 

mo 

Development' lead  time  constant 

■ SKDME(4,  -) 

(0.,  0.,  0.) 

mo 

Development, lead  time  variable 

SKDME(5,  -) 

(0.,  0.,  0.) 

mo 

Qualification  lead  time  constant 

SKDME(6,  -) 

(0.,  0.,  0.) 

mo 

Qualification  lead  time  variable 

SKDME{7,  -) 

(0.,  0,,  0.) 

State-of-art  factor 
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Table  15-1.  Systems  Cost/Performance  Model  Input  Form  (Continued) 

Optional  Input  Data 


FORTRAN 

Name 

Rep  re  s entati  ve 
Value 

Unit 

Description 

IDEBUG 

0 

Input  value  of  one  causes  cost  and  reliability 
debugging  information  to  be  printed  out. 

ISTRTl 

I 

First  of  air  allowable  five  configurations  to  be 
designed  for  the  stabilization  and  control  subsystem* 
ISTRTl  and  lENDl  effectively  limit  the  number  of 

' 

configurations  whose  designs  will  be  attempted* 

(Must  be  equal  to  lENDl  for  micro  search  on  another 

subsystem. ) 

lENDl 

5 , 

Last  of  the  allowable  five  configurations  to  be  de- 
sired for  the  stabilization  and  control  subsystem. 

ISTRT2 
IEND2  ■ 

1 , 
3 - 

) 

As  above  for  auxiliary  propulsion 

ISTRT3 

1 

As  above  for  data  processing  and  instrumentation* 

IEND3 

2 • 

1 

ISTRT4 

IEND4 

1 

5 

) 

As  above  for  communications 

ISTRT5 

\ 

I 

As  above  for  electrical  power 

IEND5 

6 

i 

ISTRT6 

1 

As  above  for  vehicle  sizing 

IEND6 

3 

1 

ISTRTR 

0 

lENDR 

1 

1 

As  above  for  reliability  ■ 

ORBING 

28.5 

deg 

•Orbit  inclination 

DPHI 

0.25 

deg 

Main^engine  alignment  to  thrust,  elxis 

FE. 

4.T  . 

lb 

Translational  thrust  (must  be  nonzero) 

TSMALL 

100.0 

sec 

Main  engine'  bum  time  (iV  and  stationkeeping) 

XNU 

3.0 

Control  system  efficiency 

PDOTO 

1.0 

deg/sec . 

Maximum  initial  rate 

PDOTX 

-1.0 

deg/sec  1 

PDOTY 

i.b 

deg/sec . [ 

Maximum  maneuver  rates 

PDOTZ 

1.0 

deg/sec  J 

XN 

1.0 

1 

YN 

1.0 

Number  of  maneuvers  about  roll,  pitch,  and  yaw  axes 

ZN 

1.0 

J 

PDOTRX 

0,012 

deg/sec  1 

PDOTRY 

0.012 

deg/sec  [ 

Required  system  rate  accuracy 

PDOTRZ 

0.012 

deg/sec  J 

TPMIN 

10.0 

sec 

Minimum  payload  scan  period  (applies  only  to  yaw 
spin  configurations) 

OMEGR 

60.0 

rpm 

Spin  rate  of  rotor  (applies  only  to  dual  spin 
configuration) 

XNN 

21.0, 

days 

Time  between  spin  axis  corrections  (applies  only 
to  dual  spin  configuration) 

teGlNAi;  PAGE  IS 
>0E  POOR  QUALny 
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Table  15-1.  SystemsXost/Performance'  Model  Input  Form  (Continued) 

Optional  Input  Data 


FORTRAN 

Name 

Representative 

Value 

Unit 

Description 

K 

1 

0 i£  errors  for  spin  axis  relative  to  nadir;  1 if  errors 
for  payload  relative  to  nadir  (applies  only  to  dual 
spin  configuration)  * 

MANV 

1 

4 means  vehicle  slewing  and  prevents  design  of  the 
dual  spin  configuration;  otherwise,  no  effect 

EPl 

0.0001 

deg/see 

Maximum  programmed  pitchover  rate  (applies  only 
to  three-axis  mass  expulsion  configuration) 

AX 

AY 

AZ 

0.05 

o.os 

0.05 

deg 
deg 
deg  _ 

Misalignment  errors  in  mounting  inertia  measure- 
ment units  (applies  only  to  three-axis  mass  expulsion 
configuration) 

EA 

0.10 

■ deg 

Antenna  misalignment  (applies  only  to  pitch 
momentum  bias  configuration) 

EANT 

0.1 

rad 

-Antenna  elevation  (applies  only  to  pitch  momentum 
bias  configuration  and  should  be  set  to  less  than 
one  radian) 

ALPHA 

12.0 

deg 

Thruster  offset  in  roll-yaw  plane  (applies  only  to  . 
pitch  momentum  bias  configuration)  ' 

TL 

1.0 

day 

Time  between  unloading  wheel  momentum  (applies 
.only  to  CMG  configuratLon) 

TACCEL 

20,0 

sec 

Acceleration  time  foi*  maneuvering  (applies  only  to 
CMG  configuration) 

XNNN 

4.0 

* 

Number  of  single  gimbaled  gyros  (applies  only  to 
CMG.  configuration) 

THOLD 

100000.0 

min 

Time  vehicle  in  inertial  hold  (applies  only  to 
CMG  configuration) 

.PDOTAV 

0.01 

deg/ sec 

Average  body  rate  for  low  orbit  when  high  accuracy 
is  required  (applies  only  to  CMC  configuration) 

PDOTST 

0.0667 

deg/ sec 

Maximum  rate  at  which  star  information  is  obtained 
(applies  only  to  CMG  configuration) 

THETMX 

160.0 

deg 

Maximum  maneuver  angle  (applies  only  to 
CMG  configuration) 

PHIFOV 

40.0 

deg 

Maximum  range  of  attitude  freedom  required  to 
track  specific  stars  (applies  only  to  CMG  configuration) 

BTRMX 

1.024x10^ 

bit/sec 

Maximum  bit  rate 

SCSFL 

0.0 

Special  command  synchronization  flag  (0  means  no 
synchronization  required,  1 means  synchronization 
required) 

TPRFL 

0.0 

Telemetry  processing  flag  (0  means  telemetry-pro- 
cessed separately,  1 means  otherwise) 

rOPTCM 

0 

- 

Ranging  requirement  (0  or  1 for  no  or^yes) 

LINK 

1 

' 

Communications  link  (0  or  1 for  USB  or  SGLS)=5= 

The  computer  program  does  not  currently  possess  the  ability  to  design  a USB  communication  link. 
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Table  15-1.  Systems  Cost/Performance  Model  Input  Form  (Continued) 

Optional  Input  Data 


FORTRAN 

Name 

Representative 

Value 

Unit 

1 Description 

FREQX(2) 

2250.,  2250 

MHz 

Frequency  of  downlink  transmitters  (second" number 
refers  to  separate  downlink) 

NET 

1 

1 =‘NASA  net,  0 = AFSCF  net 

NADIR 

0 

■ Nadir  coverage  flag'(0  = no,  1 = yes) 

FREQR  ■ 

1800.0 

MHz 

Receiver  frequency 

COMRAT 

1000,0 

baud 

Receiver  command  rate 

BWIDTH(2) 

-1.E10,  -I.EIO 

Hz 

•Bandwidth  for  transmitter  (default  values  are  flags 
that  cause  bandwidth  to  be  computed  as  a function 
•of  bit  rate)  ' ‘ 

OPTEMP 

15,0 

Battery  temperature 

EQPF 

2.0 

Volume  sizing  factor 

ISBOFG 

0 

Solar  array  boom  drive  requirement  (0  means  not 
required,  1 means  required) 

XCGSAl 

1.0 

Location  of  solar  paddles  (1  means  front,  2 means 
center,  3 means  aft  end) 

XCGSA3 

1.0 

Location  of  body  mounted -solar  array  (1  means 
front,  2 means  center,  .3  means  aft  end) 

DIAMAX 

120.0 

in* 

Maximum  satellite  diameter  • 

RFDCED 

1.0 

Initial  system  reliability 

KEOPT 

1 

Expense  option  indicator  (1  means  additional 
redundancy  is  penalized  on  the  basis  of  w;eight; 
otherwise  expense  is  cost) 

SLBMX 

50000.0 

lb 

Maximum  system  weight 

ISPT 

0 

Single  point  failure  requirements  option  (0  = not 
in  effect,  otherwise  in  effect) 

ISUB 

0 

Subsystem' requirements  optiond  = at  least  one  sub- 
system has  a reliability  spec,  othervrise  no  reliability 
specs  on  subsystems)  , 

SPEC(l)* 

0.9 

Reliability  requirement  for  the  stabilization  and 
control  subsystem 

SPEC(2)1= 

0.9 

Reliability  requirement  for  the  auxiliary  propulsion, 
subsystem 

SPEC(3) 

0.9 

Reliability  requirement  for  the  data  processing 
subsystem 

SPEC(4)* 

0.9 

Reliability  requirement  for  the  communication 
subsystem 

SPEC(5)=s 

0.9 

Reliability  requirement  for  the  electrical  power 
subsystem  . ’ • 

CA 

10,0 

g 

•Axial  launch  accele  ration 

CE 

5.0 

g 

Lateral  launch  acceleration 

FEEPCT 

0.07 

Contractor's- fee  percentage- 

■ If  SPEC{K)  i 0.00001.  the  requirement  for  the  subsystem  is  ignored. 


D®  POOR  OPAUIY 
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The  EP  subsystem  desjgu  (e.g.,  weight)  is-  directly  influenced  by  the 
mission  equipment  power  requirement '(EPME) . Specifying  a reasonable 
value  of  mission  equipment  reliability  (RELME)  is  essential  to  obtaining 
a reasonable  level  of  rediindancy.  The  dimensions  of  the  vehicle  are 
strongly  influenced  by  the  mission  equipment  dimensions,  the  volume 
sizing  factor  (EQPF),  and  the  maximiim  diameter  (DlAMAX).  The  vehicle 
weight  is  influenced  by  the  mission  equipment  weight  and,  indirectly,  by 
all  of  the  previously  identified  parameters.  The  cost  estimate  is  directly 
influenced  by  the  price  index  (PI)  and  the  mission  equipment  costs.  It 
should  be  obvious  that  the  Cost/Performance  Computer  Program  is  sensi- 
tive to  the  input  requirements  in  the  same  way  that  actual  spacecraft  • 
designs  are  sensitive  to  requirements. 

15.2  COMPUTER  PROGRAM  OUTPUT 

The  computer  program  printout  incorporates  thr.ee  levels  of 
detail,  any-of  which  can  be  requested  by  the  user.  The  first  level  of; 
printout  is  an  overview,  of  the  spacecraft  design.  A more  detailed  print- 
out (the  second  level)  can  be  requested  by  the  user  and  will  include  all 
subsystem  level  information.  The  third  level-. of  detail  will  s_pecify  the 
design  down  to.  the  assembly  level.  • 

The’  system  level  description  includes  the  configuration  type 
for  each  of  the  subsystems  and  the  following  information: 

a.  • Stabilization  and  Control 

1 . Pointing  accuracy 

b.  ■ Auxiliary  Propulsion 

1.  Total  impulse 

c.  Data  Processing 

1.  Computer  operations  rate 

2.  Number  of  commands 

3.  DTU  description 
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Commumications 

1.  Primary  downlink  data  rate 

2.  Separate  downlink  data  rate 

Electrical  Power 

1.  End-of-life  power  requirement 

2.  Total  solar  array  area 

3.  Minimum  installed  battery  capacity 
Vehicle  Sizing 

1.  Weight 

2.  Dimensions 

3.  Moments  of  inertia 
Safety  t 

1.  Mission  lifetime 

2.  Reliability 

3.  Mean  mission  duration 
Cost 

1.  Engineering 

2.  Test  and  evaluation  (DDT&E  only) 

3.  Production  (investment  only) 

4.  Tooling,  and  test  equipment 

5.  Quality  control 

6.  Systems  engineering  and  integration 

7.  Program  management 

8.  Program  totals 
Schedule 

1.  Component  design  and  development 

2.  Component  qualification 

3.  Subsystem  development 

4.  Subsystem  qualification 

5.  System  development,  test,  and  flight  readiness 

6.  Schedule  duration  to  launch 
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The  subsysiem.  level  description  provides'  the  following 
information  for  each  of  the  subsystems  and  the  mission  equipment: 

a.  Equipment  identifiers 

b.  Equipment  quantities 

c.  Weight 

d.  Volume 

e.  Power  requirement 

f.  . Reliability 

g.  ' Costs 

1.  Design  engineering 

2.  Test  and  evaluation 

3.  Unit  production 

4.  Unit  engineering 

h. -  Schedule 

1 . Component  development 

2.  Component  qualification 

3.  Subsystem  development 

• 4.  Subsystem  qualification 

The  thermal-  control  subsystem  des.cription  includes: 

a.  Radiator  area  and  type 

b.  Heater  power 

c.  Heat  pipe  capacitance  and  type 

d.  Phase  change  material  mass 

The  structures  subsystem  description  includes: 

a.  .Skin  thickness 

b.  ' Stringer  size  and  niimber  ' 

c.  ■ Frame  size  and  number 

d.  End  cover  and  center  plate  dimensions  • - 

e.  Mission  bay  and  solar  array  extension  dimensions 
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The  assembly  level  description  provides  the  following  in- 
formation for  each  piece  of  equipment  selected  from  the  data  base; 

a.  Identifier  ..(code  number) 

b.  - Description  (equipment  type) 

c . Quantity 

d.  Unit  weight 

e.  Unit  volume 

f.  Unit  power, 

g.  Design  engineering  cost 

h.  Test  and  evaluation  cost 

i.  Vehicle  production  cost 

j.  Vehicle  engineering  cost 

In  addition,  the  above  four  costs  are  specified- for  equipments  which  use 
CERs  including; 

a.  Solar  array 

b.  . Wiring  harness 

c.  . Thermal  control 

d.  Power  converters 

e.  Power  control  units 

f.  Propulsion  feed  system 

g.  ■ Structures 

To  summarize,  the  three  levels  of  printout  correspond  to  the 
system,  subsystem,  and  assembly  level  of  design.  The  appropriate 
design,  cost,  and  schedule  information  is  printed  out  at  each  of  these 
levels  as  requested  by  the  user. 
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16.  MpCEL.'  CHECKOUT  AHD  RESULTS 

The  Systems  Cost/Performance  Model  was 'checked  out 
by  programming  the  model  on  the  contractor’s  CDC  7600  and  IBM  370 
computers  and  performing  both  a thorough  debugging  and  ojj'eration  of  the 
computer  program.  Programming  of  the  model  served  the  purpose  of 
checking  out  the  interfaces  between  the  subsystems  and  the  reliability, 
cost,  and  schedule  models-  Operation  of  the  computer  program  served 
the  purpose  of  identifying  errors  in  the  Model.  Finally,  three  test  cases 
were  used  to  check  the  Cost/Performance  Model  and  the  operation  of 
the  computer  program.  The  three  test  cases  were: 

a.  Defense  Satellite  Commimication  System  (DSCS-II) 

b.  Earth  Resources- Technology  Satellite  (ERTS-A) 

c.  Orbiting  Solar  Observatory  {OSO-I) 

The  results  of  these  test  cases  are  reported  in  the  following  three 
sections.  Section  16.4  reports  the  results  of  a number  of  trade  studies  ' 
performed  using  the  computer  program. 

16.  1 DSCS-II  CHECKOUT 

The  DSCS-II  payload  requirements  were  input  to  the  Cost/ 
Performance  Computer  Program  to  generate  a design,  along  with  the 
respective  costs  and  schedules  which  would  satisfy  the  input  requirements. 
Such  a checkout  is  more  thorough  than  may  be  apparent  since  the  Cost/ 
Performance  Model  will  not  necessarily  reconstruct  an  identical  DSCS-II 
design- simply  because  the  equipment  is  in  the  data  base;  rather  it  will 
configure  alternate  designs  which  meet  the  DSCS-U  requirements  based 
on  well-defined  procedures.  The  checkout  effort  consisted  of  subsystem 
specialists  making  a step-by-step  investigation  of  the  logic,  calculations, 
and  equipment  selection  in  order  to  identify  and  correct  errors. 
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The  DSCS-II  input  parameters  are  listed  in  Figure  16-1. 

A reproduction  of  the  computer  program  output  listing  is  provided  in 
Figure  l6-2.  The  output  design  consists  of  the  following  subsystem 
configurations : 

a.  Dual  spin 

b.  Monopropellant  propulsion 

c.  Special  purpose  processing 

d.  Separate  uplink  and  downlink  with  a c ommon. antenna 

e.  Body-mounted  solar  arrays 

f.  Shunt  voltage  regulation. 

g.  Cylindrical  .shape 

h.  .Single  system  redundancy 

The  subsystem  weights  and  vehicle  dimensions  are  compared  with  the 
actual  values  in  Tables  16-1  and.  16-2,  respectively.  Table  16-3  compares 
the  model's  cost  estimates  with  the  equivalent  cost  estimates  generated 
by  subsystem  (PALCM)  CERs.  .The  .error  in  the  total  cost  estimate'  is 
less  than  24%  relative  to  the  actual  costs. 
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SREQUIR 

APOGEE  = 0.1G3229E^05, 

EPME  s fl.3E»03, 
EQHIHT  = 0.1«1E*03, 

E0H2MT  s 0.0, 

IPRINT  a 3, 

MICRO  = 0, 

NFV  = 6, 

NQV  = 1, 

PERICE  a P.193229E4-05, 
SPECl  a 0.38E*1)2,. 
SPEC6  a 0.23&E4-00, 

T a 0.6E+02, 

SEND 


w 


Figure  16-1.  ■ DSCS-II  Input  Requirements 
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SOESIRE 


ARRAYN 

0.16E4-02,  0.0,  0.0,  0.0, 

0.0,  0.0,  0.0,  0.0,  0.0, 
0.0,  0.0,  0.0,  O.O,  0.0, 

0.0,  0.0,  0.0,  O.GdE+02,  0 

0.0,  0.0,  0*0,  ,0*0*‘  0.0, 

.16E+02, 

0.0, 

Q.75E-02] 
0.0,  0.0 

OadE'^Olf  0«0« 

It  O«0t  utOt  0«0t 

CGEEX 

- 

C.2E+01,  0.2E*01,  0.2E+Oi, 

: 0.2E+01,  0,2E+Ot,  0.2E+01, 

0.2E«’0i, 

0.2Ef01, 

Q•^e+olt 

EE  LOG 

0.3E+01,  0.3E+01,  0,3Ef01,' 

,0..3E+01,  0.3E«^01,  0.3E+01, 

0.3E+01, 

0.3E4-61, 

0«3E40l9 

EEQVL 

=: 

0.0,  O'.'O,  0.0,  0.0,  0.0, 

0.0,  0.0,  0.0,  0.0, 

EEQMT 

0.0,  0.0,  0.0,  0.0,  0.0, 

,'O.Q,  0.0,  0.0,  0.0, 

EHIYCG 

- 

0.0, 

EHIZCG 

= 

>0.0, 

EM2YCG  = .0,0, 

EH2ZCG  s 0.0, 

EQHIXL  s O.^O^fE^^OZ, 
EQMIYL  = 0.1082E+03, 

EQHtZL  = 0.,1082E+03, 

EQM2XL  ='  6.0, 

EQM2YL  = 0;.0, 

EQM2ZL  = 0.0, 

lAGNCY  s 1, 

IMETYP"  =■  1, 

ISATOR  = 1, 

MB12SH  a 1,  , 


NKSEQ 

St  , 

1,, 

nuheeq 

= 

0, 

OPSHS 

s: 

0.0,* 

PHIRX 

= 

0.393E*00 

PHIRY 

s 

0.393E4^00 

PHIRZ 

= 

a..393E+00 

PI 

o;iE*^oi, 

RELRE 

- 

0.7E+00, 

Figure  16-1.  DSCS-il  Input  Requirements  (Continued) 


SKDHE  ■=  9*S*  2*®*  0»0»  0«0»  0«0»  0«0«  Q< Ot  OaOt  0*0«  OtOt  0»0»  0*0t  0»0»  0*0t  0*0t 

0«Uy  OaOy  UsD*  OaOa  flaQa 

XMER  = 0.323E+08f 

XMEU  = 0.33i»£+07, 

SEND 


I 

ui 


Figure  16-1.  DSCS-II  Input  Requirements  (Continued) 
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SOPTION 

ALPHA  > O.IZE^OZ* 

AX  a O,5E-01» 

Ar  - 0.5E-01, 

AZ  a 0.5E-01t 

BTRHX  = 0.102<*E*0r» 

8HI0TH  ? -0,1E+11.  -O.lEfil, 

CA  = 0.1E+02» 

CE  = 0.5E+01, 

CONRAT  a O.lE't'QL* 

OIAHAX  = 0.10aE4^a3t 

DPHI  = fl.25E*OOt 

EA  = 0.1E4-00. 

EANT  a O.IE+Ob, 

EPl  = O.lE-03,  . 

EQPF  = 0.1E>02, 

FE  * 0.35E+01, 

FEEPCT  = 0.7E-01. 

FREQ  = 0.225E*0<»»  0.225E«-0<*» 

FREQR  a 0.18E+04. 

lENOl  X 1,  ' . 

I0E8UG  =1, 

IEN02  X 2, 

IEN03  = 2, 

IEN04  = 2,  . 

IEN05  X a, 

IEN06  X 1, 

IENOR  X 0 , 

I9PTCM  = 1,  0,  0, 

Figure  I6-I.  DSCS-II  Input  Requirements  (Continued) 
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ISBOFG 

II 

o 

ISPf 

= u. 

ISTRTl 

II 

ISTRT2 

= 2t 

ISTRT3 

CM 

II 

ISTRTif 

* 2, 

ISTRT5 

= 2f 

ISTRT6 

ISTRTR 

= 1» 

= Ot 

isua 

K 

= D, 
= If 

KEOPT 

— 1 * 

LINK 

= l» 

fe  Q 

HANV 

= 1. 

gel 

NADIR 

II 

NET 

= Ci  . • 

OHEGR 

= Q.58E+02, 

OPTEMP 

= 0.15E+02, 

ORBING 

= Qi25E*01t 

POOTAU 

= O.IE-Olf- 

PDOTRX 

= 0.12E-C1, 

POO TRY 

= 0<12E-01, 

POOTRZ 

= 0.12E-C1» 

poors T 

= 0.667E-01, 

POOTX 

= O.tE+01, 

PdOTY 

= Oiie+oit 

POOTZ 

= O.tE+Olf 

PDOTO' 

= . O.tEFOl, 

Figure  16-1 


DSCS-il  Input  Requirements  (Continued) 
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PHIFOV  = 

0.4E*^02t 

RFIXEO  = 

0* lE+01 ) 

SCSFL  = 

0.0* 

SLBMX  = 

0 . 263E'^  04* 

SPEC  , = 

0.77960195333414E 

0.236E+00* 

TACCEl:  = 

O.^aEtOZ 

THETMX  = 

. 0.18E+03 

THOLD  = 

0.!1E4-06, 

TL  = 

C.lE4^0i* 

TPMIN  = 

'0.1E»82* 

TPRFL  = 

0.0* 

TSHALL  = 

. 0.717E+0; 

XCGSAl  = 

O.lEtOl* 

.XC6SA3  = 

'0.2E+01, 

KK  • 

O.lE-i-Ql* 

XNN  = 

C.1EI-Q2* 

XNNN,  , = 

0.4Et01« 

•XNU  = 

0.3E401* 

VN;'  • .= 

'0.1E4-D1, 

ZN  • = 

0.1E4^01, 

SEND 


0.904690 aaa4667aE^0Qt 


O.aO7543987454OlE+O0t 


0.77960 1953334 i4E+00, 


Figure  16-1.  DSCS -II  Input  Requirements  (Continued) 
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**  NASA  SYSTEMS  COST/PERFORMANCE  STUOY  ** 


DEFINITIONS  

CONFIGURATIONS  fNCONF) 

STABILIZATION  AND  CONTROL  (NCONFdH 
NC0NF<1)=1  IS  DUAL  SPIN 
NCOhF(i)=2  IS  YAH  SPIN 
NC0NFC1)=3  IS  HASS  EXPULSION 
NC0NFU)=4  IS  HASS  EXPULSION  »/  CMG-S 
NCONF(i»=5  IS  MASS  EXPULSION  H/  M.W.-S 
DATA  PROCESSING  AND  INSTRUMENTATION  (NCONFOn 
NC0NF(3)=1  IS  GENERAL  PURPOSE  PROCESSOR 
NC0NFI3)=2  IS  SPECIAL  PURPOSE  PROCESSOR 
ELECTRICAL  POWER  (NC0NF(5U 

NC0NFC5)=1  IS  SHUNT  REGULATION  - PADDLE  HTO. 
NC0NF15>=2  IS  SHUNT  REGULATION  - BODY  HTD. 
NC0NF<5)=3  IS  SHNT  + OISCH.REG  - PADDLE  HTO. 
NCONFI5)=4  IS  SHNT  + OISCH.REG  - BODY  HTD. 
NC0NF(5)=5  IS  SERIES  LOAD  REG.  - PADDLE  HTO. 
NC0NFC5»=6  IS  SERIES  ^LO AO  . REG.  BODY  HTO. 


AUXILIARY  PROPULSION  (NC0NFC2M 
NCONF<2lsl  IS  COLO  GAS- 
NC0NF(2)=2  IS  MONOPROPELLANT 
NCONFt2J=3  IS  BIPROPELLANT 
COHMUNICATIONS  <NC0NF(4> I 

• MC0NF(4>=1  IS  SEPARATE  UPLINK  AND  DOWNLINK 
NC0NF(4)=2  IS  UNIFIED  LINK-COMMON  ANTENNAS 
NC0NF(4)=3  IS  UNIFIED  LINK-SEPARATE  ANTENNAS 
NC0NF(4»=4  IS  UNIFIED  LINK-COMMON  ANT  ♦ DOWNLINK 
NC0NFI4)=5  IS  UNIFIED  LINK-SEPARATE  ANT  + DOWNLINK 
VEHICLE  SIZING  (NC0NF<6I» 

NC0NFC6)=1  IS  CYLINDER 
NCONF<6»=2  IS  BOX 
NCONF(6)=3  IS  SPHERE 
RELIABILITY 

' '•REDUNDANCY  CONFIGURATION  = 0 
■REOUNDANCY  CONFIGURATION  = 1 


IS’  SINGLE ■ SYSTEM 
IS  DUAL'  SYSTEM 


O' 

'xD 


MESSAGES  (lERR) 

STABILIZATION  AND  CONTROL 

lERR  = Q MEANS  NO  MESSAGES 

lERR  = 1 MEANS  MAX  ALLOWABLE  SYS.  ERROR  UNSAT 

lERR  = IX  MEANS  MAX  RATE  ERROR  TOO  SHALL 

lERR  = IXX  MEANS  3-AXIS  .WHEELS  ACCEPTABLE 

lERR  = IXXX  MEANS  OBL  GIHB.CHGS  ACCEPTABLE 

□ATA  PROCESSING  AND  INSTRUMENTATION 
lERR  = - 0 MEANS  NO  MESSAGES 

lERR  = . 1 MEANS  MUX  REQUIRED 

lEHR  = 10  WORD  LENGTH  GREATER  THAN  256 

lEFR  = 100  BIT  RATE  IS  TOO  LARGE 

lERR  = 1000  SPEC. COHO. SYNC. FLG  NE  0 

lERR  = 10000  ENO  OF  DATA  BASE  SENSED 
VEHICLE  SIZING 

lERR  - 0 MEANS  NO  MESSAGES 

lEHR  = 1 MEANS  BODY  MOUNTED  SOLAR  ARRAY  LENGTH 
EXCEEDS  EQUIPMENT  BAY  LENGTH 


AUXILIARY 
lERR  = 

. lERR  = 

I^RR'= 

lERR  = 

THERMAL 
lERR  = 


PROPULSION 

0 MEANS  NO  MESSAGES 

1 MEANS  CYCLE  LIFE  OF  ATTITUDE  CONTROL 

THRUSTERS  IS  TOO  SHORT 

10  MEANS  CYCLE  LIFE  OF  TRANSLATIONAL  THRUSTER 

IS  TOO  SHORT. 

11  MEANS  CYCLE  LIVES  OF  BOTH  THRUSTERS  ARE 

TOO  SHORT 


IXXXXXXXXX 

lER.R  -=  XIXXXXXXXX 

lERR  * XXIXXXXXXX 

lERR  = XXXIXXXXXX 
lERR.a  XXXXIXXXXX 

lERR  = XXXXXIXXXX 
lERR  = XXXXXXIXXX 
lERR  = XXXXXXXIXX 
lERR  = XXXXXXXXIX 

lERR  = XXXXXXXXXl 


MEANS  BATT  RAO  AREA  IS  SUPPLIED 
IN  RADAS 

MEANS  OSR  CONV.  AND  VARIABLE  COND 
UCTAMCE  HEAT  PIPE  INFO  IS  REQUIRED 
MEANS  PHASE  CONTROL  MASS  IS 
SUPPLIED  IN. PCM 

MEANS  ISOTHERMALIZER  IS  REQUIRED 
MEANS  DIODE  HEAT. PIPE  IS  REQUIRED 
(2  REQUIRED) 

MEANS  CONV.  HEAT  PIPE  IS  REQUIRED 
MEANS  OSR  RADIATOR  IS  REQUIRED 
MEANS  CONV.  RADIATOR  IS  REQUIRED 
MEANS  HEATER  POWER  IS  SUPPLIED 
IN  HTRPHR 

.MEANS  RADIATOR  AREA  IS  SUPPLIED 
IN  RADA 


Figure  l6-2.  Computer  Program  Listing  for  DSCS-II 
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oscs-ii 

SYSTEM  DESCRIPTION  DESIGN  NUMBER 

STABILIZATION  AND  CONTROL 
CONFIGURATION  - - DUAL  SPIN 

AUXl[?J^r«E^5oV  = -3-93000  (OEG 

' MONOPROPELLANT 

PROglfsiNG  AND  INSTRUMENtAtION^^^’ 

NUMBEr‘-0F  COMMANDS  ENGINEERING  DATA 

MyMBER  OF  MAIN  FRAME  HORDS 
main  frame  sample  rate 

MAIN  frame  word  LENGTH 
NUMBER  OF  SUBFRAMES 
SUBFRAME  RATE 

'=°®SS??'58aNCi;K“S5fJ"g.VI"^-'“""°"  “1J38§,k8psi 
,E..Ec?lf8?f'^o8ir"''‘  = i:S28!ai8l! 

' CONFIGURATION  - - SHUNT  - BODY  MOUNTED  SOLAR  aprav 

VEHi"le'"i?iISg”-“'-‘-“  ""TEST  CAPACITY^  “l;28<.APP-«P. 
CONFIGURATION  - - CYLINDER 

iyiP^NJ^SA^lDriMENSI^  '-^V5J??fl^l^??5E!GHT 


MISSION  EQUIPMENT  DATA 
256 • 0. 

6^*  0. 

■ S’ 

X*  0. 

0 • . Q « 

l.OOCQ  -0.0000 

0. 


HOHENTS  OF  I»ERTIA(LB-IN“21  IX)(“”o276A».l  111= 


1199.9KLBS) 

108.00 (IN> .HIOTH 


108.20<IN1,  WIDTH 
2676386.5  IZZ=  2676386.5 


108.00 (IN) 
108.20(IN) 


Figure  16-2.  Computer  Program  Listing  for  DSCS-II  (Continued) 


ORIGMAi:  PAGE  IS 
OE  POOR  QUAUrYl 


SAFETY 

CONFIGURATION  - - SINGLE  SYSTEM 

MEAN  MISSION  DURATION  40.5<MO) 

RELIABILITY  .305. 

MISSION  lifetime  6C.8CM3> 

COSTS  (ALL  AMOUNTS  ARE  IN  DOLLARS) 


DESIGN  ENGINEERING 
TEST  AND  EVALUATION 
TOOLING  AND  TEST  EQUIPMENT 
QUALITY  CONTROL 

SYSTEMS  ENGINEERING  AMO  INTEGRATION 
PROGRAM  MANAGEMENT 
COST  CATEGORY  OOT+E 

SPACECRAFT  20187A20.8 

MISSION  EQUIPMENT  323QOOOO.O 

TOTAL  PAYLOAD  52A37420.8 

QUALIFICATION  UNITS  10289456.3 

G.S.e.  1213034.8 

LAUNCH  SUPPORT 

CONTRACTOR  FEE  .)•••  1984493.8 

PROGRAM  TOTALS  65974405.8 

SCHEDULE 

COMPONENT  DESIGN  DEVELOPMENT  TIME 
COMPONENT  QUALIFICATION  TIME 
SUBSYSTEM  DEVELOPMENT  TIME 
SUBSYSTEM  QUALIFICATION  TIME 
SYSTEM  DEVELOPMENT  ANO  FLIGHT  READINESS 
SCHEDULE  DURATION  (TO  LAUNCH) 


DOT+E 

8535559.4 

5014470.4 
0.0 

830059.3 
40 85236.0 
1722045.7 


INVESTMENT 

41696738.0 

20040000.0 

51736738.0 


2918771.7  - , 

84655509.6 

14.4IMONTHS) 
14.KM0NTHS) 
g.2(M0NTHS) 
8.KHONTMS) 
9.2(H0NTHS) 
41.0 (MONTHS) 


UNIT  ENGINEERING 
UNIT  PRODUCTION 
TOOLING  ANO  TEST  EQUIP. 
QUALITY  CONTROL 
SYSTEMS  ENG.  ANO  INT. 
PROGRAM  MANAGEMENT 
T OPERATIONS 


INVESTMENT  (RECURRING) 
2544648.9 
2223816.5 
UIP.  .0.0 

349504.0 
T.  1303527.3 

527959.6 


2156736.5 

lS097il.6 

2307708.1 


Figure  16-2,  Computer  Program  Listing  for  DSCS-II  (Continued) 
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OSCS**II 

SUBSYSTEM  DESCRIPTIONS  - - DESIGN  NUMBER 
STABILIZATION  AND  CONTROL 
CONFIGURATION  - - DUAL  SPIN 
IUUIPMENT  code  IDENTIFIER  'ISl  252  352 

EQUIPMENT  QUANTITIES  2 1 2 

HEIGHT  148.13CLB»,  VOLUME 

DES.  ENG.  COST  2794500.0 

UNIT  PROO.COST  570587.4 

RELIABILITY  .7109 

SCHEDULE  . 

COMPONENT  DEVELOPMENT  TIME  14.4 (MONTH) 

SUBSYSTEM  OEVELOPHENT  TIME  9.2 (MONTH) 

^^SYSTuM  DEVELOPMENT  AND  FLIGHT  READINESS 

AUXILIARY  PROPULSION  *■ 

CONFIGURATION  - - MONOPROPELLANT 

EQUIPMENT  CODE  IDENTIFIER  807  807  902  1001  459 

EQUIPMENT  QUANTITIES  6 2 I 9 I 

WEIGHT  208.07(LB),  VOLUME  5 . 22 (FT**3) i 

DRY  WEIGHT  86.82(483),  EXPENDABLE  WEIGHT 

■1004897.4  

283305.2 
.7789 


551  651  751  801  1401 
^1  2 2 ,2  2 

5.64(FT»»3)',  POWER  REQUIREMENT 
TEST  EVAL.  COST  1618200.0 

UNIT  ENG.  COST  989741.2 


COMPONENT  QUALIFICATION  TIME 
SUBSYSTEM  QUALIFICATION  TIME 
TIME  9. 2 (MONTH) 


201 
1 


1102 
8 


OES.  .ENG.  COST 
UNIT  PROO.COST 
RELIABILITY 
SCHEDULE 

COMPONENT  DEVELOPMENT  TIME 
SUBSYSTEM  DEVELOPMENT  TIME 


503  701  1201  601 

12  2 2 
POWER  REQUIREMENT 
121.25(LBS) 

TEST  + EVAL.  COST  644989.6 

UNIT  ENG.  COST  3723.22.0 


SYSTEM  DEVELOPMENT 
lERR  11 

DATA  PROCESSING  AND  INSTRU'MENTA  TION 
CONFIGURATION  - - SPECIAL  PURPOSE 
EQUIPMENT  CODE  IDENTIFIER  ' 

EQUIPMENT  QUANTITIES 

HEIGHT  20 

OES.  ENG.  COST 
UNIT  PROO.COST 
RELIABILITY 

•SCHEDULE  ' ..... 

COMPONENT  DEVELOPMENT  TIME 
SUBSYSTEM..  DEVELOPMENT  TIME 


4.3 (MONTH)  COMPONENT  QUALIFICATION  TIME 
_8.9(MQNTH)  SUBSYSTEM  QUALIFICATION  TIME 


AND  FLIGHT  READINESS  TIME  8.9(M0NTH) 


- . PROCESSOR 
20  1 
2 

aO(LB),  VOLUME 
'210000.0 
59851.8 
.8750 


(DTU) 


2.00(FT»*3),  POWER 
TEST  + EVAL.  COST 
UNIT  ENG.  COST 


REQUIREMENT 

97000.0 

77893.0 


8.9(M0NTH)'  COMPONENT  QUALIFICATION  TIME 
2.4 (MONTH)  SUBSYSTEM  QUALIFICATION  TIME 


.SYSTEM  DEVELOPMEN;t'AND  FLIGHT  READINESS  TIME  'IVg  (MON  THI 


57.KHATT) 


14'.1(M0NTH) 

8.KMONTH) 


8.0(HATT) 


1.6(HONTH) 

7.3(M0NTH) 


6.0(HATT) 


2.0(MONTH) 

7.KM0NTH) 


Figure  l6-2; 
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COHMUNICATIONS 

CONFIGURATION  - - UNIFIED  LINK-COMMON  ANTENNAS 
EQUIPMENT  CODE  IDENTIFIER  101  201  3C1  401 

EQUIPMENT  QUANTITIES  2 1-22 

HEIGHT  2D.45tL3),  VOLUME 

OES.  ENG.  COST  301000.0 

UNIT  PROD. COST  201216.1 

RELIA3ILITY  .9728 

SCHEDULE-  •• 

COMPONENT  DEVELOPMENT  TIME  16.7(M0NTH> 
SUaSYSTEH  DEVELOPMENT  TIME  2.8 (MONTH) 
SYSTEM  DEVELOPMENT  AND  FLIGHT  READINESS 
ELECTRICAL  POWER 

CONFIGURATION  - - SHUNT  - 
EQUIPMENT  CODE  IDENTIFIER 
EQUIPMENT  QUANTITIES 

HEIGHT  183 

HARNESS  HEIGHT 
OES.  ENG.  COST 
UNIT  PROO.COST 
RELIABILITY 
SCHEDULE 

COMPONENT  DEVELOPMENT  TIME  16.9 (MONTH) 
SUBSYSTEM  DEVELOPMENT  TIME  4.7 (MONTH) 


502  601  701  702 

'2  1 2 2 
7.82(FT**3),  POWER 
TEST  *■  EVAL.  COST 
UNIT  ENG.  COST 


REQUIREMENT 

416000.0 

113450.1 


COMPONENT  QUALIFICATION  TIME 
SUBSYSTEM  QUALIFICATION  TIME 
TIME  2.8(MONTH) 


72,3(HATT) 


10.0 (MONTH) 
7.2(M0NTH) 


MOUNTED  SOLAR  ARRAY 
211  359  1201 

1 


BODY 
101 

10  2 2 
.20(L8)i  VOLUME 
97.6(LBS), 
2693868.5 
864986.3 
■'  .9246 


10.93(FT**3), 
SOLAR  ARRAY  HEIGHT 
-I-  EVAL. 
ENG. 


TEST 

UNIT 


POWER  REQUIREMENT 
127.5(LBS1 
COST  1549254.4 

COST  , 665812.5 


I 


(jo 


SYSTEM  DEVELOPMENT  AND  FLIGHT  READINESS 
HISSION  EQUIPMENT 
HEIGHT 
ODT«^E  COST 
RELIABILITY 
SCHEDULE 
COMPONENT 
SUBSYSTEM 


COMPONENT  QUALIFICATION  TIME 
SUBSYSTEM  QUALIFICATION  TIME 
TIME  4.7(M0NTHI 


181.G0(LB),  VOLUME 
32390000.0 
.7000 


257.41(FT**3) . POWER  REQUIREMENT 
AVERAGE  UNIT  COST  3340000i0 


DEVELOPMENT 

DEVELOPMENT 


TIME 

TIME 


SYSTEM  DEVELOPMENT  AND  FLIGHT 


0 .0 (MONTH) 
0.0 (MONTH) 
READINESS 


COMPONENT  QUALIFICATION  TIME 
SUBSYSTEM  QUALIFICATION  TIME 
TIME  0.0 (MONTH) 


-!-.0(HATT). 


2.9(M0NTH) 

7.2(M0NTH) 


300.0(HATT) 


OiO(MONTH) 
Q.O(MONTH)  . 


Figure  16-2. 


Computer  Program  Listing  for  DSCS-II  ((Continued) 


16-14 


4. a (FT*»ai, 

268.7{8TU/HR) , 


THERMAL  CONTROL 

radiator  area 

HEATER  POWER 
THERMaPcONTROL 

STRUCTURES  1100010111 

SKIN  THICKNESS  ,007 

|I?JNGER  no., THICKNESS, HT. 

FRAME  NO#t  THICKNES^Iht 
ENOCOVER  thickness-  FORMARP 
|QyiPHENT  8 AY  STRUCTURE  HT? 

aoapter'^weight®” 

pES*  ENG*  COST  llOflrtfl?  7 

lERR  P'^°0*COST  ]l97919:6 


RADIATOR  AREA 
TOTAL  RADIATOR  AREA 
battery  HEATER  POWER 
total  HEATER  POWER 
VARIABLE  CONDUCTANCE  H.P, 


TEST 

UNIT 


+ EVAL. 
ENG. 


COST 

COST 


<IN) 


.013 

.075 

0.000 


617.  , 

5.  I 

center 

175.2  ILBS> 

0.0  <L9S) 

14.2  (LBS) 

TEST  »•  EVAL.  COST 
UNIT  ENG.  COST 


1.1  (FT**2) 
5.3  (FT**2) 
110.0 (BTU/HR) 
376.7(8TU/HR) 
1560.4IWATT-IN) 

266219.0 

78592.1 


(IN)  , 
(IN)  , 
(IN), 


AFT 


422807.4 

246838.0 


.370  (IN) 
.825  (IN) 
.221  (IN) 


Figure  16-2.  Computer  Program  Listing  for  DSCS-II  (Continued) 
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DSCS~ I I 

* * * * ASSEMBLY  DESCRIPTIONS  DESIGN  NUMBER  i ♦ ♦ ♦ ♦ 


STABILIZATION  ANO  CONTROL 
lOENT  TYPE  NO. 

UNIT 

HEIGHT 

UNIT 

VOLUME 

UNIT 

POWER 

D.E.  COST 

T.E.  COST 
860200.0 

VEHICLE 
PROD.  COST 

VEHICLE 
ENG  COST 

151  DESPIN  MECH+ELECT. 

2 

30.2' 

.9 

8.2 

1468500.0 

277028.5 

544694.3 

252  VALVE  DRIVE  ASSY. 

1 

4.2 

.4 

• 1 

164000.0 

15030. Q 

19950.6 

36774.5. 

352  SUN  SENSOR  W/ELECT 

2 

2.2 

.2 

1.0 

298000.0 

173000^0 

17100.5 

107566.6 

451  NUTATION  OAMPNER 

1 

4.0 

.8 

Q.O 

155000.0 

25000.0 

8550.2 

' 34756*3 

551  GIMBAL  ELECT.  ASSY 

1 

6.3' 

.3 

3.5 

0.0 

Q.O 

0.0 

0.0 

b51  CONTROL  TIMING  ASS 

2 

7.4 

.4 

3.5 

651G8t:0 

440008.0 

191525.9 

241468.4 

Z51  BIAXIAL  DRIVE  ASSY 

2 

14.2 

.3 

2.8 

o;a 

0.0 

3.0 

0*0 

801  NONSCAN  EARTH  SENS 

2 

7.7 

.0 

. a 

66000.0 

105000.0 

56431.7 

24480,7 

1401  S*C  PMR  CONVERTER 

2 

5.1 

.2 

10. s 

G.O 

0.0  . 

0.0 

0.0 

AUXILIARY  PROPULSION 
lOENT  TYPE 

NO. 

UNIT 

HEIGHT 

UNIT 

VOLUME 

UNIT 

POWER 

D.E.  COST 

T.E,  COST 

VEHICLE 
prod;  COST 

VEHICLE 
ENG  COST 

607  THRUSTER  TRW  MRE-3 

6 

.6 

.1 

.1.0 

112362.5 

171700.0  , 

33427.1 

82303.9- 

807  THRUSTER  TRW  MRE-3 

. 2 

’.  6 

■ .1 

''  i;o 

to  10 00. -0  .. 

‘ lOlOOC.O  * 

‘ 13167.4 

37462 i 8 “ 

9C2  MONO  ISO  22700 

5 

1.3 

. 1 

0*9 

0.0 

0.0 

0.0 

o;o 

1001  MONO  EIL3181<»061QO 

9 

.5 

.1 

-G.O 

0.0 

0.0 

0.0 

0.0 

459  PRES  REG  51310 

2 

4.1 

.4 

rO.O 

511750.0 

212500. 0 

80372.5 

189817,9 

201  ISO  VALVE  272-454 

1 

.5 

.1 

-0.5 

Q.O 

0.0 

Q.O 

0.0- 

1102  MONO  SPHER  80156-1 

8 

2.9 

.2 

-0.0 

0.0 

0.0 

0.0 

0.0 

503  PNEUH  TANK 

1 

27.8 

.8 

-o:o 

0.0 

0.0 

0.0 

0.0 

701  RELIEF  VALVE 

2 

.2 

.0 

-0.0 

G.O 

0.0 

0.0 

0.0 

1201  MONO  FILL 

2 

. .2 

.0 

-Q.O 

0.0 

Q.O 

0.0 

O.Q 

601  FILL+VENT  34650-1 

2 

.2 

.0 

-0.0 

0.0 

Q.O 

0.0 

0.(1 

DATA  PROCESSING  ANO  INSTRUMENTATION 

UNIT  UNIT 

lOENT  TYPE  NO.  HEIGHT  VOLUME 

UNIT 

POWER 

D.E.  COST 

T.E.  COST 

VEHICLE 
PROD.  COST 

VEHICLE 
ENG  COST 

201  SPEC.PURP.PRO.OTU. 

2 

1C.4 

1.0 

3.0 

2100Q0i0 

97000.0 

59851.8 

77893,0 

COMMUNICATIONS 


lOENT  TYPE 

UNIT 

NO.  HEIGHT 

UNIT 

VOLUME 

UNIT 

POWER 

D.E.  COST 

T.E.  iCOST 

VEHICLE  ■ 
PROD.  COST 

VEHICL 
ENG  COS 

101 

BASEBAND  ASH.  UNIT 

2 

*9 

ii  O' 

.5 

29000.0 

9000.0 

27360.8 

10756.7 

201 

ANTENNA 

1 

5.6 

5.6 

-0.0 

180000.0 

153000.0 

30400.9 

40362i2 

301 

TRANSMITTER 

2 

1.9 

.2 

10  .3 

50000.0 

50000.0 

34201.0 

18546;0 

401 

RECEIVER 

2 

4.0 

.4 

3.0 

76000.0 

171000.0 

59851,8 

28189.9 

502 

COMIO  SIC  CONO.CER 

2. 

1.4 

. 1 

, 1.0 

36C0a.D 

27000.0 

4Z751.3 

13353.1 

601 

DIPLEXER 

1 

.'8 

.0 

1.0 

10000.0 

6000.0 

66  50. -2 

2242.3 

701 

CONVERTER  C TRANS.) 

2 

1.3 

.2 

13.5 

. 0.0 

0.0 

0.0 

0.0 

702 

CONVERTER  RECEIVER 

2 

i;s 

.2 

7.6 

Q.O 

0.0 

Q.O 

D.Q 

. ) 

, Computer  Program  Listing  for  DSCS-II  (Continued) 


Figure. l6-2 


16-16 


ELECTRICAL  POWER 

lOENT  TYPE  NO. 

tCl  SHUNT  REGULATOR  11 

211  BATTERY  CELL  2 

359  BATTERY  CHARGER  2 

1201  POWER  CONTROL  UNIT  1 


UNIT  UNIT  UNIT 

WEIGHT  VOLUME  POWER  O.E.  COST  T.E.  COST 

L.2  1.0  -0.0  0.0  0.0 

61.5  .2  -0.0  421000.0  143000.0 

3.8  .1  -0.0  0.0  0*0 

10.5  .2  -0.0  0.0  0.0 


VEHICLE 
PROD.  COST 
0.0 
89264.7 
0.0 
0.0 


VEHICLE 
ENG  COST 
0.0 
156157.0 
0.0 
0*0 


EQUIPMENTS  USING  COST  ESTIMATING  RELATIONSHIPS 
NAME 

SOLAR  ARRAY 
HARNESS 

THERMAL  CONTROL 
POWER  CONVERTERS 
PROPULSION  FEED  SYS. 

STRUCTURE 

POWER  CONTROL  UNITS 


WEIGHT 

D.E.  COST 

T.E.  COST 

VEHICLE 
PROD.  GOST 

VEHICLE 
ENG.  COST 

127.5 

703177.7 

365011.2 

409768,6 

157676.7 

97.  6 

516594.2 

437565.9 

177366.3 

116286.7 

14i7 

350490.8 

266219.0 

40950.1 

78592.1 

17.2 

482774.9 

283601.1 

115211.0 

108254.8 

175.2 

279784.9 

159789.6 

161338.2 

62737.4 

1100802.7 

422807.4 

197919.6 

246838.0 

60.0 

568321.7 

300076.2 

73375.7 

127437.3 

Figure  16-2.  Computer  Program  Listing  for  DSCS-II  (Continued) 
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Table  16-1,  DSCS- II  Weights 


Subsystem 

Model 
, Estimates 

Actuals 

kg 

(lb) 

- kg 

(lb) 

Structures 

.137.3 

302.  7 

129.7 

285.9. 

Thermal  Control 

. . 6i  7. , 

14..7  ■ 

17.6 

• 38.  9 . 

Electrical  Distribution 

44.  3 

97.6 

54.  0 

119.  0 

Communication,  Data  Process- 
ing and  Instrumentation 

22.8, 

„50.  3 

68.7 

129.5 

Electrical  Power 

1 ■ 

■'  183.2 

93.8 

■ 206.7  ■. 

Stabilization  and  Control 

67.2 

' 148. 1 

.55.  2 

121. 8 

Auxiliary  Propulsion 

39.4 

86.8 

13..  7 

.30;  2 - 

Expendable  s 

55.0 

121.3 

;56.  2 

121,8  . 

Mission  Equipment 

82.1  ■ 

•.  181.0 

82.  i 

' 181.0 

Total  Payload 

537.8' 

' 1185,7  ' 

.56o'.  1 

1234. 8 

Adapter 

6. '4 

14.2 

6.7 

14.  8 

Launch  Weight 

544, '3 

1199.9 

5,66.  8 

1249.6 

Table  l6-2.  DSCS-II  Dimensions 


Dimensions 

Model 

Estimates 

Actuals 

m 

IHHHIli 

m 

■m 

Diameter 

. 2.74 

o 

00 

• 

o 

2.  75- 

108.21 

Equipment  Bay  Length 

1. 97 

77.7 

1.70 

66.75 

. Total  Length 

3.  20 

126.1  - 

: 3.03 

119. 15 

Table  16-3.. 


DSCS-II  Cost  Estimate  Comparisons 


Cost  Categories 

Model  Estimates 
. ($1000)  ■ 

Subsystem  CERs* 
($1000) 

DDT&E 

(63,  990) 

(61,610) 

Spacecraft ' 

31,690 

29,310 

Mission  Equipment 

32, 300 

32, 300 

Investment 

(6U  737) 

(49,610) 

Spacecraft 

41,  697  •. 

29,570 

Mission  Equipment 

20, 040- 

20,040 

Operations 

■ ( 2,-157) 

( 4,540) 

Contractor  Fee 

( 5,054) 

(^4,439)' 

TOTAL 

(132,  938)' 

(120,  199) 

*The  subsystem  level  cost  estimates  were  generated  by  the  current 
payload  cost  estimating  model,  PADCM. 
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ERTS-A  C HEC KOUT 


The  ERTS-A  payload  requirements  were  input  to. the  Cost/ 
Performance  Computer  Program  to  generate  a design  along  •wnth  the  cost 
and  schedule  estimatesln  order  to  make  a cursory  comparison  of  the 
computed  results  with  the  actual  data  for  an  independent  program 'not  in 
the  data  base.  The  ERTS  input  parameters  are  listed  in  Figure  l6-3. 
Figure  16-4  presents  a reproduction  of  the  computer  program  output  list- 
ing. The  output  design  consists  of  the  following  subsystem  configurations: 

Three -axis  mass  expulsion  with  pitch  momentum  wheel 
Mono  propellant  propulsion 
Special  purpose  processing 

Unified  uplink  and  downlink  with  common  antenna 
Separate  downlink 
Paddle-mounted  solar  arrays 
Shunt  and  discharge  voltage  regulation 
Cylindrical  vehicle 
Single  system  redundancy 

The  subsystem  weights  and  vehicle  dimehsiqnsi  are  compared  with  the 
actual  values  in  Tables  16-4  and  l6-5i‘  respectively. 


16-19 


16-20 


SREQUIR 
APOGEE  = 
EPHE  = 
EQMIMT  = 
Ea«2HT  = 
IPRINT  = 
HICRO 
NFV 
NQV 

PERIGE 
SPEC! 
SPEC6 
T 

$£N0 


0.5E+03, 
0.35E+03, 
C.«i795E  + 03, 

O.Ot 

3, 

0. 

2t 

1* 

fl.5E<-03, 

0.12E4^02, 

0.5E4^00t 

0«13E«02. 
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SOESIRE 

ARRAYN 

= 

O.ZSE^OZt  O.Dt  0.1E^03*  O.IOGE^OS* 
O.IE+Olt  O.SE^Olt  O.Of  0.0,  0.0,  0 

0.0,  0*0,  -0.0,  0.0,  0.0,  0.0,  0.0 

CGEEX  ■ 

= 

0.ZE«-01.,  O.ZE+Ol,  0.2E+01,  O.ZEfOl, 

EE  LOG 

= ‘ 

0.3E+01,  0.3E*01,  0.3E*01,  0.3E+01, 

EEQtfL 

= 

0*0,  0*0,  0*0,  0*0,  0.0,'  ,0.0,  0*0 

EEQWT  ■ 

0*0,  0'*0,  0*0,  0*0,  0*0,  0.0,  0*0 

EMIYCG 

= 

0*0, 

EMIZCG 

= 

0*0, 

EH2YCG 

s 

0*0, 

EH2ZCG 

= 

0*09 

EQMIXL 

= 

0.ZE4Q2, 

EaMlYL 

.= 

0*6E*0Z, 

EQHIZL 

= 

0*6E<-0Z, 

EQH2XL 

0*0, 

EQMZYt 

= 

»•«.  '9j% 

.... . ^ 

EQH2ZL 

lAGNCY 

IMETYP 

X 

ISATOR 

S 

t,  . 

MBIZSH  • 

X 

NHSEQ 

X 

t. 

NUMEEQ 

= 

a. 

OPSHS 

- 

0*0, 

PHIRX 

= 

i)*7E,+  00, 

PHIRY 

X 

C*7Ei-00, 

PHIRZ 

X 

0*7E+00, 

PI 

= 

0*1E>01, 

RELHE 

X 

0*lEf01, 

0.106E<^a3i  0.5E«03.  O.SEfOl,  a.S3E>Q3. 

Q*Ov  OaOv  0»0v  OtOf  0»0t  0«0f  QsOv  0*0 

fO«QtG*0* 

O.ZE^ait  0.2£4^01».  O.ZE^Ol*  0*2Ef01*  OiZE^Ol* 
a.3C4-31*  .0*3E4-01t  0.3E4-01*  0.3E.«01,  O.SEf^Ot. 

f Q«Of  Q*Ot 

t 0*0t  QvOt 


Q.28E«^03 
» O.Ot 


Figure  l6-3.  ERTS-A  Input  Requirements  (Continued) 


16-22 


SKDME  = 0.0*  0.0*  0.0*  0.0,  0.0,  0.0,  0.0,  0.0,  0.0,  0.0,  0.0, 

0.0*  0.0*  0.0*  0.0,  0.0, 

XMER  = 0.0, 

XHEU  = 0.0, 

SEND 


0.0*  0.0*  0.0*  0.0*  0.0* 


Figure  16-3.  ERTSrA  Input  Requirements  (Continued) 
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SOPTION 


ALPHA 

■ = 

. 0.12E+C2, 

AX 

= 

0.5E-01, 

AY 

I3.5E-D1, 

AZ 

0.5E-01t 

BTRHX 

' = 

0.102AEi-p7f 

BHIOTH 

= 

-O.lEf-ll,  -O.lEfll, 

CA 

s 

O.lEi^OEt 

CE 

= 

0.5E+01, 

■©  O 

COHRAT 

= 

O.lE^O^f 

w s 

DIAHAX 

= 

O.6E4-02* 

.o  a 

OPHI 

0 .25£«00f 

EA 

= 

O.lEtOOt 

EANT 

= 

0.1E4-00* 

EPl 

O.lE-03, 

EQPF 

= 

a.35£+0.1« 

=: 

a.65E«Qlf 

FEEPCT 

= 

0.7E-01, 

FREQ 

= 

0.22295E+0A,  0.22875E+04, 

FREQR 

0.213'64£-i-0(», 

lENOi 

= 

5,  - 

ZOESUG 

= 

1. 

IEND2 

= 

2» 

IENQ3 

= 

2» 

lENO^ 

= 

L, 

TENDS 

= 

3, 

IEND& 

= 

i« 

lENOR 

= 

Qt 

lOPTCH 

= 

it  1«  0. 

Figure  16-3.  E RTS -A  Input  Requirements  (Continued) 
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ISBOFG 

= 

If 

rspT 

= , 

If 

ISTRTl 

= 

5f 

ISTRT2 

2f 

ISTRT3 

= 

2 1 

ISTRT4 

= 

4f 

ISTRT5 

= 

3, 

ISTRT6 

- 

If 

ISTRTR 

0, 

ISUB 

- 

Of 

K 

If 

KEOPT 

= 

1 « 

LINK 

= 

if  ' 

HANV 

if 

NADIR 

= 

Of 

NET 

if 

OMEGR 

= 

0 . 8566666666&6G  7E  i-O  2 

OPTEMP 

= 

O.iSE+tiZf 

ORBING 

= 

(j.991E«-02f 

POOTAV 

= 

O.IE-Oif 

POOTRX 

a.4E-01f 

POOTRY 

= 

a.4E-0if 

POOTRZ 

S 

0.4E-01f 

POOTST 

= 

0.667E-01f 

POOTX 

= 

O.lEfOlt 

PDbTY 

= 

O.lE^Olf 

PDOTZ 

Q.lE^Olf 

POOTO 

Q.5E«-0i, 

Figure  16-3.  ERTS-A  Input  Requirements  (Continued) 
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PHIFOV  = 
RFIXEO  = 
SCSFL  = 
SLBMX  = 
SPEC  = 

TACCEL  = 
THETMX  = 
THOLD  = 
TL  = 

TPMIN  = 
TPRFL.  = 
TSMALL  = 
XCGSAt  a 
XCGSA3  = 
XR  • = 

XNN  ■ = 
XNNN 

XNU  = 

YN  = 

2N  ' = 

SEND 


0.AE4-O2, 

O.lEFQi, 

0.1'£4-01» 

Q.3Ef04« 

0.887348A90<»9966E+0C, 

U.5E+00* 

0.18E>02 

0.18E+03 

O.lE+06, 

O.IE+Ol* 

0.1EF02, 

0 *0  » . , 

0.15E«c4, 

O.ZEFOtt 

O.lE^Ol, 

O.lEFOl, 

a.7‘»7A9i»370468S5£F02, 

Q.AEFOlt 

0.3£4;Q1« 

O.lEFQl, 

OilE^Ol, 


fl495305S4702293EF00,  0 . 90 24759994865E+00 » 


0.887  348>»9049966EtOO« 


0.9394 


Figure  16-3.  ERTS-A  Input  Requirements  (Continued) 
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NASA  SYSTEMS  COSr/PERFORHANCE  STUDY 


DEFINITIONS  

CONFIGURATIONS  (NCONF) 

STABILIZATION  ANO  CONTROL  (NCONFU)) 

NCONF(l»=l  IS  DUAL  SPIN 
NC0KF(1»=2  IS  YAH  SPIN 
NCONF(U=3  IS  MASS  EXPULSION 
NC0NF{1)=‘»  IS  MASS,  EXPULSION  W/  CMG-S  ■ 
NC0NF<1)=5  IS  MASS  EXPULSION  H/  M.H.-S 
DATA  PROCESSING  AND  INSTRUMENTATION  (NCONF (3) > 
NC0NF(31=1- IS  GENERAL  PURPOSE  PROCESSOR 
NCONF (3)=2  IS  SPECIAL  PURPOSE  PROCESSOR 
ELECTRICAL  POWER  (NC0NF(5») 

NC0NF(51=1  is  SHUNT  REGULATION  - PADDLE  MTD. 
NCONF (51=2  IS  SHUNT  REGULATION  - BODY  MTD, 
NC0NF(5)=3  IS  SHNT  * OISCH.REG  - PADDLE  MTD. 
NC0NF(5)=A  is  SHNT  + DISCH.REG  BODY  MTD. 
NC0NF15)=5  IS  SERIES  LOAD  REG.  - PADDLE  MTD. 
NC0NF(5)=6  IS  SERIES  LOAD  REG.  - BODY  MTD. 


AUXILIARY  PROPULSION  (NC0NF(2M 
NC0NF(2»=i  IS  COLD  GAS 
NCONF  12)=2  IS  MONOPROPELLANT 
NC0NF(2>=3  IS  BIPROPELLANT 
COMMUNICATIONS  (NCONF(A») 

NCONF (fc)=l  IS  SEPARATE  UPLINK  AND  DOWNLINK 
NC0NF(4»=2  IS  UNIFIED  LINK-COMMON  ANTENNAS 
NC0NF(4)=3  IS  UNIFIED  LINK-SEPARATE  ANTENNAS 
NCONF (4)=4  IS  UNIFIED  LINK-COMMON  ANT  + DOWNLINK 
NCONF  (4)=5  IS  UNIFIED  LINK-SEPARATE  ANT  *■  DOWNLINK 
VEHICLE  SIZING  (NCONF<6» » 

NC0NF(6)=1  IS  CYLINDER 
NC0NF<6)=2  IS  BOX 
NCONF (6)=3  IS  SPHERE 
RELIABILITY 

REDUNDANCY  CONFIGURATION  = 0 IS  SINGLE  SYSTEM 
REDUNDANCY  CONFIGURATION  = 1 IS  DUAL  SYSTEM 


MESSAGES  (IERR» 

STABILIZATION  ANO  CONTROL 

lERR  = --0  MEANS  NO  MESSAGES 

lERR  = . 1 MEANS  MAX  ALLOWABLE  . SYS.,  ERROR  UNSAT 
lERR  - IX  MEANS  MAX  RATE  ERROR  TOO  SMALL 

lERR  = IXX  MEANS  3-AXIS  WHEELS  ACCEPTABLE 
„ lERR  = IXXX-  MEANS  DBL  GIM8.CM6S  ACCEPTABLE 
DATA  PROCESSING.  ANO  INSTRUMENTATION 
lERR  = 0 MEANS  NO  MESSAGES 

lERR  = 1 MEANS, MUX  REQUIRED 

lERR  = • 10  WORD  LENGTH  GREATER  THAN  256 

lERR  = 100.  BIT  rate  IS  TOO  LARGE 

lERR  = • 1000  SPEC. COMD. SYNC. FLG  ME  0 

lERR  = 0 MEANS.no  MESSAGES 

lERR  = 1-  MEANS  BODY  MOUNTED  SOLAR  ARRAY  LENGTH 
.EXCEEDS  EQUIPMENT  BAY  LENGTH 


AUXILIARY  PROPULSION 

lERR  = 0 MEANS  NO  MESSAGES 

. lERR  - 1 MEANS  CYCLE  LIFE  OF  ATTITUDE  CONTROL 

, THRUSTERS  IS  TOO  SHORT 

lERR  = 10  MEANS  CYCLE  LIFE  OF  TRANSLATIONAL  THRUSTER 
IS  TOO  SHORT 

. lERR  = 11  MEANS  CYCLE  LIVES  OF  BOTH  THRUSTERS  ARE 
TOO,  SHORT 

THERMAL 

lERR  = IXXXXXXXXX  MEANS  BATT  RAO  AREA  TS  SUPPLIED 
IN  RAOAB 

lERR  = XIXXXXXXXX  MEANS  OSR  CONV.  AND  VARIABLE  COND 
, UCTANCE  HEAT  PIPE  INFO  IS  REQUIRED 

lERR  = XXIXXXXXXX  MEANS  PHASE  CONTROL  MASS  IS 
SUPPLIED  IN  PCM 

lERR  = XXXIXXXXXX  MEANS  ISOTHERMALIZER  IS  REQUIRED 
lERR  = XXXXIXXXXX  MEANS  DIODE  HEAT  PIPE  IS  REQUIRED 
(2  REQUIRED! 

lERR  = XXXXXIXXXX  MEANS  CONV.  HEAT  PIPE  IS  REQUIRED 
lERR  = XXXXXXIXXX  MEANS  OSR  RADIATOR  IS  REQUIRED 
lERR  = XXXXXXXIXX  MEANS  CONV.  RADIATOR  IS  REQUIRED 
lERR  = XXXXXXXXIX  HEANS  HEATER  POWER  IS  SUPPLIED 
IN  HTRPWR 

lERR  = XXXXXXXXXl  MEANS  RADIATOR  AREA  IS  SUPPLIED 
IN  RADA 


Figure  16-4. 


Computer  Prog 


ram  Listing  for  ERTS-A 


ERTS-A 

Auxliif'MSIsEifss"''” 

CONFIGURATION  - - MONOPROPELL ANT 
TOTAL  IMPULSE  = 15196. (LB-SECI 

DATA  PROCESSING  AND  INSTRUMENTATION 

PROCESSOR^.DtUI 

'"NUHSel'-iF  COHHANOS  ENGINEERING  OAIA 

NUMBER  OF  MAIN  FRAME  HOROS  llfl! 

MAIN  FRAME  SAMPLE  RATE  llg! 

MAIN  FRAME  HORO  LENGTH  «! 

NUMBER  OF  SUBFRAMES  3* 

SUBFRAME  RATE  llflOOO 

NUMBER  OF  WORDS  PER' SUBFRAME  64! 

COMMUNICATIONS 

<^0£!&J2yS6'TI2!:!A.rRr.AA^K;£I^“-.UNK-COMMON  'antennas,  plus.  OOHNLiNk  ' 


MISSION  EOUIPMENT  DATA 
123. 
256. 


500. 

а. 

б.  * 

1.0000 

128. 


PRIMARY  DOWNLINK  DATA  RATE  = 128.000 <KBPS> 

electricSl'IoSer’"''"''  “*'*  ° iOEAiOAIJIKapIl  , 

"“erS'oF*LI?E  ;oi:ER"2EONIREN?5?'"*"'=f  '“'’^JJIgS.jAlfi?''^ 

TOTAL  SOLAR  ARRAY  AREA  = 171.25CFT**2I 

VEHICLE^SIZING^^**’*'^®  BATTERY  CAPACITY^  14.  37( AMP-HRI 

CONFIGURATION  - - CYLINDER 

PuiphInt^bay^m^  '•  111^47  a n)”height  ^®^Ho?qoiin», width 

f5f2rs.f?LEIT|-fE!i!fH"  m'!5friN)"’ GO.OOIINI.  NIOIH 
MOMENTS  OF  INERTIA (LB-IN**2)  IXX=  4622390.0.  IYY=  2956856.3  IZZ=  6836531.7 


1871.18(LBSI 

60.00  lINT.HIOTH 
60.00(IN)«  WIDTH 


I'l 


Figure  16-4.  Computer  Program  Listing  for  ERTS-A  (Continued) 
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SAFETY 

CONFIGURATION  - - SINGLE  SYSTEM 
MEAN  MISSION  DURATION 
RELIABILITY 
MISSION  LIFETIME 

COSTS  <ALL  AMOUNTS  ARE  IN  DOLLARS* 


12.9(H0) 

.879 

13.2CM0I  - 


DESIGN  ENGINEERING 
TEST  AND  EVALUATION’ 

TOOLING  AND  TEST  EQUIPMENTi 
QUALITY  CONTROL.  , 

SYSTEMS  ENGINEERING  AND  INTEGRATION 
PROGRAM  MANAGEMENT 
COST  CATEGORY  OOlT■^£ 

SPACECRAFT  36920259.6 

MISSION  EQUIPMENT  0.0 

TOTAL  PAYLOAD  36920259.6 

QUALIFICATION  UNITS  1730873817 

9267433.1 

• LAUNCH  SUPPORT  cofHoo.i 

CONTRACTOR  FEE  4444750.2 

scheSSEI"*"  .ra-uei.E 

SUBSYSTEM  DEVELOPMENT  TIME 
SUBSYSTEM  QUALIFICATION  TIME 
SYSTEM  DEVELOPMENT  AND  FLIGHT  READINESS 
SCHEDULE  DURATION  (TO  LAUNCH) 


DDT*E 

14977999.2 
9845322.2 
. 0.0 
1503015.1 
7.4  51196,8 
30  42726.3 


INVESTMENT 

34617477.3 

0.0 

34617477.3 


2423223.4 

37040700.7 


INVESTMENT  (RECURRING) 
UNIT  ENGINEERING  5714908.6 

UNIT  PRODUCTION  6227l76ll 

TOOLING  AND  TEST  EQUIP.  olo 

QUALITY  CONTROL  957528^3 

SYSTEMS  ENG.  AND  INT.  319874915 

PROGRAM  MANAGEMENT  1210376.2 

OPERATIONS 


1256536. 1 
87957.5 
1344493.7 


TIME 


26.3(M0NTHS) 
17.0 (MONTHS) 
12.9(MONTHS) 
7.8(M0NTHS) 
19.4(HQNTHS) 
66.4 (MONTHS) 


Figure  16-4. ' Computer  Program  Listing  fdr  ERTS-A  {Continued) 


0 

1 

N 

sO 
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ERTS-A 

iei!fKgSf"g8SE-.5E»f!lilfggli°§jSr5eSrf5or""’"“" 

. 2 2 2 2 

.gOCLBI,  .V01.UHE  Jii|2«FT**3),  POHER  REQUIREHENT 

TEST  ♦ EVAL.  COST  19A3000*0 


MLUf*  vuv 
3613375.0 
159<»9ai.9 
.9B49 


UNIT  ENG. 


101)2 

9 


EQUIPMENT  QUANTITIES 

HEIGHT  219 

OES.  ENG.  COST 
UNIT  PROD. COST 
RELIABILITY 
SCHEDULE. 

COMPONENT  DEVELOPMENT  TIME 

SUBSYSTEM  DEVELOPMENT  TIME  ,r,u..  , n.  ouoa 

development  and  flight  readiness  time 

I ERR  0 

AUXILIARY  PROPULSION 

CONFIGURATION  - - MONOPROPELLANT 
equipment  CODE  IDENTIFIER  812  812  9C2 

EQUIPMENT  QUANTITIES  12  4 5 

HEIGHT  203.59(LB»,  VOLUME 

DRY  HEIGHT  116.76{LBS), 

OES.  ENG.  COST  1700224.9 

UNIT  PROD. COST  691799.3 
RELIABILITY  .9086 

SCHEDULE 

COMPONENT  DEVELOPMENT  TIME 
SUBSYSTEM  DEVELOPMENT  TIME  ...v.,,,  n. 

^^SYSTEM  DEVELOPMENT  AND  FLIGHT  READINESS 

instrumentation 

iSSSggSJ'JgSe'.SEgflHIg  O^JJOSI^PROCESSOR  IOIU> 

2 

>60(LB) ..VOLUME'  4.00(FT**3). 


COST 


1667612.4 


COMPONENT  QUALIFICATION  TIME 
12.9<M0NTH)  SUBSYSTEM  QUALIFICATION  TIME 
19.4 (MONTH) 


459  201  1104 

2 2 2 
9.78(FT**3). 
EXPENDABLE  HEIGHT 

TEST  + EVAL. 


UNIT  ENG. 


501  701  1201,  601 

2 2 2 2 
POHER  REQUIREMENT 
a6.a3(LBS) 

COST  1884215.9 


COST 


1217086.0 


4.5  (MONTH) 
10.3(MONTH) 


COMPONENT  QUALIFICATION  TIME 
SUBSYSTEM  QUALIFICATION  TIME 
TIME  10.3(NOMTH) 


TEST 

UNIT 


♦ EVAL, 
ENG. 


EQUIPMENT  QUANTITIES 

HEIGHT  41  _ ^ 

DES,  ENG.  COST  ' 420000.5’ 

UNIT  PROD. COST  408471.0 

RELIABILITY  .9838 

SCHEDULE 

COMPONENT  DEVELOPMENT  TIME 

SUBSYSTEM  DEVELOPMENT  TIME  ouuo 

FLIGHT  READINESS  TIME 

lERR  1001 


POHER  REQUIREMENT 
COST  368600.0 

COST  193834.6 


8.9(M0NTH)  COMPONENT  QUALIFICATION  TINE 
2.7(M0NTH)  SUBSYSTEM  QUALIFICATION  TIME 
2.7(MONTH) 


79.2(HATT) 


17.0(HONTH) 

7,8(M0NTH) 


16.0(HATT) 


L.7(M0NTH) 

^6(MONTH) 


12,0(HATT) 


2.0(MONTH> 

7.2(MONTH) 


Figure  16-4.  Computer  Program  Listing  for  ERTS-A  (Continued) 
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COMMUNICATIONS 

ssj-isi 


VOLUME 

DES.  ENG.  COST  566000.0 


requirement 


R4jlAS?Eh?55f  '§if  t’dilk 

SCHEDULE 

SUBSV^TPM  nPul^nD»IiMT  tt2I  22. (MONTH)  COMPONENT  QUALIFICATION  TI 

electric..  p„Jp?^"'"»?El!lfe?^f4Jc4J!cHT4liS?SJ§J  ” 

|®|5f4ggE;iO||T™I?fEr4if  -‘““‘■L  "»™TE0  solar  ARRAY 


439400.0 

26121S.2 


22 *4 (MONTH)  COMPONENT  QUALIFICATION  TIME 


105.3(HATT) 


10.0  (MONTH) 
T.3(MONTH) 


3385035.2 

1418561.9 


* auLAK  AKKAT  WEIGHT  256.0(LBS) 

ENG.  COST  4600490.7  TF<?T  * puai  Vncr  T'iocnic 

R^IA9ILITY°"^  1418561:1 

SCHEDULE  *^'S'so 


subsystem  DEVELOPMENT  TIME.  (MONTH)  SUBS 
MISSION  EQUIPMENT^'^^  DEVELOPMENT  AND  FLIGHT  READINESS  TIME 

DOT+F^rn-^T  ^^^‘SOUB).  VOLUME  32.7KFT* 

ii®p"  ‘-'858 

i§ii?PS,.Rf?|LOPMlNT  TIME 


REQUIREMENT 

AVERAGE  UNIT  COST  0.0 


SYSTEM  DEVELOPMENT  AND 'HiGHt“r^  f ' S.^O 


Q*0<MONTH)  COMPONENT  QUALIFICATION  TIME 
^yaFSTgMQys.LiFicATioN  Hme 


-.O(HATT) 


2.6(M0NTH) 

7.2(M0NTH) 


350.0(HATT) 


0.0 (MONTH) 
0.0 (MONTH) 


Figure  16-4.  Computer  Program  Listing  for  ERTS-A  (Continued) 


THERMAL  CONTROL 
RADIATOR  AREA 

HEATER  POWER 


6.7  (FT**2), 
676.g(BTU/HR), 


HEAT  PIPE  22013. 6(WATT-IN> , 

THERMAL  CONTROL  HEIGHT  ! 17.A(L3S» 

OES,  ENG.  COST  760927. A 

UNIT  PROD. COST  102225.2 

lERR  lllOOllOli 

STRUCTURES 

SKIN  THICKNESS  ,011  <IN> 

STRINGER  NO,, THICKNESS, HT. 

FRAME  NO., THICKNESS, HT. 

ENOCOVER  THICKNESS-  FORWARD 
EQUIPMENT  BAY  STRUCTURE' HT. 

SOLAR  ARRAY  BOOH  AND  DRIVE 
ADAPTER  HEIGHT 

DES.  ENG.  COST 
UNIT  PROO.COST 
lERR 


BATTERY  RADIATOR  AREA 
TOTAL.  RADIATOR  AREA 
BATTERY  HEATER  POWER 
TOTAL  HEATER  POWER 
VARIABLE  CONDUCTANCE  H.P. 


TEST  ♦ EVAL. 
UNIT  ENG. 


COST 

COST 


.9  (FT»»2) 
9.6  JFT**2) 
85.0(STU/HR). 
761.9 (BTU/HRL 
1257.2tHATT-IN> 

266985.2 
17B«»98.8  . 


369. 

7. 

.276 
,173 
57.7 
. 22,2 
3316901.3 
968995.4  . 

8 


AFT 


HT. 


. .320  (IN), 

, .070  (IN), 

(IN) , CENTER  .455  (IN), 

8 (LBS) 

(UBS) 

(LBS)  , 

TEST  + EVAL.  COST  1536086.0 

UNIT  ENG.  COST  778099,6 


.344 

.767 

.276 


(IN) 

(IN) 

(IN) 


Figure  16~4.  Computer  Program  Listing  for  ERTS-A  (Continued) 
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ERTS-A 

* * * * ASSEHBLY  DESCRIPTIONS  - - DESIGN  NUMBER 
STABILIZATION  AND  CONTROL 

lOENT  TYPE  NO» 

1601  VALVE  DRIVERS  2 

2201  ELECT. ERR, PROC.  2 

IflOl  HORIZON  SENSOR  2 

1301  REAC  NHL  ASSYCW/E)  2 


auxiliary  propulsion 

lOENT  TYPE  NO. 

612  MONO  THRUST  R-24-B  12 

812  MONO  THRUST  R-2A-B  4 

902  MONO  ISO  22700  5 

1002  MONO  FIL  15267tS92  9 

<♦59  PRES  REG  51310  2 

2C1  ISO  VALVE  272-454  2 

1104  MONO  SPHERI  05980  2 

501  PNEUH  TANK  -PSI  2 

701  RELIEF  VALVE  2 

1201  MONO  FILL  2 

601  FILL+VENT  34650-1  2 


lOENT  TYPE  NO. 

201  SPEC.PURP.PRO.OTU.  2 

201  SPEC.PURP.PRO.OTU.  2 


UNIT 

UNIT 

UNIT 

VEHICLE 

VEHICLE 

HEIGHT 

VOLUME 

POHER 

O.E.  GOST 

T.E.  COST, 

PROD.  COST 

ENG  COST 

' 1.6 

.2 

i.o- 

- 40000.0 

"30000.0 

19451.0 

18460.4 

10. 0 

t.O 

4.0 

8QQQOO.O 

530000.0 

268423.6 

369208.8 

20.0 

2.0 

15.0 

2295000.0 

478375.0 

720000.0 

663000.0 

1069804,9 

1059167.8 

,78.3 

2.5 

19.6 

237302,2 

220775.3 

UNIT 

UNIT 

UNIT 

VEHICLE 

VEHICLE 

HEIGHT 

VOLUME 

POWER 

O.E,  COST 

T.E.  COST 

PROO.  COST 

ENG  COST 

• 2.5 

.3 

1.0 

401250;0 

' 930000.0 

211539.3 

6267,52.3 

' 2.5 

.3 

1.3 

311250.0 

370CO0.0 

93328,3 

242501i0 

1.3 

.1 

, 0.0 

0.0 

0.0  . 

0.0  ■ 

0.0 

.5 

• !■ 

-0.0 

■ 0.0 

0.0 

0.0 

0.0 

4.1 

.4 

-0.3 

511750.0 

212500.0 

91419.7 

236178.3 

.5 

. 1 

-0.0 

0.0 

0.0 

Q.O 

0*0 

17.0 

1.6 

-0.0 

0.0 

0.0 

0.0 

0.0 

6.1 

.2 

-0.0 

0^0 

0.0 

0,0 

0.0 

. .2 

.0 

-0.0 

0.0 

0.0 

0.0 

0.0 

.2 

.0 

-0,0 

0.0 

0.0 

0.0 

0.0 

,2 

.8 

-0.0 

0.0 

0.0 

Q.O 

0.0 

TENTiATION 

' 

- 

UNIT 

UNIT 

UNIT 

VEHICLE 

VEHICLE 

HEIGHT 

VOLUME 

POWER 

O.E.  COST 

T.E,  COST 

PROD.  COST 

ENG  COST 

10.4 

1.0 

3.0 

210000.0 

184300.0 

204235.5 

96917.3 

10.4 

t.O 

3.0 

210000.0 

184308.0 

204235.5 

96917.3 

qOMHUNICATIONS 
IDENT  TYPE 

NO. 

UNIT 

HEIGHT 

UNIT 

VOLUME 

UNIT 

POWER 

O.E,  COST 

T.E.  COST 

VEHICLE 
PROO.  COST 

VEHICLE 
ENG  COST 

101 

BASEBAND  ASM.  UNIT 

■ 2 

.9 

.0 

.5 

29000.0 

9080.0 

31121.6 

13383.8 

205 

ANTENNA 

1.0 

1,0 

-0.0 

67000.0 

46000.0 

23341.2 

30921.2 

205 

ANTENNA 

1 

1.0 

l.O 

-0.0 

67000.0 

46000.0 

23341.2 

30921.2 

301 

TRANSMITTER 

2 

1.9 

.2 

10.0 

50000.0 

SQOOO.G 

38902.0 

23075,6 

359 

TRANSMITTER 

2 

2.1 

.2 

16. Q 

231000.0 

84400. 0 

59714.6 

106609.0 

401 

RECEIVER 

2 

4.0 

.4 

3.8 

7&838.Q 

171830.0 

68078.5 

35074i8 

502 

COMtO  SIG  COND.IER 

2- 

1.4 

.1 

1.0 

36000.0 

. 27000.0 

48627.5 

16614.4 

601 

OIPLEXER 

2 

.8 

.0 

i.a 

10000. 0 

6000. 0 

13615,7 

4615,1 

701 

CONVERTER  T TRANS.) 

2 

i;8 

,2 

13.5 

0.0 

0.0 

0.0 

Q.O 

702 

CONVERTER  RECEIVER 

2 

- 1.8 

.2 

7.6 

■0.0 

0.0 

0.0 

0*0 

Figure'  16-4.  ‘Computer  Pr'pgram  Listing  for  ERTS-A  (Continued) 
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ELECTRICAL  POWER 
lOENT  TYPE 

NO. 

UNIT 

HEIGHT 

UNIT 

VOLUME 

UNIT 

POWER 

D.E.  COST 

T.E.  COST 

VEHICLE 
PROD,  COST 

459  DISCHARGE  REGULATO 

3 

c.O 

.9 

-0.0 

0.0 

■ 0.0' 

' 0.0 

559  SHUNT  REGULATOR 

. 8 

. 4.3 

.4  ■ 

. -0.3 

G.Q 

0.0 

. 0.0 

210  BATTERY  CELL 

3 

37.9 

.3 

-0.0 

849151.1 

1044900ci0 

. 5223i7it 

601  BATTERY  CHARGER 

3 

7.0 

1.5 

-0.0 

0.0 

0.0 

0.0 

701  CENTRAL  CONTR  UNIT 

2 

1.0 

.1 

-0.0 

0.0 

0.0 

0.0 

VEHICLE 
-ENG  COST 
0i0~ 


53857 


u 

D.O 

0.0 


EQUIPMENTS  USING  COST  ESTIMATING  RELATIONSHIPS 


NAME 

HEIGHT 

SOLAR  ARRAY 

256.0 

HARNESS 

169.6 

THERMAL  CONTROL 

17.4 

POWER  CONVERTERS 
PROPULSION  FEED  SYS. 

7.0 

STRUCTURE 

231.5 

POWER  CONTROL  UNITS 

83,4 

D.E.  COST 

497955.6 

770246.4 

760927.4 

276688.5 

475974.9 

3316981.3 

2206449.1 


T.E.  COST 
545635.4 

604795.8 
288985.2 

162537.8 

371715.9 

1536086.0 

1027166.2 


VEHICLE 
PROD.  COST 

904964.6 

304659.0 

102225.2 

67555.7 

305512.0 
968995.4 

354464.8 


VEHICLE 
ENG,  COST 

116810.8 

180684.9 

178498.8 
( 64905.8 

111654.5 

778099.6 

517590.2 


Figure  16-4,  Computer  Program  Listing. for- ERTSr A (Continued) 


Table  16-4.  ERTS-A  Weights 


l 

Subsysteir 

Model 

Estimates 

Actuals  ■ 

kg 

kg 

Structure. 

207.7 

457.  9 

181. 1 

..399.3  i 

Thermal  Control 

7.6 

16.8 

36.4 

80.2 

Stabilization  and  Control 

99.7 

219.  9 

31.9 

• 70.4 

Auxiliary  Propulsion 

53.0 

116.8 

33.  8 

74.  6 

Expendables 

39,4 

86.’8- 

36.6 

80.7 

Electrical  Power 

79.6 

175.  5 

■ • 148.  6 

327.5 

Electrical  Distribution 

77.5 

170.8 

89.3 

196.8 

Communications,  .Data  Process- 
ing 8r  Instrumentation 

33.8 

74.4 

104.  1 

229.  6 

Mission  Equipment 

217.5 

479.  5 

217.  5 

47  9. '’5 

Total  Payload 

815, 8 ■ 

1798..  4 

879.  3 

1938.  6 

Adapter 

9..  8 

21.6 

61.9 

136.5 

Launch  Weight 

825.6 

1820,0 

941.2 

2075.  1 

Table  16-5,  ERTS-A  Dimensions 


Dimensions 

Model 

Estimates 

Actuals 

m 

in 

Dianaeter 

1.52 

60.0  ■ 

'i.  52 

- 6d."b  ■ 

Equipment  Bay  Height 

3.09 

121.5 

■ 

Total  Height 

3.85 

151.5 

,3.04 

120, 0 
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OSO- 1.  CHECKOUT 


The  OSO-I  payload  requirements  were  input  to  the  Cost/ 
Performance  Computer ‘Pro  gram  as  a test  case  to  be  evaluated  by  NASA. 
The  OSO-I  input  parapaeters  are  listed  in  Figure  16-5.  The  computer  - 
program  output  listing  is  reproduced  in  Figure  16-6'.  The  output  design 
consisted  of  the  following, subsystem  configurations; 

a.  Dual  spin 

b.  Cold  gas  propulsion 

c.  Special  purpose  processing 

d.  Unified  uplink  and  downlink  having  common  antenna 

e.  Separate  downlink 

f. -  Body-mounted  solar  array 

g.  Series  load  voltage  regulation 

h.  Cylindrically  shaped  vehicTe'^ 

. i I 

i.  Single  system  redundancy 

The  subsystem  weights  and  vehicle  dimensions  are  compared  with  the  con- 
tractor's projected  values  in  Tables  l6-6  and  16-T,  respectively. 

The  only  significant  difference  between  the  model  estimates 
and  the  contractor's  design  lies  in  the  payload  dimensions.  The  design 
generated  by  the  model  assumes  that  the  solar  array  is  body  mounted 
on  the  spinning  portion  of  the  vehicle.  Hence,  the  estimated  dimensions 
are  increased  to  support  the  required  array  area.  The  OSO-I  design  is 
unique  in  that  the  solar  array  is  actually  mounted  on  the  despun  portion 
of  the  vehicle  and  thereby  requires  less  area  to  supply  the  same  electrical 
power.  The  Cost/Perfcirmance  Model  can  easily  be  modified  to  synthesize 
such  a design  variation. 
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SREQUIR 

APOGEE 

C.3E-I-03* 

EPME 

0.22E+03, 

EOKIMT 

0.8A83E+03 

Ea«2HT 

= 

0.0) 

IPRINT 

= 

MICRO 

= ' 

0) 

NFV 

= 

1) 

NQV 

0) 

PERIGE 

0.3E4’03) 

SPECl 

= 

0.12E+02, 

SPEC6 

s 

o.se+oo. 

T 

SEND 

= 

0.13E«^02) 

Figure  16-5 


OSO-I  Input  Requirements 
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SOESIRE 

ARRftYN 

0.28£^02,  0.8E+01,  O.lE-^03, 

0.106E+ 

. 

0.75E-G2,  O.8E+01,  0.0,  0. 

0.0,  0.0,  0.3,  O.O,  0.0, 

0 , 0 . Q , 

0.0',  0^ 

CGEEX 

0.2E«-C1,  0.2E+01,  0.2E+01, 

0.2E«-01, 

EELOC 

= 

0..3E4-01,  0.3E«^0X,  0.3E>01, 

0.3E+01, 

EEQVL 

s 

0.0,.  0.0,  0.0,  0.0,  0.0, 

0.3,,  0 . 

EEQHT 

= 

0.0,  0.0,  0.0,  0.0,  0.0, 

0.0,  0 . 

EMIYCG 

~ 

0.0, 

EMIZCG 

= 

o 

• 

o 

EM2YCG 

= 

0.0, 

EH2ZCG 

= 

0.0,, 

EQMIXL 

0.27E*02, 

EQMIYL 

= 

0.63E+02, 

EQMIZL 

= 

0.2E«-02, 

EQM2XL 

0.0,  . 

p o 

EQM2YL 

— 

0.0, 

.EQM2ZL 

= 

0.0, 

s s 

If 

lAGNCY 

= 

2, 

IMETYP 

- 

2,' 

ISATOR 

s 

2, 

ss 

HB12SH 

= 

2, 

NMSEQ 

= 

t , 

3^ 

NUMEEQ 

o; 

OPSMS 

= 

0.0, 

PHIRX 

= 

0.2E+01,  - 

PHIRY 

= 

0.2E«01, 

PHIRZ 

= 

0.2E+01, 

PI 

= 

O.lEi-Ot, 

RELME 

= 

0.1E>01, 

33,  0.t0&E«'03,  O.lEi-Olt  0.8E*^01,  0«28E^03 

0,0,  D«0,  0«C,  0,0,  0«0,  0,0,  0*0,  0,Q, 

0,  0.0,  0.0, 

0.2E4-01,  0.2E+01,  0.2E  + 01,  0.2E+01,  0.2E+01, 

0.3£«-01,  0.3E«^01,  . 0.3E4-01,  0.3Ei^01,  0.3E4^0i, 

0,  0.0,  0.0, 

0,  0.0,  0*0, 


, . 

0. 


0.28E-I-03 

0,  0^0,, 


Figure  16-5.  OSO-I  Input  Requirements  (Continued) 
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SKOME  = 

XMER  = 

XMEU  = 

SENO 


2’2’  2*2*  2*°’  c.o,  0.0,  0,0,  o.o,  o.o,  o.o,  o.o, 

0*0,  0.0,  0.0,  0.0,  0.0, 

0.1322aE+07, 

0.155067E+Q6, 


0*0f  0*Qt  0«0f  0«0f 


0«0t 


Figure  l6-5.  OSO-'I  Input  Requirements  (Continued) 
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SOPTION 

ALPHA  = 0.12E+02, 

AX  = 0.5E-01, 

AY  = 0.5E-01, 

AZ  = 0.5E-01, 

8TRMX  = 0»128E+(I6» 

9HI0TH  = 

CA  = O.lE^OZt 

CE  = 0.5E+01, 

COMRAT  = 0.8E»03, 

DIAHAX  = 0.,.86E«:0  2, 

DPHI  = 0.0, 

EA  = O.lEfOO., 

EANT  = O.lE+00, 

EPl  = O.lE-03, 

EQPF  = Q.2E^Q1, 

FE  = 0.0, 

FEEPCT  = C.7E-01, 

FREQ  = 0.22125E+04,  0.2Z12SE»04, 

FREQR  = 0.18E+04, 

lENOl  = 1, 

IDEBUG  =1, 

IENQ2  = 1, 

IEN03  = 2, 

IEN04  s 4, 

IEN05  f 6, 

IEN06  . = 1, 

IE NOR  = 0, 

lOPTCH  = 1,  i;  0, 

Figure  16-5.  OSO-I  Input  Requirements  (Continued)  . 
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ISaOFG 

s 

0* 

ISPT 

= 

li* 

it 

isTRra 

= 

ISTRT3 

2»  . 

ISTRT4 

= 

ISTRT5 

= 

6t 

IST8T6 

= 

1* 

ISTRTR 

= 

0> 

ISUB 

= 

0« 

K 

= 

1* 

KEOPT 

1» 

LIMK 

i. 

HANV 

= 

1.'^- 

NADIR 

= 

0. 

NET 

= 

1* 

ONEGR 

= 

0.5E4-01, 

OPTEHP 

0.15E«'02t 

OROINC.' 

0«33E4^0  2« 

PDOTAV, 

= 

O.IE-Olt 

PDOTRX 

= 

0.12E-01t 

POOTRY 

= 

0.12E-01* 

POOTRZ 

0.12E-01* 

POOTST 

=. 

0.667E-D1 

POOTX 

= 

0.0, 

P90TY 

= 

. o.o; 

POOTZ 

= 

D.O, 

PDOTQ 

= 

O.tE^Ol, 

Figure  16-5. 


OSO-I  Input  Requirements  (Continued) 
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PHIFOV 

RFIXED 

SCSFL 

SLBHX 

SPEC 

TACCEL 
THETMX , 
THOLD 
TL 

TPMIN 

TPRFL 

TSHALL 

XC6SA1 

XCGSA3 

XN 

XNN 

XNNN 

XNU 

YN 

ZN 

SEND 


O.AE^OZt 

0.1E4^01> 

0.1E«-01» 

0«8«73Aei»90A9966E+00,  ••0.9530  554r02293E+GO, 
O • 5£^ GO  9 , 

O.Oi 


0 . iaE4-0  3, 
0.1E4-06* 
O.lE+01, 
O.lEtOZ, 

o.ov 

0.0* 

0.1E4-01, 

0.1E«^Q1, 

0.0, 

O.lEi-02, 

0.4E4-01, 

0.12E4Q2, 

0.0. 

0.0. 


O O 

II 


a tsi 


0.9 0 247599 94865E+0C, 


0.88734649049966E'*'00, 


Figure  l6-5.  OSO-I  Input  Requirements  (Continued) 
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*■*  NASA  SYSTEMS  COST/PERFORMANCE  STUDY  ♦* 


DEFINITIONS  - - 

CONFIGURATIONS  <NCONF) 

AND  CONTROL  (NCONF(l)l 
NCOJ|F(l)  = i IS  DUAL  SPIN 
NC0NF(1J=:2  IS  YAH  SPIN 
NC0NF{1I=3  IS  MASS  EXPULSION 
NCONF(l)=4  ISMASS  EXPULSION  H/  CMG-S 
n NC0NFI1)=|  IS  MASS  EXPULSION  H/  MJ.H,-S 

instrumentation  (NC0NF(3I) 
NC0KF(3)=1  is  GENERAL  PURPOSE  PROCESSOR 
C.  SPECIAL  PURPOSE  PROCESSOR 

ELECTRICAL  POHER  (NCONFiSH 

IS  SHUNT  REGULATION  - PADDLE  MTO. 

MnnNF»l»-l  tI  REGULATION  - BODY  MTO. 

NC0NF<S|w3  15  SHNT  * OISCH.REG  - PADDLF  MTH 

II  tmut  OISCH.REG  - BODY  MTO.  • 
NC0NF(5{=5  is  SERIES  LOAD  REG.  - PADDLE  MTO. 
f^C0NF(5>=6  IS  SERIES  LOAD  REG.  - BODY^MTO. 


MESSAGES  HERR) 

STABILIZATION  AND  CONTROL 

lERR  = 0 MEANS  NO  MESSAGES 

IFHR  - '■''iY  mISHI  ERROR  UNSAT, 

;ks5  ~ MEANS  MAX  RATE  ERROR  TOO  SHALL 

I|gg  .=  ' 'IXX.  MEANS  3-AXIS  WHEELS  ACCEPTABLE 
MEANS  OBL  GIMB.CMGS,  ACCEPTABLE 
OAJ*'  processing  and  INSTRUMENTATION 


AUXILIARY  PROPULSION  (NCONF(2)l 
NC0NF<2)=1  IS  COLD  GAS 

nconf(2)=2  is  monopropellant 

^ NC0NE<2)=3  IS  BIPROPELLANT 
COMMUNICAT'IONS  (NC0NF(4)|  • 

II  SEPARATE  UPLINK  AND  DOWNLINK’ 
NCONF{4>=2  IS  UNIFIED  LINK-COMMON  ANTENNAS 

NC0NFi<t)=3  IS  UNIFIED  LINK-SEPARATE  ANTENNAS 

MC0NF(4)=4  is  unified  LINK-COMMON  Uli  DOWNLINK 

NC0NF(6)=3  IS  sphere 

RELIABILITY 

REDUNDANCY  CONFIGURATION  = 0 IS  SINGLE  SYSTEM 
REDUNDANCY  CONFIGURATION  = 1 IS  DUAL  SYSTEM^ 


lERR  = 0 

lERR  = . , 1 

lERR  = • 10 

lERR  = • 100 

lERR  = 1000 

‘Vei!§?E"siS?5S  e»0-5r0AiA-BSsE-SEaSEi 

lERR  = 0. MEANS  NO. MESSAGES 

lERR  = 1 means  body  MOUNTED  SOLAR  AR!rAY' LENGTH 
- . EXCEEDS  EQUIPMENT  BAY  LENGTH 


MEANS  NO  MESSAGES 
MEANS  MUX  REQUIRED 
WORD  LENGTH  GREATER  THAN  256 
IS  TOO  LARGE  , 

SPEC. COHQ. SYNC. FLG  NE  g 


AUXILIARY 
lERR  = 
lERR  = 

lERR  = 3 

lERR  = 1 

thermal 

lERR 


PROPULSION 

0 MEANS  NO  MESSAGES 

1 MEANS  CYCLE^LIFE  OF  ATTITUDE  CONTROL 

THRUSTERS  IS  TOO  SHORT 

0 MEANS  CYCLE^LIFE  OF  TRANSLATIONAL  THRUSTER 

IS  TOO  SHORT 

1 MEANS  CYCLE  LIVES  OF  BOTH  THRUSTERS  ARE 

TOO  SHORT 


lERR 

lERR 

lERR 

lERR 

lERR 

lERR 

lERR 

lERR 


IXXXXXXXXX 

XiXXXXXXXX 

XXIXXXXXXX 


MEANS  BATT  RAD  AREA  IS  SUPPLIED 
IN  RAOAB 

MEANS  OSRCONV.  AND  VARIABLE  CONO 
yCTANCE  HEAT  PIPE  INFO  IS  REQUIRED 
MEANS  PHASE  CONTROL  MASS  IS 
SUPPLIED  IN  PCM 

MEANS  ISOTHERMALIZER  IS  REQUIRED 
li  REQUIREO)”^*^  required 

MEANS  CONV.  HEAT  PIPE  IS  REQUIRED 
MEANS  OSR  RADIATOR  IS  REQUIRED 
MEANS  CONV.  RADIATOR  IS  REQUIRED 
means  HEATER  POHER  IS  SUPPLIED 

M _ I N II  f w 

lERR  = XXXXXXXXXl  MEANS  RADIATOR  AREA  IS  SUPPLIED 
IN  RADA 


xx'xixxxxxx 

XXXXIXXXXX 

XXXXXIKXXX 

XXXXXXIXXX 

XXXXXXXIXX 

XXXXXXXXIX 


Figure  16-6.  Computer  Program  Listing  for  OSO-I 
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oso-i 

SYSTEM  DESCRIPTION  - - DESIGN  NUMBER  1 * ♦ * * 

STABILIZATION  AND  CONTROL 
CONFIGURATION  - - DUAL  SPIN 

POINTING  ACCURACY  = 2.00 0000 ( OEG* ) 

AUXILIARY  PROPULSION 

CONFIGURATION  COLD  GAS 

TOTAL  IMPULSE  * A272. (L0-SECI 

DATA  PROCESSING  AND  INSTRUMENTATION 

CONFIGURATION  - - SPECIAL  PURPOSE  PROCESSOR  (OTU) 

COMPUTER  OPERATIONS  RATE  = O.CIPS» 

COPI  TABLE  ENGINEERING  DATA 

NUMBER  OF  COMMANDS  256. 

NUMBER  OF  MAIN  FRAME  WORDS  64. 

MAIN  FRAME  SAMPLE  RATE  1. 

MAIN  FRAME  WORD  LENGTH  8. 

NUMBER  OF  SUBFRAMES  42. 

SUBFRAME  RATE  .0076 

NUMBER  OF  WORDS  PER  SUBFRAME  128. 

COMMUNICATIONS 

CONFIGURATION  - - UNIFIED  LINK-COMMON  ANTENNAS  PLUS  DOWNLINK 


MISSION  EQUIPMENT  DATA 
136. 

256. 

1. 

9. 

6.  ' 
.0075 
128. 


PRIMARY  DOWNLINK  BATA  RATE  = 1 

SEPARATE  DOWNLINK  DATA  RATE  = 4 

ELECTRICAL  POWER 

CONFIGURATION  - - SERIES  LOAD  REGULATION  - BODY  MOUNTED  SOLAR  ARRAY 

END  OF  LIFE  POWER  REQUIREMENT  = ‘ 

TOTAL  SOLAR  ARRAY  AREA 
MINIMUM  INSTALLED  BATTERY  CAPACITY^ 

VEHICLE  SIZING 

CONFIGURATION  - - CYLINDER 

VEHICLE  WEIGHT  = 2C14.07(LBS)  LAUNCH  WEIGHT  = 

EQUIPMENT  BAY  DIMENSIONS  LENGTH  149. 32 (INK HEIGHT 

MISSION  EQUIPMENT  LENGTH  27.  00  (INKMEIGHT 

TOTAL  SATELLITE  LENGTH  176.32(IN> 

MOMENTS  OF  INERTIA(LB-IN**2»  IXX=  1724785.2  IYY=  8854871.0  IZZ=  9313405 


>000-(  KBPS) 
.aOO(KBPS) 


400.8HWATTS) 

280.15(FT**2» 

10.35(AMP-HR) 


2038.23(L3S) 

86.00 (IN) .WIDTH 
ZO.OOdN),  WIDTH 


Oe.OOdN) 

B3.00dN) 


Figure  16-6.  Computer  Program  Listing  for- OSO-I  (Continued) 
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SAFETY 

CONFIGURATION  - - SINGL=’  SYSTEM 

MEAN  MISSION  DURATION  12. 5( 

RELIABILITY  ,626 

MISSION  LIFETIME  1 3.  2 ( 

COSTS  (ALL  AMOUNTS  ARE  IN  DOLLARS) 


DESIGN  ENGINEERING 
TEST  AND  EVALUATION 
TOOLING  AND  TEST  EQUIPMENT 
QUALITY  CONTROL 

SYSTEMS  ENGINEERING  AND  INTEGRATION 
PROGRAM  MANAGEMENT 
COST  CATEGORY  OOT»E 

SPACECRAFT  22943517.5 

MISSION  EQUIPMENT  1322800.0 

TOTAL  PAYLOAD  24266317.5 

QUALIFICATION  UNITS  0.0 

G.S.E.  3216974.0 

LAUNCH  SUPPORT 

CONTRACTOR  FEE  1831234.4 

PROGRAM  TOTALS  29314525.8 

SCHEDULE 

COMPONENT  DESIGN  DEVELOPMENT  TIME 
COMPONENT  QUALIFICATION  TIME 
SUBSYSTEM  DEVELOPMENT  TIME 
SUBSYSTEM  QUALIFICATION  TIME 
SYSTEM  DEVELOPMENT  AND  FLIGHT  READINESS 
SCHEDULE  DURATION  (TO  LAUNCH) 


MO) 

MO) 

)DT*-E 

9504221.4 
5302153. 8 

0 .0 
956364.8 

4639932.4 
1940845.1 


INVESTMENT 

8174536.1 
155067,0 

8329603.1 


572217.5 

8901820.6 

•22,4(M0NTMS) 
lO.O(MONTHS) 
2.9(M0NTHS) 
7.3 (MONTHS) 
TIME  9.2 (MONTHS) 
41.8 (MONTHS) 


INVESTMENT 

UNIT  ENGINEERING 
UNIT  PRODUCTION 
TOOLING  AND  TEST  EQUIP. 
QUALITY  CONTROL 
SYSTEMS  ENG.  AND  INT, 

PROGRAM  MANAGEMENT 

OPERATIONS 


414874.6 
29041. 2 
443915. 9 


Figure  16-6; 


Computer  Program  Listing  for  OSO-I  (Continued) 


(RECURRING) 

1866648.8 

3860794,7 

0.0 

568511.0 

1446702,4 

431879.2 
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352 

2 12 
>43<L8)t  VOLUME 
279450G.I) 
733254.3 
.9424 


451 

1 


CSO-I 

SUBSYSTEM  DESCRIPTIONS  DESIGN  NUMBER 

STABILIZATION  AND  CONTROL 
CONFIGURATION  - - DUAL  SPIN 
EQUIPMENT  CODE  IDENTIFIER  151  252 

EQUIPMENT  QUANTITIES 

HEIGHT  140 

OES.  ENG.  COST 
UNIT  PROD. COST 
RELIABILITY 
SCHEDULE 

COMPONENT  DEVELOPMENT  TIME 

SUBSYSTEM  DEVELOPMENT  TIME  

SYSTEM  DEVELOPMENT  AND  FLIGHT  READINESS  TIME 
I ERR  0 

AUXILIARY  PROPULSION 

CONFIGURATION  - - COLO  GAS 
EQUIPMENT  CODE  IDENTIFIER  105  103  204 

EQUIPMENT  QUANTITIES  624 

HEIGHT  252.57(LBt , i-VOLUME 

DRY  HEIGHT  ' “ 

OES.  ENG.  COST 
UNIT  PROD. COST 


551  651  751  801  1401 
1 2 2 1 2 

5.62TFT**3>,  POWER  REQUIREMENT 
TEST  + EVAL.  COST  1618200.0. 

UNIT  ENG.  COST  962802.1 


14.4 (MONTH)  COMPONENT  QUALIFICATION  TIME 
9.2 (MONTH)  SUBSYSTEM  QUALIFICATION  TIME 
9.2(H0NTH) 


302  459  559  601  701 

9 2 12  2 

. 62.76{FT**.3)’i  POWER  REQUIREMENT 

180.27(LBS)f  EXPENDABLE  HEIGHT  72.30(LBS) 

1048553.1  TEST  *■  EVAL.  COST  746654.8 

5410B8.6  UNIT  ENG.  COST  465501.0 


RELIABILITY  .9031 

SCHEDULE 

COMPONENT  DEVELOPMENT  TIME  4.3 (MONTH)  COMPONENT  QUALIFICATION  TIME 

SUBSYSTEM  DEVELOPMENT  TIME  7.9 (MONTH)  SUBSYSTEM  QUALIFICATION  TIME 

SYSTEM  DEVELOPMENT  AND  FLIGHT  READINESS  TIME  7.9 (MONTH) 
lERR  11 

DATA  PROCESSING  AND  INSTRUMENTATION 

CONFIGURATION  - - SPECIAL  PURPOSE  PROCESSOR  (DTU) 

EQUIPMENT  CODE  IDENTIFIER  201  201 

EQUIPMENT  QUANTITIES  2 2 

HEIGHT  41.60(LB),  VOLUME  4.00(FT**3)»  POWER  REQUIREMENT 


TEST  ♦ EVAL.  COST 
UNIT  ENG.  COST 


OES.  ENG.  COST  420000.0 

UNIT  PROD. COST  482707.0 

RELIABILITY  .9838 

SCHEDULE 

COMPONENT  DEVELOPMENT  TIME 

SUBSYSTEM  DEVELOPMENT  TIME  

SYSTEM  DEVELOPMENT  AND  FLIGHT  READINESS  TIME 
lERR  1G02 


36 8600. 0 

167826.1 


6.9 (MONTH)  COMPONENT  QUALIFICATION  TIME 
2.7 (MONTH)  SUBSYSTEM  QUALIFICATION  TIME 
2.7<MONTH) 


5&.5(HATT) 


14.KH0NTH) 

8.KMONTH) 


8.0(HATT)’ 


1.5(MONTH) 

7.3(M0NTH) 


12.0(HATT) 


2.0 (MONTH) 
7.2<M0NTH) 


Figure  l6-6.  Computer  Program  Listing  for  OSO-I  (Continued) 
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COMMUNICATIONS 

CONFIGURATION 


-UNIFIED  LINK-COMMON  ANTENNAS  PLUS  DOWNLINK 


i».64{FT**3),  POWER  REQUIREMENT 


TEST  + EVAL.  COST 
UNIT  ENG.  COST 


439<»00.0 

168625,2 


EQUIPMENT  COOE  IDENTIFIER  101  203  .203  301  302  4C1  502  601  701  702 

EQUIPMENT  QUANTITIES  21  1 2 2 2 2 1-2  2 

WEIGHT  30,05(LB>,  VOLUME  4.64(FT**3),  POWER  REQUIREMENT 

DES.  ENG.  COST  566000.0  TEST  + EVAL.  COST  439400.0 

UNIT  PROO.COST  330820.2  UNIT  ENG.  COST  168625,2 

RELIABILITY  .9962 

SCHEDULE 

COMPONENT  DEVELOPMENT  TIME  22.4 (MONTH!  COMPONENT  QUALIFICATION  TIME 
SUBSYSTEM  DEVELOPMENT  TIME  2.9(M0NTH)  SUBSYSTEM  QUALIFICATION  TIME 

ELECTRICAL  POWER^^"^  DEVELOPMENT  AND  FLIGHT  READINESS  TIME  2.9 (MONTH) 

CONFIGURATION  - - SERIES  LOAD  REGULATION  - BODY  MOUNTED  SOLAR  ARRAY 
EQUIPMENT  CODE  IDENTIFIER  801  206  901  1001  1101 

EQUIPMENT  QUANTITIES  3 2211 

HliSyXc  , VOLUME  1,79(FT**3),  POWER  REQUIREMENT 

HARNESS  HEIGHT  237,9(LBS),  SOLAR  ARRAY  HEIGHT  195.1(LBS) 


1815827.8 

101894.4 


DES.  ENG.  COST  2984707.7  TEST  + EVAL.  COST  1815827.8 

UNIT  PROD. COST  1450799.2  UNIT  ENG.  COST  101894,4 

RELIABILITY  .9901 

SCHEDULE 

COMPONENT  DEVELOPMENT  TIME  11,5 (MONTH)  COMPONENT  DUAL IFICATI ON , TIME 
SUBSYSTEM  DEVELOPMENT  TIME  4.5 (MONTH)  SUBSYSTEM  QUALIFICATION  TIME 

„ SYSTEM  DEVELOPMENT  AND  FLIGHT  READINESS  TIME  4.5(M0NTH) 


SUBSYSTEM  DEVELOPMENT  TIME  4.5 (MONTH)  SUBS 
MISSION  EaMIPMli!?'"  PEVeLOPMENT  «MD  PLISHT  .RE.OIMESS  TIKE 

HEIGHT  648.30(LB)t  VOLUME  25.94CFT* 

0DT4-E  COST.  1322800,0  AVERAGE  UN 

RELIABILITY  1.0000 

SCHEDULE 

COMPONENT  DEVELOPMENT  TIME  0.0 (MONTH)  COMP 

SUBSYSTEM  DEVELOPMENT  TIME  0,0 (MONTH)  SUBS 


25.94(FT**3),  POWER  REQUIREMENT 
AVERAGE  UNIT  COST  155067.0 


0.0 (MONTH)  COMPONENT  QUALIFICATION  TIME 
0,0 (MONTH)  SUBSYSTEM  QUALIFICATION  TIME 


SYSTEM  DEVELOPMENT  ANO  FLIGHT  READINESS  TIME  0.0 (MONTH) 


104.3(HATT) 


IQ.a(HONTH) 

7.3(MQMTH) 


-.O(HATT) 


2,6(M0NTH) 

7.KM0NTH) 


220,0(HATT) 


0.0 (MONTH) 
O.O(MONTH) 


Figure  16-6.  Computer  Program  Listing  for  OSO-I  (Continued) 
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THERMAL  CONTROL 
RADIATOR  AREA 

HEATER  POWER 


HEAT  PIPE 

THERMAL  CONTROL  HEIGHT 

OES.  ENG.  COST 
UNIT  PROD. COST 


10.0  <FT**2), 
IBTU/HRI  , 
25886. 3<HATT-IN> , 


1110011011 


lERR 

STRUCTURES 

SKIN  THICKNESS  .012  (INJ 

STRINGER  NO., THICKNESS, HT. 

FRAME  NO. , THICKNESS, HT. 
ENOCOVER  THICKNESS-  FORWARD 
EQUIPMENT  BAY  STRUCTURE  HT. 

SOLAR  ARRAY  BOOM  AND  DRIVE  HT . 
ADAPTER  HEIGHT 

OES.  ENG.  COST  1A56< 

UNIT  PROD. COST  2701 

I ERR  0 


13.3{LBSI 
333518 
52036 


BATTERY  RADIATOR  AREA 
TOTAL  RADIATOR  AREA 
BATTERY  HEATER  POWER 
TOTAL  HEATER  POWER 
VARIABLE  CONDUCTANCE  H.P. 


1.0  «FT**2) 
11.0  (FT**2> 
100.0 (BTU/PR) 
794.5(8TU/HR> 
1983.6CWATT-INI 


i.O 

TEST 

EVAL. 

COST 

2S33Z7.1 

>.3 

miT 

ENG. 

COST 

0.0 

414. 

t 

.023 

< IN)  , 

.438 

(IN) 

12. 

t 

.083 

IIN)  , 

.977 

(IN) 

.288  <IN» , CENTER 

0.000 

( IN)  t 

AFT 

.288 

(IN) 

185.5 

(LBS» 

0.0 

<LBS» 

24.2 

(LBS» 

.6 

TEST 

* EVAL. 

COST 

560144.1 

.4 

UNIT 

ENG. 

COST 

0.0 

Figure  16-6.  Computer  Program  Listing  for  OSO-I  (Continued) 
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CSO-I 

ASSEMBLY  DESCRIPTIONS  - - DESIGN  NUMBER 
STABILIZATION  AND  CONTROL 


lOENT  TYPE 

151  OESPIN  MECH+lLECT. 
252  VALVE  DRIVE  ASSY. 
352  SUN  SENSOR  W/ELECT 
L51  NUTATION  OAHPNER 
551  GIMSAL  ELECT.  ASSY 
651  CONTROL  TIMING  ASS 
751  BIAXIAL  DRIVE  ASSY 
801  NONSCAN  EARTH  SENS 
1401  SAC  PHR  CONVERTER 


UNIT  UNIT  UNIT 
NO.  HEIGHT  VOLUME  POWER 


D.E.  COST 
1468500. 0 

164000.0 

290000.0 

155000 .0 

0.0 

651000.0 

0.0 

66000.0 

0.0 


T.E.  COST 
660200.0 
15000.0 

173000.0 
25C00.0 

0.0 

440000.0 

0.0 

105000.0 

0.0 


VEHICLE 
PROD.  COST 
372374.0 

26817.0 

22986.0 

11493.0 
Q.O 

257443.8 

0.0 

42141.0 

0.0 


AUXILIARY  PROPULSION 

IDENT  TYPE 
105  PNEUM  THRUST  X 
103  PNEUM  THRUS  51350 
204  ISO  VALVE  V27700 
302  FILTER  FID  10178 
459  PRES  REG  51313 
559  PNEUM  TANK  4425003 
601  FILL+VENT  34650-1 
701  RELIEF  VALVE 


UNIT  UNIT  UNIT  VEHICLE 

NO.  HEIGHT  VOLUME  POWER  O.E.  COST  T.E.  COST  PROD.  COST 
6 1.0  .1  1.0  166875.0  255000.0  67105.9 

2 .4  ,0  1.0  75000.0  17500.0  12642.3 

4 6.0  .6  0.0  0.0  Q.O  0.0 

9 .9  .1  -0.0  0.0  0.0  . Q.O 

2 4.1  .4  -0.0  511750.0  212500.0  108034.4 

1 110.0  57,9  -0.0  0.0  0.0  0.0 

2 .2  .0  -0.0  0.3  0.0  0*0 

2 .2  .0  -0.0  0.0  0.0  0.0 


DATA  PROCESSING  AND  INSTRUMENTATION  ^ 

UNIT  UNIT  UNIT  , ^ ^ VEHICLE 

lOENT  TYPE  NO.  HEIGHT  VOLUME  POWER  D.E.  COST  T.E.  COST  PROD.  COST 

201  SPEC. PURP. PRO. DTU.  2 10.4  1.0  3.0  210000.0  184300.0  241353.5 

201  SPEC. PURP, PRO. OTU.  2 10.4  1.0  3.0  210000.0  164300.0  241353.5 


COMMUNICATIONS 


VEHICLE 


IDENT 

TYPE 

NO. 

HEIGHT 

VOLUME 

POWER 

O.E.  COST 

T.E.  COST 

PROD.  COST 

ENG  CO 

101 

BASEBAND  ASH.  UNIT 

2 

.9 

.0 

.5 

29000.0 

9000.0 

36777 .7 

11538.0 

203 

ANTENNA 

1 

1.0 

1.0 

-0.0 

67000.0 

460QO.O 

15324.0 

0.0 

203 

ANTENNA 

1 

1.0 

1.0 

-0.8 

67000.0 

46000.0 

15324.0 

O.Q 

301 

TRANSMITTER 

2 

1.9 

.2 

10  .3 

50000.0 

50000.0 

45972.1 

19979.3 

302 

TRANSMITTER 

2 

2. 1 

,2 

16.0 

231000.0 

84400. 0 

70567.2 

92304.3 

>f01 

RECEIVER 

2 

4.0 

.4 

3.0 

76000.0 

171000.0 

80451.2 

30368.5 

502 

COMID  SIG  CONO.IER 

2 

1*4 

.1 

1.0 

36000.0 

27000.0 

57465.1 

14385.1 

601 

BIPLEXER 

1 

.8 

.0 

1.0 

10000.0 

6000.0 

8939.0 

0.0 

701 

CONVERTER  (TRANS.) 

2 

1.8 

.2 

13.5 

Q.O 

0.0 

0.0 

O.Q 

702 

CONVERTER  RECEIVER 

2 

1.8 

.2 

7.6 

0.0 

0.0 

0.0 

0*0 

Figure  16-6.  Computer  Program  Listing  for  OSO-I  (Continued) 


ELECTRICAL  POWER 


UNIT 

UNIT 

UNIT 

VEHICLE 

VEHICLE 

lOENT  TYPE 

NO.  WEIGHT 

VOLUME 

POWER 

O.E.  COST 

T.E.  COST 

PROO.  COST 

ENG  COST 

fiOl  SERIES  LOAD  REG 

3 1.6 

.3 

-0.0 

0.0 

0.0 

0*0 

0.0 

206  BATTERY  CELL 

Z 23.2 

.1 

-0  .0 

255000.0 

9500C. g 

85048.4 

101394.4 

901  BATTERY  CHARGER 

2 8.0 

.3 

-0.0 

0.0 

d.o 

0.0 

0.0 

1001  SOLAR  POWER  CIST 

1 1.0 

.1 

-0.0 

0.0 

0.0 

0.0 

0.0 

1101  POWER  DISTRIBUTOR 

1 1.0 

;l 

-0.0 

0.0 

0*0 

0.0 

0.0 

QUIPMEMTS  USING  COST  ESTIMATING  RELATIONSHIPS 

VEHICLE 

VEHICLE 

NAME 

WEIGHT 

O.E.  COST 

T.E.  COST 

PROO.  COST 

ENG.  COST 

SOLAR  ARRAY 

195,1 

94L616.3 

476283.5 

665331.1 

0.0 

HARNESS 

237.9 

980261.5 

736686.0 

462852.1 

0.0 

THERMAL  CONTROL 

13.  3 

333518.0 

253327.1 

52036.3 

0.0 

POWER  CONVERTERS 

17.  2 

482774.9 

263601.1 

154863.5 

‘ 0.0 

PROPULSION  FEEO  SYS. 

294928.1 

261654.8 

353305.9 

0.0 

STRUCTURE 

185.5 

1456942.6 

560144.1 

270088.4 

0.0 

POWER  CONTROL  UNI.TS 

22.8 

322052.9 

224257.2 

82704.2 

0.0 

0 

1 

sO 


t3^ 


Figure  16-6 


Computer  Program  Listing  for  OSO-I  (Continued) 


Table  16-6.  OSO-I  Weights 


1 

Subsystem 

Model 

Estimates 

Contractor 
Estimates . , 

kg 

(lb) 

kg 

(lb) 

Structure 

(includes  adapter) 

183.  6 

404.8 

■ 140.3 

309'.  4 

Thermal  Control 

6.  0 

13.3 

7.0 

15.4 

Electrical  Power  and  Distribution 

139.  3 

307.2  .. 

88.  1 

194.3 

Stabilization’ St  Control 

145.  5 

320.  7 

334.3 

737.0 

(includes' APS) 

Expendable  s 

'32.8 

72.3. 

11,8 

26.0 

Communications,  Data  Process- 
ing St  Instrumentation 

32.'5 

71.6 

65.  0 

143.  2 

- 

Mission  Equipment 

384.  8 

848i  3 

384.8  • 

848.  3 

Launch  Weight 

' - 

924.5 

2038'.  2 

1031.3 

2273',  6 

Table  16-7.  OSO-I  Dimensions' 


Dimensions 

Model 

Estimates 

. Contractor' 
' Estimates 

m 

Diameter  . 

2.  18 

86.0  ■ 

2.  10 

82.  8 

Equipment  Bay  Length 

3.  79 

.149.3 

1.26 

49,8 

Total  Length 

4.48 

• 176.3  . 

3.24 

127.6 
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16.4 


TRADE  STUDIES 


The  Systems  Cost/Performance  Model  is  an  excellent  tool 
for  performing  trade  studies  and  sensitivity  analyses.  A series  of  com- 
puter runs  were  performed  for  the  express  purpose  of  exercising  the 
model's  capability.  The  studies  involved: 

a.  Determining  the  influence  of  the  S&C  subsystem  type  on  the 
total  pay-load. 

b.  Determining  the  effect  of  increasing  the  payload  reliability 
requirement. 

c.  Determining  the  effect  of  increasing  the  mission  equipment 
power  requirement. 

d.  Determining  the  effect  of  changing  the  total  impulse  required 
of  the  APS  subsystem. 

e.  Determining  the  effect  of  increased  payload  maneuver  (rotation) 
rate  s . 

f.  Determining  the  effect  of  inefficient  use  of  propellant  tanks. 

The  studies  were  not  intended  to  be  exhaustive;  they  were  intended  to  test 
the  model's  ability  to  demonstrate  the  interactions  within  and  between 
the  various  subsystem  configurations,  performance,  costs,  and  schedule. 

16.4.1  Stabilization  and  Control  Subsystem  Type 

The  current  model  can  design  five  different  S&C  subsystem 
configurations.  The  intent  of  the  trade  study  was  to  determine  the  influence 
exerted' by  the  S&C  configuration  on  the  total  payload  design.  The  inputs 
for  the  study  allowed  the  computer  program  to  use  the  internally  stored 
representative  values  with  one  important  exception;  the  main  engine  burn 
time  was  set  to  2500  sec  so  that  a monopropellant  APS  configuration  could 
be  successfully  designed*  The  output  design  consisted  of  the  following 
subsystem  configurations: 

a.  Monopropellant  propulsion 

b.  General  purpose  processing 
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c.  Unified  uplink  and  downlink  with  common  antenna 

d.  Body-mounted  solar  array 

e.  Shunt  voltage  regulation 

f.  Cylindrical  vehicle 

g.  Single  systern.  redundancy 

The  computer  program  was  allowed  to  do  a macro  search  on  the  five 
S&C  configurations. 

Figure  l6-7  presents  the  S&C  weight,  the  APS  dry  weight, 
the  propellant  (expendable)  weight,  and  the  total  launch  weight  for  the 
five  S&tC  configurations.  The  reader  will  note  that  the  pitch  momentum 
wheel  configuration  results  in  the  lightest  payload  and  that  the  CMC  con- 
figuration results  in  the  heaviest.  This  is  to  be  expected  since  a designer 
will  select  the  CMG  configuration  only  when  he  is  willing  to  pay  the 
penalty  (e.  g. , weight)  for  vehicle  maneuvering  and  tight  pointing  and 
rate  requirements.  Another  point  of  interest  is  the  difference  in  weight 
distribution  between  the  ihass  expulsion  and  the  CMG  configurations.  The 
expendable  propellant  weight  in  the  mass  expulsion  configuration  is  directly 
proportional  to  the  basic  requirements  (e.g.,  lifetime);  whereas, the  CMG 
configuration  is  far  less  sensitive  to  changes  in  the  requirements. 

Figure  l6-8  presents  the  S&C  subsystem  cost  as  a function 
of  the  subsystem  type.  It  is  quite  possible  that  the  cost  estimates  by  the 
current  model  are  low;  this  can  easily  be  remedied.  The  important  point 
is  that  the  relative  positions  of  the  model's  cost  estimates  are  consistent 
with  actual  programs.  The  CMG  configuration  will  be  far  more  expensive 
than  any  other  type  of  control.  On  the  other  hand,  the  heavier  weight  of 
the  mass  expulsion  configuration  does  not  imply  that  it  will  be  relatively 
more  expensive.  The  dual-spin  configuration  is  not  a simple  configuration 
to  design  and  build;  hence,  its  cost  is  expected  to  be  on  a par  with  the 
other  three-axis  control  types.  A major  point  made  by  this  trade  study  is 
that  cost  models  for  the  S&C  subsystem  should  at  least  take  into  account: 

a.  Subsystem  type 

b.  Amount  of  electronic  equipment 
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TOTAL  LAUNCH  WEIGHT,  kg 


A - THREE-AXIS  MASS  EXPULSION 

^ WITH  PITCH  MOMENTUM  WHEEL 


Figure  16-7.  Payload  Weight  versus  Stabilization  and 
Control  Subsystem  Type 
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SUBSYSTEM  COST,  $1,000,000 


SUBSYSTEM  WEIGHT,  kg 


Figure  i6-8.  S&C  Subsystem  Cost  Estimates' (for  DDT&E 
and  Five  Vehicles)  versus  Subsystem 
Weight  and  Type 
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c.  Amount  of  mechanical  equipment 

d.  Amount  of  expendables 

16.4.2  Mean  Mission  Duration 

A series  of  computer  runs  were  perfoimied  in  order  to 
determine  the  sensitivity  of  payload  weight  and  cost  to  changes  in  relia- 
bility requirements.  Figure  16-9  presents  the  weight  estimates  generated 
by  the  model  as  a function  of  the  payload  mean  mission  duration  (MMD). 
requirement.  The  input  requirements  correspond  to  the  DSCS-II  payload, 
and  the  nominal  design  weight  is  identified  by  a small  circle.  The  minimum 
weight,  single-string  system  has  a weight  of  440.4  kg  (970.8  lb)  and  an 
MMD  of  21. 8 months.  As  the  MMD  requirement  approaches  48  months, 
certain  equipment  (e.  g. , the  despin  mechanical  assembly  and  the  mis,sion 
equipment,  which  were  not  allowed  to  be  made  redundant)  prevent  the  payload 
MMD  from  being  increased  further.  The  net  result  of  the  analysis  is  an 
interesting  and  logical  understanding  of  the  impact  of  the  mean  mission 
duration  requirement  on  the  DSCS-II  launch  weight. 

Figure  16-10  presents  cost  estimates  generated  by  the  model 
for  DSCS-II  as  a function  of  reliability.  The  cost  estimates  are  relatively 
insensitive  to  changes  in  payload  MMD  at  low  levels  due  to  the  inherent 
reliability  of  the  single- string  system.  However,  attempts  to  increase 
reliability  substantially  cause  costs  to  turn  upward  reflecting  the  dimin- 
ishing returns  and  increasing  costs  of  adding  redundancy.  The  cost  results 
generated  by  the  model  provide  more  insight  than  the  current  CER 
approaches  which  are  restricted  to  straight  line  approximations  about 
the  nominal  cost. 

16.4.3  Mission  Equipment  Power 

Figure  16-11  represents  the  effect  of  changes  in  the  mission 
equipment  power  requirement  on  the  DSCS-II  launch  weight.  The  weight 
change  reflects  not  only  the  change  in  the  electrical  power  subsystem,  but 
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LAUNCH  WEIGHT,,  kg  ^ 


MEAN  MISSION  DURATION,  yrs 


Figure  16-9.  DSCS-II  Weight  versus  Extended  Life 
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Figure  16-10,  DSCS-II  Cost  versus  Extended  Life 
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700 


Figure  16-11.  Payload  Weight  versus  Mission  Equipment' 
Power  Requirement 


the  changes  in  all  other  subsystems  including  S&C,  APS,  CDPI,  thermal, 
and  structure.  The  distinct  advantage  of  the  Systems  Cost/Performance 
Model  shows  up  in  its  ability  to  predict  the  -effect  on  all  subsystems  of  a 
change  in-  another  part  of  the  vehicle.  Figure  16-12  presents  the  cost 
estimates  generated  by  the  model  as  a function  of  the  payload  electrical 
power  requirement  . ’ 

16.4.4  Total  Im pulse 

Several  engineering  reports  published  in  the  recent  past 
have  presented  the  sensitivity  of  APS  subsystem  designs  to  the  total 
impulse  requirement.  -Since  the  general  trends  are  kncwn,  it  was  of 
interest  to  determine  whether  the  Cost /Performance  Model  could  provide 
the  same  information  by  making  just  a few  computer  runs.  The  results 
are  siunmarized  in  Figures  16-13  and  16-14.  The- main  engine  burn  time 
was  used’ as  the  input  variable  controlling  the  total  impulse  requirement. 
All  other  inputs  were  the  internally  stored  representative  values.  The 
output  design  entailed  the  following  subsystem  configurations: 

a.  Three-axis  mass  expulsion  with  pitch  momentum  wheel' 

b.  Special  purpose  processing 

c.  Unified  uplink  and  do-wnlink  with  a common  antenna 

. d.  Paddle-mounted  solar  array 

e.  Shunt  voltage  regulation 

f.  Cylindrical  vehicle 

g.  Single  system  redundancy 

Figure  16-13  indicates  that  for  low  impulse  requirements, 
the  minimum  subsystem  weight  is  set  by  the  minimum  hard-ware 
requirement.  For  high  impulse  requirements,  the  weight  is  proportional 
to  the  impulse  requirement.  The  curves  are  truncated  as  shown  since 
the  subsystem  types  are  limited  by  the  program  as  to  their  applicable 
design  ranges. 
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DDT&E  COST,  $1,000,  000 
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MISSION  EQUIPMENT  POWER,  watts 

Figure  16-12.  Payload  Cost  versus  Mission  Equipment  Power  Requirement 


SPACECRAFT  UNIT  COST,  $1,000,000 


16 


14 


TOTAL  IMPULSE,  newton-sec 

Figure  16-14.  Unit  Recurring  Cost  versus  Total  Impulse  and 
Propellant  Type 


Figure  16-14  presents  the  subsystem  unit  cost  as  a function 
of  the  impulse  requirement.  The  figure  is  interesting  because  of  the  cross- 
over point  between  the  monopropellant  and  bipropellant  types  at  4.  4 x 10^ 

5 

newton-sec  (10  lb-sec).  If  the  cost  model  took  into  account  the  subsystem 
type  (which  it  does  not),  the  cost  curve  for  the  monopropellant  system 
would  be  expected  to  be  higher  and,  thereby,  exhibit  a crossover  point 
with  the  cold  gas  system.  Clearly,  future  cost  models  should  distinguish 
between: 

a.  Propellant  type 

b.  Amount  of  mechanical  equipment 

c.  Amount  of  expendables 

In  general,  both  figures  are  rewarding  since  the  results  were 
obtained- with  only  sixteen  computer  runs  of  3.  5 sec  each  and  are  very 
similar  to  those  obtained  by  time-consuming  hand  analyses. 

16.4.5  Maximum  Maneuver  Rate 

Maximum  maneuver  rate  was  selected  for  a trade  study  since 
payload  program  managers  are  greatly  interested  in  the  penalties  associated 
with  increased  maneuvering  rates.  Figure  16-15  illustrates  the  change  in 
the  S&C  subsystem  weight  and  the  total  launch  weight  as  the  maximum 
maneuver  rate  requirement  is  varied.  All  other  input  values  used  were 
the  internally  stored  representative  values  with  the  exception  of  the  mission 
equipment  weight  which  was  set  to  453.6  kg  (1000  lb)  in  order  to  magnify 
the  influence  of  the  maneuver  rate  requirement.  The  payload  design 
consisted- of  the  following  subsystem  types: 

a.  Three-axis  mass  expulsion  with  control  moment  gyros 

b.  Monopropellant  propulsion 

c.  Special  purpose  processing 

d.  Unified  uplink  and  downlink  having  a common  antenna 
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e.  Paddle -mounted  solar  arrays 

f.  Shunt  voltage  regulation 

g.  Cylindrically  shaped  vehicle 

h.  Single  system  redundancy 

The  figure  illustrates  not  only  the  change  in  the  S&C  subsystem'  weight, 
but  the  effect  on  the  remainder  of  the  payload, 

16.4.6  Number  of  Tanks 

As  part  of  the  trade  studies,  it  was  desirable  to  select  one 
study  which  required  the  use  of  the  micro  search  option.  A natural  choice 
was  a trade  study  which  demonstrated  the  effects  of  using  propulsion  tanks 
which  were  either  too  large  or  too  small  for  the  given  amount  of  propellant. 
Too  large  a tank  simply  means  that  only  one  tank  is  required  and  that  the 
excess  weight  and  volume  is  wasted.  Smaller  tanks  require  that  more 
than  one  tank  be  used  to  store  the  propellant.  Ltocation  and  reliability 
considerations  often  indicate  that  more  than  one  tank  be  used.  Of  course, 
the  number  of  tanks  can  be  carried  to  the  extreme  where  numerous  small 
tanks  are  used. 

The  data  presented  in  Figure  16-16  is  the  result  of  one 
computer  run  using  the  micro  search  option  on  the  APS  subsystem.  All 
input  vadues  used  were  the  internally  stored  representative  values  with 
the  exception  of  the  main  engine  burn  time  which  was  set  to  10,  000  sec. 

The  payload  design  consisted  of  the  following  subsystem  types: 

a. 

b. 

c. 

d. 

e. 

f. 

g- 

h; 


Three-axis  mass  expulsion  with  pitch  momentum  wheel 
Monopropellant  propulsion 
Special  purpose  processing 

Unified  uplink  and  downlink  with  a common  antenna 

Paddle -mounted  solar  arrays 

Shunt  voltage  regulation 

Cylindrically  shaped  vehicle 

Single  system  redundancy 
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NUMBER  OF  TANKS  REQUIRED 


Figure  16-16.'  Payload  Weight 


versus  Number  of  Propellant  Tanks  Required 


Figure^  16-16  presents  the  subsystem  and  total  launch  weights 
as  a function  of  the  number  of  monopropellant  tanks  required.  Although 
the  data  is  plotted  as  if  it  were  continuous,  the  curves  are  actually  stair- 
case (discrete)  functions.  The  data. is  also  plotted  on  the  basis  of  the 
theoretical  requirement, (i. e. , on  the  basis  of  1.5  tanks  or  0.5  tank  being 
required).  Each  point  on  the  curves  represents  a (micro  search)  design 
using  a specific  tank.  Using  Figure  16-16,  the  program  manager  can 
determine  .how  rnuch  additional  weight  would  be  required  in  exchange  for  the 
versatility  of  more  tanks. 
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1 7 . CONCLUSIONS 


The  principal  goal  of  this  study  was  to  identify  and  quantify 
the  interrelationships  between  and  within  the  performance,  safety,  cost, 
and  schedule  parameters  in  support  of  an  overall  effort  by  NASA  to  gener- 
ate program  models  and  methodology  that  provide  insight  into  the  effect 

of  changes  in  specific  system  functional  requirements  on  the  total  vehicle 
program. 

So  that  this  goal  could  be  achieved,  four  objectives  were 
established  for  this  study.  The  first  objective  was  to  refine  and  improve 
the  cost/performance  methodology  which  was  developed  during  the  preced- 
ing fiscal  year’s  study.  The  second  objective  was  the  application  of  the 
methodology  to  unmanned,  automated  payloads.  The  third  objective  was 
to  implement  the  resulting  model  as  a digital  computer  program.  The 
fourth  objective  was  to  bring  the  digital  computer  program  to  an  opera- 
tional state  on  MSFC's  Univac  1108  computer.- 

In  fulfilling  the  objectives,  the  Systems  Cost/Performance 
Model  was  established.  The  Cost/ Performance  Model  identifies  accept- 
able payload  designs  for  the  following  subsystems: 

a.  Stabilization  and  control 

b.  Airsiliary  propulsion 

c.  Communication,  data  processing  and' instrumentation 

d.  Electrical  power 

e.  Thermal  control 

f.  Structure 

Redundancy  is  added  to  the  payload  design  as  necessary,  and 
the  costs  and  schedules  required  to  design,  develop,  qualify,  build,  check- 
out, and  prepare  flight  vehicles  are  estimated.  The  model  incorporates 
a data  base  comprised  of  assemblies  with  the  requisite  performance, 
safety,  cost,  and  schedule  information  specified. 
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The  Systems  Cost/Performance  Model  was  implemented  as 
a digital  computer  program  in'Portran  IV.  The  program  is  operational 
on  The  Aerospace  Corporation's  CDC  7600  and  IBM  370  computers  and 
on  MSFC's  Univac  1108  computer.  Use  of  the  computer  program  allows 
the  user  to  establish  specific  designs  and  the  related  costs  and  schedules 
almost  immediately.  In' addition,  the  user  is  able  to  determine  the  sen- 
sitivity of  design,  costs,  and  schedules  to  changes  in  requirements. 

Three  test  cases  were  used  to  check  the  .Cost /Performance 
Model  and  the  operation  of  the  computer  program.  These  test  cases 
were: 

a.  Defense  Satellite  Communication  System  (DSCS-H) 

b.  ' Earth  Resources  Technology  Satellite  (ERTS-A) 

c.  Orbiting  Solar  Observatory  (OSO-I) 

The  results  of  these  three. test  cases  do  indicate,  in  fact,  that 
the  current  model  is  capable  of  reasonable  accuracy  which  is  lim.ited  by 
the  accuracy  and  completeness  of  the  input  data  submitted  by  the  user.  For 
the  given  test  cases,  the  physical  descriptions  and  equipment  selected'  ‘ 
corresponded  quite  well  with  the  contractor's  data.  At  the  same  time,  the 
model  provided  estimates  and,  therefore,  insight  into  the  effect  of  other 
variables  (e.g.,  reliability  and  power  requirements)  on  payload  cost. 

Generally  speaking,  the  Cost /Performance  Model  should 
exceed  the  perfoimance  of  "top-down"  models.  The  model  uses  a "bottom- 
up"  approach  and,  therefore,  designs  the  payload  at  the  assembly  level. 
Greater  accuracy  is  achieved  by  the  very  nature  of  the  more  detailed 
design.  This  accuracy  will  be  reflected  in  the  cost  and  schedule  model 
estimates.  A second  attribute  of  the  Cost /Performance  Model  is  the  com- 
pleteness of  the  design  specified.  Pieces  of  equipment  are  not  forgotten, 
and  redundancy  is  automatically  included  in  the  specified  design.  In  addi-r 
tion,  the  impact  of  all  subsystem  interfaces  and  interactions  is  properly 
modeled.  The  net  result  is  a payload  design  which  is  as  accurate  and 
complete  as  one  from  a Pre- Phase  A study  and  which  is  available  to  the 
Cost/ Performance  Computer  Program  user  immediately. 
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The  current  Cost /Performance  Model  is  limited  to  modeling 
spacecraft  in  earth  orbit.  More  importantly,  the  current  model  is  limited 
in  the  range  of  payload  designs  it  can  generate  by  the  limited  amount  of 
equipment  in  the  data  base.  Accuracy  of  the  cost  estimates  is  limited  by. 
the  relatively  limited 'amount  of  cost  data  which  could  be  reduced  and 
processed  to  support  the  data  base  cost  entries.  . 

Because  of  the  detailed  nature  of  the  model,  the  uses  of  the 
SystemsCost/Performance  Model  far  exceed  that  for  "top-down”  models . 
The  following  uses  of  the  model  are  suggested: 

a.  Pre- Phase  A Planning 

1.  Structure  realistic  programs  in  terms  of  matching  per- 
formance, budgets,  and  schedule. 

2.  Perform  mission  model  analyses . 

3.  Assess  the  potential  savings  from  use  of  standardized 
equipment. 

b.  Preliminary  Design 

1.  Establish  specific  payload  designs  and  the  related  costs 
and  schedule  to  meet  the  program  requirements. 

2.  Develop  standardized  designs  using  a data  base  consisting 
of  standardized  equipment. 

3.  Identify  low  cost  designs  using  a data  base  consisting  of 
off-the-shelf  equipment. 

4.  Perform  modularity  studies  by  modifying  the  model  to 
assign  equipment  to  modules. 

c.  Program  Management 

1.  Assess  contractor  cost  and  schedule  estimates. 

2.  Determine  the  sensitivity  of  design,  costs,  and  schedules 
to  changes  in  requirements. 

Perform  trade  studies  to  identify  optimal  designs. 

4.  Use  in  "Design  to  Cost"  management. 

The  model  can  readily  be  expanded  in  its  scope  to  perform  many  other 
studies  as  well. 
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The' computer  program  aids  the  designer  in  perfoiming  trade 
studies  and  simplifies  the  achievement  of  a balanced  system  design.  The 
model  will  become  a more  versatile  tool  in  terms  of  preliminary  program 
planning  and  in  actual  program  management  as  it  becomes  more  fully 
developed.  ' • - ■ ■ 
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18.  RECOMMENDATIONS 


The  principal  goal  of  this  study,  which  was  to  identify  and 
quantify  the  interrelationships  between  and  within  the  performance,  safety, 
cost, -and  schedule  parameters  for  unmanned,  automated  payloads  has 
been  met.  The  cost /performance  methodology  developed  during  the 
FY  1973  study  has  been  refined  and  substantially  improved.  The  applica- 
tion of  the  methodology  to  unmanned,  automated  payloads  resulted  in  the 
current  SystemsCost/Performance  Model.  The  .Cost/Performance  Model 
has  been  implemented  as  an  operational  digital  computer  program  on 
MSFC's  Univac  1108  computer.  Having  achieved  these  objectives,  the 
following  recommendations  are  made  with  respect  both  to  improving  the 
model  and  verifying  and  validating  it. 

It  is  recommended  that  the  model  be  thoroughly  verified  and 
validated.  The  most  useful  validation  procedure  would  be  to  use  the  model 
on  test  cases  selected  from  historical  programs,  operational  programs, 
and  new  starts.  Historical  and  current  programs  provide  the  most  accurate 
data  by  which  to  validate  the  model.  New  start  programs  will  test  the 
applicability  of  the  model  as  a preliminary  planning  tool.  It  is  further 
recommended  that  the  capability  of  the  model  to  predict  space  vehicle 
interrelationships  be  tested  and  the  potential  for  assisting  in  program- 
matic change  control  such  as  configuration  management  be  evaluated  by 
a user  review. 

Although  the  model  is  operational,  there  are  a number  of 
improvements  which  should  be  implemented.  The  .suggested  improve- 
ments are  listed  below  for  applicable  subsystem,  reliability,  cost,  and 
schedule  models: 

a.  Subsystem  Models 

1 . Stabilization  and  Control 

(a)  Refine  the  disturbance  torque  portion  of  the  model. 
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2. 


(b)  Incorporate  a magnetic  torquer  in  the  model. 

(c)  Improve  the  detail  and  accuracy  of  dual  spin, 
yaw  spin,  and  three- axis  mass  expulsion  con- 
figurations. 

Data  Processing 

(a)  Refine  the  algorithm  for  selecting  general 
purpose  processors. 

(b)  . Incorporate  data- compression  in  general’ 
purpose  processors,. 

(c)  Incorporate  selection  of  tape  recorders  in  the 
model. 

(d)  Incorporate  an  algorithm  for  selecting  rommanfl 
■distribution  units.' 

3.  Communication 

(a)  Expand  the  model  froth  the  Air  Force's  Space 
Ground  Link  System  (SGLS)  to  include  NASA's- 
Unified  S-Band  (USB)';  S-Band  and  VHF  equip-  • 
ment. 

(b)  Expand  the  model  to  apply  to  interplanetary 
missions. 

4. -  Electrical  Power 

(a).  Refine  the  combined  electrical/thermal  relation- 
ships. 

5.  Structures 

(a)  Incorporate  the  truss  structural  configuration. 

(b)  Incorporate  effects  of  strap-on  solid  kick  stages. 

6.  Vehicle  Sizing 

(a)  Incorporate  provision  for  rotation- of  the  vehicle 
relative  to  the  normally  defined  axis. 

7.  Thermal  Control 

(a)  Incorporate  the  effect  of  duty  cycle  in  the  model. 


18-2 


b.'  Reliability 

1.  Incorporate  mission  equipment  in  the  model  with  pro- 
_ vision  for  increasing  reliability  of  the  mission  equip- 

ment. 

■ 2.  Incorporate  a model  of  pulse-operation  (short  dura- 
' tion)  modules. 

3.  Provide' for  redundancy  at  the  subsystem  level 
similar  in  concept  to  the  current  comoonent  redun- 
dancy approach. 

4.  Delete  selection  of  redundancy  based  on  the  mean 

- mission  duration  of. the  system.  (Selection  based  bn 
system  reliability  is  substantially  faster  and  provides 
similar  results  inmost  cases.) 


c.  Cost 

1.  Improve  the  accuracy  and  applicability  of  the  data  base 
and  CERs  based  on  additional  data. 

2.  Develop  CERs  for  equipment  not  previously  flown. 

3.  Model  the  relationship  between  cost  and  schedule. 

d.  Schedule 

1.  Improve  the  approach  and  accuracy  of  the  model  by 

collecting  and  processing  additional  schedule  data. 

■ In  order  to  make  the  above  improvements,  it  shoxild  be  clear 

that  additional  cost,  schedule,  and  technical  data- must  be  collected  and 
processed.  The  focus  of  the  current  study  was  on  developing  a model  rather 
than  augmenting  a data  base.  Only  after  the  model  was  successfully  devel- 
oped and  proven  as  a useful  tool  could  data  collection  be  justified  at  such  a 
detailed  level.  On  the  other  hand,  lack  of  adequate  data  hindered  the  develop- 
ment of  the  current  model.  The  cost  model  must  be  considered  preliminary, 
and  the  schedule  model  cannot  be  considered  operational  until  sufficient  data 
have  been  collected  to  improve  and  validate  the  model.  Hence,  widespread 
use  of  the  Systems  Cost/Performance  Model  depends  entirely  on  the  collec- 
tion of  performance,  safety,  cost,  and  schedule  data  at  the  subsystem  compo- 
nent (assembly)  level. 
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NOMENCLATURE 


Section  3 
a 


b 


1 


b 


2 


b 


3 


C 


^2 


^6 


semi-major  axis  of  the  orbit  (nmi) 

misaligi^ent  errors  in  mounting  inertial  measure- 
ment units  relative  to  the  vehicle  x,  y,  and  z axes, 
respectively  (deg,  3cr) 

effective  flat  plate  area  for  computation  of  solar 
torques  (ft*) 

drive  quantization  error  in  the  gimbal  drive 
assembly  (deg,  3(j) 

gimbal  drive  error  in  the  gimbal  drive  assembly 
(deg,  3a-)-  ^ 

biax  droop  error  in  the  gimbal  drive  assembly 
(deg,  3ct) 

value  of  the  numerical  integration  term  in  the 

filtered  roll  horizon  scanner  noise  power  (dimensionless) 

programmer  sine  wave  error  in  the  control  timing 
assembly  (deg,  3a) 

drive  quantization  and  delay  error  in  the  control 
timing  assembly  (deg,  3a) 

rnea-surement  compensation  error  in  the  control 
timing  assembly,  (deg,  3a) 

pipper  drift  error  in  the  control  timing  assembly 
(deg,  3a)  ® ^ 

quantization  noise  error  in  the  control  timing 
assembly  (deg,  3a) 


controller  error  in  the  center  electrical  assembly 
(deg,  3a)  ^ 
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NOMENCLATURE  (Continued) 


vehicle  diameter  (ft) 

distance  from  C.  G.  to  main  engine  (ft) 

gas  jet  lever  arms  on  the  roll,  pitch  and  yaw  axis, 
respectively  (ft) 


db 

[ • 

db  , db  ; db 
X . y’  z 


E 

•EQBLG 


EQBSID 


EQMIXL 

-EQMIYL 

EQMIZL 

EQM2XL  ■) 
EQM2YL 
EQM2ZL  ) 


deadband  (deg) 

deadbands'  on  the  roll,  pitch  and  yaw  axes, 
respectively  (deg) 

bearing  and  motor  friction  error  in  the  despin 
mechanica.1  assembly  (deg;  3cr) 

bearing  runout  error  in  the  despin  mechanical 
assembly  (deg,  3c) 

antenna  elevation  angle,  (rad) 

length  of  the  equipment  bay  (along  vehicle  x-axis) 
(ft)  (for  a box  configuration) 

width  and  depth  of  the  e_quipinent  bay  (ft)(for  a box 
configuration) 


vehicle  x,‘  y,  and  z dimensions  of  the  forward 
mission  equipment  box  (ft) 


vehicle  X,  y,  and  z dimensions  of  the  aft  mission 
equipment  box  (ft) 


horizon  scanner  anomalies  (deg,  3cr) 


e 


AR 


attitude  reference  error  (deg,  3a) 


®HS 


horizon  scanner  error  (deg,  3cd 
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NOMENCLATURE  (Continued) 


e 

a 

®beam 

e 

P 

®2 

®3 

®7 

F 

F 

e 

F 

max 

F . 
min 

F 

s 

§2 

H 


antenna  misalignment  (deg,  3ct) 
antenna  beam  pointing  error  (deg,  3<^ 
programmed  pitchover  rate  error  (deg/sec,  3d} 
horizon  sensor  noise  (deg,  3a) 
horizon  sensor  radiance  irregularity  (deg,  3a) 
horizon  sensor  quantization  error  (deg,  3a) 
horizon  sensor  sun  interference  error  (deg,  3a) 

horizon  sensor  moon  interference  error  (deg,  3a) 
horizon  sensor  threshold  aging  error  (deg,  3a) 
horizon  sensor  null  or  bias  error  (deg,  3a) 
gas  jet  force  (assumed  the  same  on  all  axes)  (lb) 
main  engine  thrust  (lb)  ' 

maximum  gas  jet  output  thrust  per  axis  (lb) 
minimum  gas  jet  output  thrust  per  axis  (lb) 
solar  force  acting  on  the  vehicle  (lb)  . 

G- insensitive /gyro  drift. error,  24-hour  stability 
(deg,  3a) 

total  misalignment  of  the  rate  integrating  gyro 
assembly  relative  to  the  vehicle  (deg,  3a) 

momentum  of  the  vehicle  about  the  yaw  axis  for  a 
yaw  spin  vehicle  (ft- lb- sec) 


N-3 


NOMENCLATURE  .(Cqntiiiued) 


H 


H, 


F cp 
FY 


H 


F0 


H 


H^{n6m) 


H^(max) 


H 

Cl 

“e 

h 

h 


CO 


h • 
cap 


^dist 

h 

man 

h . ' 
min 


roll  feedback  gain  (sec"^-) 
roll  to  yaw  coupling  gain  (sec~^) 
pitch  feedback  gain  {sec” 

vehicle  spin  axis  momentum  for  a dual  spin 
vehicle  (ft-lb-sec) 

nominal  value  of  the  angular  momentum  of  the 
reaction  wheel  (ft-lb-sec) 

maximum  value  of  the  .angular  momentum  of  the 
reaction  wheel  (ft-lb-sec) 

minimum  value  of  the' angular  momentum  of  the 
reaction  wheel  (ft-lb-sec) 

roll  horizon  scanner  gain  to  roll  axis  (sec”^) 

roll  horizon  scanner  gain  to  yaw  axis  (sec”^) 

pitch  horizon  scanner  gain  (sec”^) 

vehicle  altitude  above  the  earth  (nmi) 

.actual-momentum  of  the.  individual  CMGs  selected 
from  the  hardware  data  base  (ft-lb-sec) 

apogee  altitude  (nmi) 

maximum  momentum  capability  of  the  set  of  CMGs 
(ft-lb-sec) 

disturbance  momentum  requirement  (ft-lb-sec) 

maneuve  r momentum  re qui  rement  (ft- lb-  s ec) 

minimum  of  the'. required  momentum  about  the 
three-axes  (ft-lb-sec) 
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NOMENCLATURE  (Continued) 


h 
• o 


req 

, h , h 


I 

X 


i 

J 


J 


P 


J 

z 


K 


K 


K 


sf 


K, 


K, 


solar  radiation  constant  outside  the  earth's 
atmosphere  (9.4x  10~^  IbltT) 

perigee  altitude  (nmi) 

momentum  storage  requirement  (ft-lb-sec) 

momentum  required  on  the  roll,  pitch,  and  yaw 
axes,  respectively  (ft-lb-sec) 

resolver  accuracy  in  the  gimbal  electronics- 
assembly  (deg  3a) 

impulse  due  to  limit  cycle  operation  about  the 
orbital  X,  y,  and  z axes,  respectively  (lb-sec) 

orbit  inclination  (deg) 

2. 

inertia  about  the  maneuver  axis  (slug-ft  ; 

platform  spin  axis  inertia  (slug-ft  ) 

2 

rotor  spin  axis  inertia  (slug-ft  ) 

2 

vehicle  roll,  pitch  and  yaw  inertias  (slug-ft  ) 

= 0 if  errors  are  desired  for  spin  axis  relative  to 
nadir,  = 1 if  errors  are  desired  for  payload  relative 
to  nadir  (dimensionless) 

gravity- gradient  disturbance  torque  coefficient 
(sec“'^) 

gyro  scale  factor  error,  24-hour  stability 
(dimensionless) 

horizon  scanner  output  noise  level  of  the  noise 
power  spectra  (dimensionless) 

product  of  the  peak  gimbal  rate  'and  the  maximum 
maneuver  rate  (deg/sec^) 
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NOMENCIvATURE  (Continued) 


LENGTH 

& 

[I] 


Ji  , & , i 
x’  y’  z 


Mj^(max) 


X 


M 


D 


M 


D 


N 


N, 


N 

m 

N , N , N 
x’  y’  z 


length  of  the  equipment  bay  (ft) 

distance  from  the  vehicle  c.g.  to  the  center  of 
pressure. for. solar  disturbance  torques  (ft) 

skew  symmetric  matrix  formed  using  , 

and  £,  (ft)  ^ X’  y’ 

z 

components  of  £ along  the  vehicle  x,  y,  and  z 
axes  (ft) 

maximum  disturbance  torque  (ft~lb) 


steady  environment  disturbance  torque  level  about 
the  vehicle  roll,  pitch  and  yaw  axes,  respectivelv 
(ft- lb)  ^ 


number  of  days  between,  corrections  in  the  spin 
axis  pointing  of  the  vehicle  (days) 

number  of  thruster  firings  about  any  axis  during 
the  mission,  lifetime 

average  star  density  (steradian"  ^) 

number  of  maneuvers  about  the  roll,  pitch  and  yaw 
axes,  respectively 


n 

P 

P P 
cpN’  -^GN 

P 

q 


number  of  skewed  single- gimbaled  control  moment 
gyros 

standby  power  of  the  CMG  configuration  (watts) 

filtered  roll  and  pitch  horizon  scanner  noise  power 
(deg'i)  . • 

fl^^ction  of  tirtie  that. aerodynamic  disturbance 
torques  are  in  effect  (dimensionless) 

dynamic  pressure  (lb  /ft  j 

-C 
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NOMENCLATURE  (Continued) 


r 

r 

e 

SARM 


SATDAM 

SAIYL  \ 
SAIZL  f 

SA2YL  \ 
SA2ZL  f 

SIDE 


s 


1 


^2 

"3 

T 

[T] 

fT^3  • 


vehicle  radius  from  the  center  of  the  earth  (ft) 
radius  of  the  earth  (nmi) 


length  of  the  solar  panel  arm  (between  vehicle 
and  panel)  (ft) 

diameter  of  the  cylindrical  or  spherical  vehicle  (ft) 

solar  array  #1  dimensions  along  the  vehicle  y and 
z axes  (ft) 

solar  array  §2  dimensions  along  the  vehicle  y and 
z axes  (ft) 

vehicle  y and  z dimensions  of  the  equipment  bay  (ft) 
reference  area  of  the  flat  plate  facing  the  solar  wind 

\ It  ) 


roll  and  pitch  horizon  scanner  output  noise  power 
spectra  (deg*^) 

type  of  star  sensor  = 1 for  star  mapper 

2 for  body  fixed  (electronic) 
star  tracker 

• 3 for  gimbaled  star  tracker 

star  sensor  accuracy  (deg,  3o) 

2 

star  mapper  field  of  view  (deg  ) 

star  mapper  sensitivity  (visual  magnitude) 


mission  lifetime  (months) 

transformation  matrix  from  vehicle  to  orbital 
coordinates  (dimensionless) 

aerodynamic  torque  column  matrix  (ft-lb) 
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N OM  EN  C Ij  AT  UR  E . ( Cont  inue  d) 


T 


accel 


acceleration  torque  requirements  (ft-lb) 


T 

^SP 


aerodynamic  torque  coliimn  matrix  for  the  solar 
panels  (ft-lb) 


aerodynamic  torque  column  matrix  for  the  main 
vehicle  (ft-lb) 


components  of  [ T^]  about  the  orbital  x,  y,  and  • 
z axes  (ft-lb) 


T 

dist 


T 

max 


T 

^nax 

Tp(min) 

T 

req 


T 


T 

s 


disturbance  torque  requirement  (ft-lb) 

components  of  gravity- gradient  torque  about  the 
orbital  x,  y,  and  z axes  (ft-lb) 

peak  torquer  torque  which  must  be  delivered  at 
peak  gimbal  rate  for  a CMG  configuration  (ft-lb) 

actual  peak  torquer  torque  delivered  by  a CMG  (ft-lb) 

minimum  payload  scan  period  (sec) 

vehicle  torque  requirement  which  consists  of  the  sum 
^he  acceleration  torque  and  the  disturbance  torque 
requirements  (ft-lb) 

time  the  vehicle  sees  the  sun  (months) 

solar  radiation  torque  vector  (ft-lb) 

components  of  solar  disturbance  torque  in  orbital 
coordinates  (ft-lb) 


cornponents  of  the  total  disturbance  torque  in 
orbital  coordinates  (ft-lb) 


main  engine  burn  time  (sec) 


t 


accel 


acceleration  time  for  maneuvering  (sec) 
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N OMENC  LATURE  • (Continued) 


^hold 

^je 

t 

max 

t 

sc 

V 

V 

o 

W 

XNN 


time  vehicle  must  be  in  inertial  hold  (min) 

time  between  unloading  wheel  momentum  (days) 

maximum  time  the  gyros  can  be  allowed  to  drift 
during  inertial  hold  without  exceeding  the  maximum 
pointing  error  requirement  (sec) 

average  time  between  star  crossings  (sec) 

volume  of  a CMG  configuration  (ft^) 

t 

velocity  of  the  vehicle  relative  to  the  wind  (ft/sec) 

orbital  x and  y components  of  the  relative  wind 
velocity  vector^  (ft/ sec) 

weight  of  a CMG  configuration  (lb) 

same  as  N,  time  between  spin-axis  corrections 
(days)  (identical  with  N) 


z 

eg 


X 


cp’ 


z 

o 


^ref’  ^ref’  ^ref 


V 


distances  along  the  vehicle  x^,  y^,  axes  respec- 
tively, from  the  vehicle  coordinate  system  to  the 
center  of  gravity  ofthe  whole  system  (ft) 

distances  from  the  center  of  the  vehicle  coordinate 
frame  to  the  center  of  the  effective  flat  plate  area 
(solar)  along  the  vehicle  x,  y,  z axes,  respectively 


orbital  reference  frame  unit  vectors  with  z directed 
toward  the  earth  in  the  orbit  frame  and  x (directed 
forward  in  the' orbital  frame  (dimensionless) 

distances  along  the  vehicle  x , y^,  and  z^  axes, 
respectively,  from  the  vehicle  coordinate  system 
to  the.  center  of  the  flat  plate  facing  the  wind  (ft) 

vehicle  reference  frame  unit  vectors  with  x along 
the  longitudinal  axis  directed  forward  and  the 
origin  centered  in  the  equipment  bay  (dimensionless) 
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NOMENCLATURE  (Contitmed) 


a 


a 

O' 

B 

[A]. 

Ad 

Adb  , Adb  , Adb 
X y z 


At 


A 

z 


A 

^SP 


A0 


avg 


T1 

e 


®SA 

Y 


thruster  offset  angle  in  the  roll- yaw  plane  for  a 
pitch  momentum  wheel  configuration  (deg) 

aerodynamic  angle  of  attack  (deg) 

aerodynamic  total  angle  of  attack  (deg) 

aerodynamic  sideslip  angle  (deg) 

matrix  of  moment  arms  for  disturbance  torques 
acting  on  the  vehicle  (ft) 

lateral  vehicle  c.g.  distance  plus  lateral  thrust 
chamber  c.g.  distance  from  the  reference  axis  (ft) 

roll,  pitch  and  yaw  deadband  tolerances,  respectively 
(deg,  3a)  ^ 

minimum  gas  jet  on  time  (sec) 

disturbance  torque  moment  arms  along  the  vehicle 
X,  y,  and  z axes,  respectively, (ft) 

disturbance  torque  moment  arms  for  the  solar 
panels  along  the  vehicle  x,  y,  and  z axes,  respec- 
tively (ft) 


average  body  rate  for  low  orbit  during  period  when 
high  accuracy  is  required  (deg/sec) 

control  system  efficiency  (dimensionless) 

reflectance  coefficient  of  the  vehicle  surface 
(dimensionless) 

reflectance  coefficient  of  the  solar  array  surface 
(dimensionless) 

CMG  skew  angle  (deg) 

earth's  gravitational  constant  (1.407645  x 10^^ 

ft^/sec2) 
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NOMENCLATURE  (Continued) 


U). 


H 


U). 


R 


0). 


R, 


U). 


R- 


(i)^(max),  u>^{min), 
o)^(nom) 


(U 


U) 


0), 


op 


(U 


uu 


(U 


z 


p 

^HS 


'Ps 

T 

<j 

^HS- 

♦ 

a 

max 

« 

CT 

~ max 


maximum  horizon  sensor  output  frequency  (rad/sec) 

spin  rate  of  rotor  in  a dual  spin  configuration  (rpm) 

rotor  spin  rate  limited  by  bearing  lubrication- 
considerations  (rpm' 

rotor  spin  rate  due  to  lifetime  dependency  (rpm) 

maximum,  minimum,  and  nominal  reaction  wheel 
spin  speed  (rpm) 

- 

earth's  angular.' rate  (7.  E924  x 10  , rad/sec) 

true  orbital  pitchover  rate  (rad/ sec) 

programmed  pitchover  rate  (rad/sec) 

spin  rate  about  the  z-axis  for  a yaw  spin  vehicle 
(rad/sec) 

roll,  pitch  and  yaw  inertial  rates,  respectively 
(rad/ sec) 

3 

atmospheric  density  ) 

vehicle  roll  Euler  angle  (deg) 

output  from  the  roll  channel  of  the  horizon  scanner 
(deg) 

roll  horizon  scanner  error  (deg,  3ct) 
yaw  Euler  angle  (deg) 
standard  deviation 

standard  deviation  of  the  horizon  scaimer  noise  (deg) 

maximum  gimbal  rate  requirement  (rad/ sec) 
actual  peak  gimbal  rate  of  a CMC  (rad/ sec) 
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NOMENCLATURE  (Continued) 


^ z tune  that  the  roll,  pitch,  and  yaw  disturbance 

torques  are  in  effect  for  a mission  (sec) 

9 pitch  Euler  angle  (deg) 


®CMG 

®FOV 


0 


HS 


e 


R 


9j^(max) 


®R 

X 


0 

max 


CMC  angular  error  (deg,  3(^ 

maximum  range  of  attitude  freedom  (full  FOV) 
required  to  track  specific  guide,  stars  over  a wide 
range  of  vehicle  motion  (deg) 

pitch  horizon  scanner  output  (deg) 

minimtim  required  system  pointing  accuracy  (deg,  3ct) 

maximum  of  0^^  , 0^^  , 0 (deg) 

X y 

required  system  pointing  accuracy  about  the  roll, 
pitch  and  yaw  axes  (deg,  3cr) 

largest  maneuver  angle,  (deg) 


0 

S 

9 

X 

9 

e 

0 

^b 

0 

"sf 

®CMG 


pitch  horizon  scanner,  error  (deg,  3ct) 

total  pointing  error  for  a yaw  spin  vehicle  (deg,  3cr) 

total  system  attitude  error  for  a CMG  system 
(deg,  3a) 

gyro  bias  drift  error  (deg,  3a) 

gyro  scale  factor  error  (deg,  3a) 

CMG  angular  rate  error  (deg/sec,  3a) 
gyro  drift  rate  (same  as  gj^)  (deg/sec,  3a) 
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NOMENCLATURE  (Continued) 

^ ’ ®R  ’ 

X y z 

required  system  rate  accuracy  about  the  roll,  pitch 
and  yaw  axes  (deg/sec,  3a) 

0gT(j^3-X) 

maximum  vehicle  rate  at  which  star  information 
must  be  obtained  (deg/sec) 

9 

avg 

average  body  rate  for  low  orbit  during  the  period 
when  high  accuracy  is  required  (deg/sec) 

gyro  bias  drift  rate  (deg/sec,  3a) 

9 

max 

maximum  maneuve r rate  (deg/sec) 

0 

o 

maximum  initial  rate,,  assumed  to  be  the  same  on 
all  axes  (deg/sec) 

0 

X 

rate  error  about  the  roll  axis  in  the  yaw  spin 
configuration  (deg/sec  , 3a) 

9 (max),  9 jmax), 

X.  y 

6 ^(max) 

maximum  maneuver  rates  about  the  roll,  pitch 
and  yaw  axes  (deg/sec,  3c^ 

9 

e 

total  system  rate  error  for  a CMC  system 
(deg/sec,  3a) 

Section  4 

2 

effective  flow  area  (in  ) 

F . 
min 

minimum-  blowdown  thrust  (lb) 

■t 

total  impulse  (lb- sec) 

MR 

mixture  ratio  (lb  oxidize  r/lb  fuel) 

P 

reg 

regulator  set  pressure  (psia) 

"■ti 

thruster  inlet  pressure  (psia) 

R 

flow  resistance  (sec  /in-lb) 

N-13 

NOMENCLATURE.  (Continued) 


V 

*2 

propellant  volumes  (in  ) 

V 

pr 

regulated  pressurant  volume  (in  ) 

^prt 

pressurant  tank  volume  (in  ) 

Wf 

fuel  weight  (lb) 

W 

o 

oxidizer  weight  (lb) 

W 

P 

propellant  weight  (lb) 

w 

pr 

pressurant  weight  (lb) 

filter  pressure  drop  (psi) 

AP. 

ISO 

isolation  valve  pressure  drop  (psi) 

APj 

line  pressure  drop  (psia) 

U) 

flow  rate  (lb /sec) 

U) 

pr 

maximum  flow  rate  (lb/ sec) 

P 

propellant  density  (lb /in  ) 

Section  6 

B 

10  log  bandwidth  (Hz)  (dBW) 

D 

diameter  of  the  antenna  parabola  (ft) 

ERP 

effective  radiated  power  (dBW) 

F 

frequency  (MHz) 

^R 

ground  receiving  (downlink)  antenna  gain  (dB) 

G/T 

gain- to- temperature  ratio  of  receiving  system  (dBW) 

antenna  gain  (dB) 

N-14 


NOMENCLiATURJE  {Continued) 


K 

L 

M 


NF 


dB 


S 


SB 

S/N 


T 


X 


Section  7 
A 


h 

e 


h 

P 


Bo’ltzman's  constant  (-228.  6 dBW/Hz/°K) 

other  losses  (dBW) 

margin  (dBW) 

noise  figure  (dB) 

transmitter  power  (watts) 

transmission  range  (m) 

space  loss  (dBW) 

signal-to-noise  ratio  (dBW) 

system  noise  temperature  (°K) 

wavelength  (m) 

2 

array  area  (m  ) 

capacity  required  at  end  of  mission  (amp-hr) 
capacity  of  selected  cells  (amp-hr) 

minimum  installed  battery  capacity  required  (amp-hr) 

minimum  required  capacity  (amp-hr) 

total  actual  installed  capacity  (amp-hr) 

array  sizing  factor  (dimensionless) 

2 

array  weight  factor  (kg/m  ) 
earth  radius  (km) 
orbit  perigee  (km) 
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NOMENCLATURE  (Continued) 


CH 


N 


B 


N, 


N, 


CD 


CH 


D 


DD 


Lmin 


LR 


LRD 


max 


SRD 


'FD 


S 

S 


charge  current  delivered. by  regulator  (amps) 
battery  packing  factor  (dimensionless) 
battery  structure  weight  factor  (dimensionless) 
number  of  batteries  required  in  parallel 

number  of  cells  in  series 

number  of  discharge  regulators 

array  power  allocated  for  charging  (watts) 

power  dissipated  by  charger  (watts) 

battery  recharge  power  (watts) 

battery  discharge  power  during  eclipse  (watts) 

power  dissipated  by  discharge  regulator  (watts) 

average  load  power  (watts) 

minimum  load  power  (watts) 

array  power  allocated  to  the  load  (watts) 

power  dissipated  by  load  regvdator  (watts) 

maxim tim  array  power  (watts) 

EOL  array  output  (watts)' 

power  dissipated  by  shunt  regulator  (watts) 

battery  temperature  degradation  factor 
(dimensionless) 

average  solar  intensity  (1353  W/m^) 
angular  size  of  earth's  shadow  (radians) 


N-16 


NOMENCLATURE  (Continued! 


E 


V 


BM 


BT 


V, 


cell 


DB 


W 


W 


B 


W 


BT 


W 


cell 


M 


R 


^C 

"CA 


eclipse  period  (hr) 

sunlight  period  (hr) 

unit  battery  voliime  (m.  ) 

minimum  allowable  battery  voltage  (V  dc) 

"3 

total  battery  volume  (m  ) 

minimum  allowable  cell  voltage  (V  dc) 

volume  of  each  cell  (m  ) 

average  battery  discharge  voltage  (volts) 

array  weight  (kg) 

unit  battery  weight  (kg) 

total  battery  weight  (kg) 

weight  of  each  cell  (kg) 

coverglass  and  coverglass  adhesive  transmissivity 
loss  factor  (dimensionless) 

array  fabrication  loss  factor  (dimensionless) 

miscellaneous  loss  factor  (dimensionless) 

radiation  degradation  factor  (dimensionless) 

temperature  adjustment  factor  (dimensionless) 

charge  regulator  efficiency  (dimensionless) 

battery  amp-hr  charge  efficiency  (dimensionless) 
discharge  regulator  efficiency  (dimensionless) 


NOMENCLATURE  (Continued) 


Tl . 


'LR 


Tl 


R 


D 


^DM 


Section  8 
O' 

e 


battery  watt-hr  charge  efficiency  (dimensionless) 

solar  cell  efficiency,  at  28°C,  AMO  illumination 
(dimensionless) 

load  regulator  efficiency  (dimensionless) 

power  distribution  loss  factor  (array  to  loads) 
(dimensionless) 

average  depth  of  discharge  (at  end  of  discharge) 
maximum  depth  of  discharge  (dimensionless) 
array  orientation  factor  (dimensionless) 
solar  array  packing  factor  (dimensionless) 

solar  absorptivity  of  the  surface  (dimensionless)  - 
emissivity  of  the  surface  (dimensionless) 


Section  9 

EQWT 

K 

L/D 


equipment  weight  carried  by  the  structure  (lb) 

density  coefficient  (dimensionless) 

length /diameter  ratio  of  the  structural  shape 
(dimensionless) 


Section  10 


A 

s 

a 


2 

frame  stiffener  area  (in  ) 
longitudinal  stiffener  area  (in^) 
frame  spacing  (in.) 
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NOMENCLiATURE  (Continued) 


b 


b 

s 


c 

a 


c 

e 


D 

F 

f 

k 

c 

h 

i 

e 

M 

M 

a 

N 

P 

P 

a 

R 


r 


longitudinal  stringer  spacing  (in.) 

frame  cross-section  height  (in.) 

stringer  cross-section  height  (in.) 

number  of  "g"  accelerations  in  axial  direction 

number  of  ”g"  accelerations  in  lateral  direction 

cylinder  diameter  (in.) 

total  force  on  end  cover  or  midsection  bulkhead  (lb) 

proportion  of  satellite  weight  on  end  covers  or  mid- 
section bulkhead  (dimensionless) 

area  moment  of  frame  stiffener  (in^) 

correction  factor  for  critical  stress  (dimensionless) 

systems  equipment  bay  length  (in.) 

mission  equipment  bay  or  solar  array  extension 
boom  length  (in.) 

applied  moment  to  systems  equipment  bay  (in.  - lb) 
applied  moment  to  center  line  extension  boom  (in.  - lb) 
applied  moment  to  lateral  extension  boom  (in. -lb) 
stress  resultant  (Ib/in.) 

axial  load  applied  to  systems  equipment  bay  (lb) 
axial  load  applied  to  center  line  extension  boom  (lb) 
cylinder  radius  (in. ) 
extension  boom  radius  (in.) 
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NOMENCLATURE  -(Continued) 


t. 

1 


t 

m 

t 

s 

t 

•W 

W 


W 

e 


w 


Z 


L 


a 

P 


u 

(U 


e 


ratio  of  stringer  height  and  stringer  spacing 

ratio  of  stringer  thickness  and  skin  thickness 

lateral  shear  load  applied  to  systems  equipment  bay  (lb) 

skin  thickness  of  stiffened  shell  (in.) 

equivalent  thickness  of  stiffened  shell  (in. ) 

aft  cover  thickness  (in.) 

forward  coverthickness  (in.) 

frame  stiffener  thickness  (in.) 

midsection  bulldiead  thickness  (in.) 

monocoque  shell  thickness  (in. ) 

longitudinal  stiffener  thickness  (in.) 

tubular  wall  thickness  of  extension  boom  (in.) 

total  satellite  weight  (lb) 

mission  equipment  weight  (lb) 

width  of  systems  equipment  bay  box  structure  (in. ) 

curvature  parameter  of  monocoque  cylinder 
(dimensionless) 

panel  efficiency  coefficient  (dimensionless) 

critical  stress  correction  factor  for  combined 
bending  and  axial  compression  of  plates 

Poisson's  ratio,  (dimensionless) 

uniform  load  on  midsection  bulkhead  (psi) 
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NOMENCLATURE  (Continued) 


P 


Pf 


• a 

3 

cr 

w 

a 

Y 

Section  11 
Pj3(t) 

P(M) 

Pr(k) 

P(X) 

Q 

q 


material  weight  density  (Ib/in  ) 

frame  stiffener  radius  of  gyration  (in.) 

radius  of  gyration  per  unit  width  of  stiffened  panel 
(dimensionless) 

solidity  (dimensionless) 

applied  stress  (psi) 

optimxim  stress  (psi) 

critical  stress  for  monocoque  plate  (psi) 
critical  stress  for  monocoque  shell  (psi) 
critical  stress  for  stiffened  panel  (psi) 
critical  stress  for  longitudinal  stringer  (psi) 
critical  stress  for  tubular  wall  (psi) 
yield  stress  (psi) 

probability  of  detection  (dimensionless) 

probability  that  the  monitoring  system  is  function- 
ing properly  at  the  time  of  the  failure  (dimensionless) 

probability  that  module  L is  in  the  kth  operability 
state  (dimensionless) 

probability  that  the  out-of-specification  parameter 
was  monitored  by  the  failure  detection  system 
subsequent  to  the  failure  (dimensionless) 

effective  dormancy  factor  (dimensionless) 

dormancy  factor  (dimensionless) 
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NOMENCLATURE  (Continued) 


R[L,  T(I)] 
R [T(I)] 

S 

R(t) 

t 

X 

X 


Mx 


X 


|Jt 

2 

a 


reliability  of  rnodule  L at  time  T (I)  (dimensionless) 

reliability  (probability  of  successful  operation  to 
time  t)  of  the  entire  monitoring  system  (dimensionless) 

reliability  of  a single  system  at  time  T (I)  (dimensionlessi 

spacecraft  reliability  function  (dimensionless) 

time  (sec) 

translated  failure  rate  (failures/sec) 

effective  active  failure  rate,  when  duty  cycled 
(failures  /sec) 

portion  of  the  monitoring  system  failure  rate 
which  is  linked  to  a false  indication  of  failure 
being  generated  by  the  sensor  (failures /sec) 

failure  rate  of  that  portion  of  the  monitoring 
. system  assigned  to  parameter  X,  one  of  n parameters 
monitored  (failures /sec) 

portion  of  the  switch  failure  rate  that  is  linked 
to  a change  of  state  without  a command  from  the 
monitor  subsystem  (failures /sec) 

mean  (sec) 

2, 

variance  (sec  ) 


Section  13 


A component  state-of-art  factor  (dimensionless) 

A^  subsystem  state-of-art  factor  (dimensionless) 

a constant  exponential  power  for  component 

development  lead  time  (dimensionless) 
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NOMENCLATURE  (Continued) 


C 


c 

o 


^1 


c 


Z 


^3 

^4 

^5 


d 


i 


k 

c 


k 


f 


n 


a 


direct  DDT&E  charges  allocated  by  component 
(dollars) 

base  value  component  costs  (dollars) 

subsystem  direct  DDT&E  cost  (dollars) 

base  value  subsystem  costs  (dollars) 

component  development  lead  time  constant  (months) 

component  qualification  lead  time  constant  (months) 

constant  multiplier  for  component  qualification 
(months  /dollar) 

subsystem  development  lead  time  constant  (months) 
subsystem  qualification  lead  time  constant  (months) 

constant  multiplier  for  subsystem  qualification 
(months  /dollar) 

constant  exponential  power  for  subsystem 
development  (dimensionless) 

ith  component  of  N components  (dimensionless) 

constant  for  component  type  (months /dollar) 

constant  which  depends  upon  the  extent  of  system 
testing  required  (dimensionless) 

average  redundancy  for  subsystem,  active  plus 
standby  strings  (dimensionless) 

constant  exponential  power  for  subsystem  develop- 
ment lead  time  (dimensionless) 
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GLOSSARY 


APS 

APT 

ATS' 

AVCS 

BEAU 

ecu 

CDPI 

CER 

CLER 

CMG 

COM 

DDT&E 

DEV 

DOD 

DPES 

DSCS-II 

DSP 

DTU 

ENG 

EO 

EOS 

ERP 

ERTS-A 

FOV 

FSK 

FV 


Auxiliary  Propulsion  Subsystem 
Automatic  Picture  Transmission 
Applications  Technology  Satellite 
Automatic  Vidi'eon  Camera  Subsystem 
Baseband  Assembly  Unit 
Central  Control  Unit 

Communications,  Data  Processing  and  Instrumentation 

Cost  Estimating  Relationship 

Clerical 

Control  Moment  Gyros 
Communications 

Design,  Development,  Test  and  Evaluation 

Development 

Department  of  Defense 

Data  Processing  Electronics  Subsystem 
Defense  Satellite  Communications  System-II 
Defense  Satellite  Program 
Digital  Telemetry  Unit 
Engineering 

Earth  Observation  Mission 

Earth  Observatory  Satellite 

Effective  Radiated  Power 

Earth  Resources  Technology  Satellite-A 

Field  of  View 

frequency  Shift  Key 

Number  of  Flights  Vehicles 


G-1 


G&A 

General  and  Administrative  Expense 

GRA 

Gyro  Reference  Assembly 

GSE 

Ground  Support  Equipment 

HEAO 

High  Energy  Astronomy  Observatory 

HLTWT 

High  Level  Traveling  Wave  Tube 

LST 

Large  Space  Telescope 

LUN 

Lunar  Mission 

LV/OP 

Local  Vertical /Orbit  Plane 

MDP 

Mission  Data  Processing 

ME 

Mass  Expulsion 

MEj^ 

Mission  Equipment  DDTStE  Cost 

ME^ 

Mission  Equipment  Average  Unit  Cost 

ME^ 

Mission  Equipment  Weight 

MFG 

Maniifacturing 

MMD 

Mean  Mission  Duration 

MUX 

Multiplexer 

NA 

Not  Available 

N CHOSE 

Vectors  Specifying  the  Equipment  Quantities 

OAO 

Orbiting  Astronomical  Observatory 

OGO. 

Orbiting  Geophysical  Observatory 

OSO-I 

Orbiting  Solar  Observatory -I 

OSR 

Optical  Surface  Reflectors 

PCM 

Phase  Change  Material 

PCU 

Po-wer  Control  Unit 

PEN 

Planetary  Mission 

PM 

Phase  Modulation 

PRN 

Pseudo  Random  Noise 

PSK 

Phase  Shift  Key 

QC 

Quality  Control 

QV 

Number  of  Qualification  Vehicles 

G-2 


RF 

RSS 

S&C 

SGLS 

TCS 

TDP 

TLG 


Radio  Frequency 

Root-Sum -Square 

Stabilization  and  Control 

Air  Force  Space  Groiand  Link  System 

Therm'al  Control  Subsystem 

Telemetry  Data  Processing 

Tooling 
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